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I, 


This  report  (which  is  divided  into  two  volumes  )  was  prepared  by 
the  General  Applied  Science  Laboratories,  Inc.,  Westbury,  New  York,  and 
represents  the  completion  of  work  performed  under  Contract  No.  AF  33  (6L6)- 
3956,  entitled  "Monocoque  Radome  Stress  Study.  "  The  contract  was  docu- 
rhented  Ifhder  Taok  41538  of  Project  4158,  "Radome  Technology  and  Components. 
The  contract  efforts  were  accomplished  under  the  cognizance  of  the  Electronic' 
Technology  Laboratory,  Wright  Air  Development  Division  (formerly  Wright 
Air  Development  Center),  with  the  technical  v;^ork  directed  by  James  Dickinson 
and  Lt.  M,  P.  Davis,  Jr.,  in  turn  as  task  engineers.  The  period  covered  by 
the  contract  was  8  January  1957  to  16  January  1960, 

The  material  presented  In  Volumes  I  and  II  has  appeared  in  Scien¬ 
tific  Reports  Nos.  1  through  17  which  were  prepared  by  GASL  under  this 
contract.  The  authors  of  the  various  parts  in  this  final  report  have  also 
prepared  the  corresponding  scientific  reports. 

The  Director  of  Aerodynamic  Research  for  GASL  is  Dr.  Antonio 
Ferri  and  the  Director  of  Structural  Analysis  is  Dr.  Lee  Arnold.  The  project 
engineers  were  Mr.  Robert  W.  Byrne  and  Dr.  Simon  Slutsky. 

Harold  S.  Pergament 
Simon  Slutsky 


WADD  TR 


11 


ABSTRACT 


An  analysis  of  the  aerodynamic  2uid  stress  problems  encountered  in  the 
design  of  radonie  shells  is  presented. 

Volume  I  discusses  the  aerodynamics  with  special  emphasis  on  the  calcu¬ 
lation  and  reduction  of  heat  transfer  to  the  radome.  Results  are  shown  for  Mach 
numbers  .p  to  7  and  altitudes  to  150,  000  feet.  A  chapter  on  shock  layer  ionization 
is  also  included  in  which  the  flow  field  about  a  typical  radome  configuration  is 
studied  for  Mach  numbers  of  15  and  20  at  altitudes  of  150,  000  and  200,  000  feet. 

In  Volume  II,  the  structural  analysis  is  presented  for  axisymmetric  radomes 
treating  both  homogeneous  isotropic  construction  and  sandwich  construction.  A 
description  is  given  of  numerical  and  programming  techniques  employed  in  the 
IBM  704  digital  program  prepared  for  homogeneous  isotropic  cones  and  ogives, 
Including  the  central  boom  configuration  for  the  truncated  conical  radome.  An 
analysis  is  presented  of  thermal  stresses  in  closed  spherical  shells  of  arbitrary 
thickness  using  the  exact  mathematical  formulation  of  the  theory  of  elasticity, 
thereby  giving  us  a  means  of  eventual  evaluation  of  the  thermal  stresses  at  the 
stagnation  point  region  of  a  radome  with  a  rounded  nose  of  small  thickness  to 
radius  ratio.  A  discussion  is  also  presented  for  the  truncation  error  growth  of 
the  heat  conduction  programs  to  be  used  for  the  thermal  loadings  on  the  radomes. 

PUBLICATION  REVIEW 

The  publication  of  this  report  does  not  constitute  approval  by  the  Air  Force 
of  the  findings  or  conclusions  contained  herein.  It  is  published  only  for  the  ex¬ 
change  and  stimulation  of  ideas 
FOR  THE  COMMANDER: 


W.S.  HEAVER 
Colonel.  USAF 

Chief,  Reconnaissance  Laboratory 
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INTRODUCTION 


The  purpose  of  this  report  is  to  investigate  and  evaluate  the  aerodynamic 
and  stress  problems  encovuitered  in  the  design  of  radome  shells. 

In  Volume  I,  the  aerodynamic  analysis  is  presented.  Three  areas  of 
interest  are  discussed;  these  are:  (1)  methods  of  determining  heat  transfer, 

(2)  cooling  techniques,  and  (3)  the  effects  of  ionization  in  the  shock  layer. 

The  importance  of  calculating  the  heat  transfer  rate  is  twofold: 
first,  it  serves  as  input  to  the  heat  conduction  equation  (which  must  be  solved 
in  order  to  determine  the  temperature  distribution  through  the  shell),  and 
second,  the  design  of  a  cooling  system  depends  upon  a  knowledge  of  the  heat 
flux  into  the  uncooled  body. 

In  the  chapter  on  cooling  techniques,  a  variety  of  schemes  has  been 
investigated.  Among  these  are  mass  Injection  through  slots  and  porous 
materials,  and  the  use  of  a  spike  in  front  of  the  body  to  reduce  the  surface 
temperature.  It  should  be  pointed  out  that  although  the  methods  considered 
here  are  applicable  to  flight  at  very  high  Mach  numbers  (approximately  20), 
the  emphasis  has  been  on  flight  up  to  Mach  7  and  150,  000  feet. 

If  the  flow  field  about  a  body  is  ionized,  the  problem  of  signal  attenuation 
becomes  Important  and  the  properties  of  the  ionized  flow  (or  plasma  sheath) 
must  be  determined.  In  Chapter  III,  the  flow  about  a  typical  radome  con¬ 
figuration  is  studied  for  free  stream  Mach  numbers  of  15  and  20  at  altitudes 
of  150, 000  and  200,  000  feet. 

Manuscript  released  by  authors  on  13  January  i960  for  publication  as  a  iVADD 
Technical  Oefort. 
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In  Volume  II.  the  structural  analysis  is  presented  for  axisymmetric 
radotaes  treating  both  homogeneous  isotropic  construction  and  sandwich 
construction.  A  description  is  given  of  numerical  and  programming 
techniqviea  employed  in  the  IBM  704  digital  program  prepared  for  homogeneous 
isotropic  cones  and  ogives,  including  the  central  boom  configuration  for  the 
truncated  conical  radome.  An  analysis  is  presented  of  thermal  stresses  in 
closed  spherical  shells  of  arbitrary  thickness  using  the  exact  mathematical 
formulation  of  the  theory  of  elasticity,  thereby  giving  us  a  means  of  eventual 
evaluation  of  the  thermal  stresses  at  the  stagnation  point  region  of  a  radome 
with  a  rounded  nose  of  small  thickness  to  radius  ratio.  A  discussion  is  also 
presented  for  the  truncation  error  growth  of  the  heat  conduction  programs  to 
be  used  for  the  thermal  loadings  on  the  radomes. 


VADD  TR  59-22 


2 


VrtDD  TR  59-?2 


3 


A.  GENERAL  DISCUSSION  OF  AERODYNAMIC  PROBLEMS  * 


Aerodynaxnic  information  required  for  the  structural  design  of 
radomes  consists  primarily  of  pressure  distributions  and  heat  inputs  to  the 
surface.  Surface  shear  stresses  may  also  be  important  for  erosion  studies. 

The  external  pressures  form  Uie  basis  of  the  mechanical  loads,  being 

supplemented  by  the  Internal  pressures,  inertia  loads  due  to  acceleration, 

and  transient  loads  due  to  vdnds  or  blasts.  The  external  pressure  distribution 

is  also  part  of  the  basic  Information  required  for  estimating  heat  inputs. 

In  this  regard  Prandtl's  well-known  boundary  layer  concept  is  recalled. 

According  to  this  concept  the  explicit  effects  of  transport  properties,  i.  e.  , 

viscosity,  conductivity  and  diffusion,  are  confined  to  a  thin  boundary  layer 

near  the  surface  under  "usual"  conditions.  For  present  purposes,  it  is 

sufficient  to  remark  that  "usual"  conditions  involve  Reynolds  numbers  which 

are  not  very  low,  radii  of  curvature  which  are  much  larger  than  the  boundary 

layer  thickness  and  continuum  or  near -continuum  behavior  of  the  air 

(Reference  1)  ,  The  lower  bound  of  the  Reynolds  number  is  of  particular 

interest  In  the  tip  region  of  sharp  or  slightly  blunted  bodies  in  hypersonic 

flow  (References  2  and  3),  where  low  Reynolds  numbers  are  associated  with 

low  densities  and  small  tip  dimensions  rather  than  with  low  velocities.  It 

appears  that  the  distinction  between  viscous  and  inviscid  flow  regimes  la 

*  Most  of  the  material  in  this  part  has  been  taken  from  GA3L  Scientific 
Report  No.  6  by  Dr.  Martin  H.  Bloom. 
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applicable  at  much  lower  Reynolds  numbers  than  was  originally  expected. 
However,  consideration  must  be  given  even  to  the  minute  bluntness  of 
supposedly  sharp  tips  when  slender  bodies  are  studied. 

Using  the  Prandtl  concept,  the  flow  properties  such  as  pressure  and 
velocity  outside  the  boundary  layer  may  be  determined  theoretically  or 
experimentally  by  neglecting  the  explicit  presence  of  transport  properties, 
and  in  a  first  approximation  the  displacement  effect  of  the  boundary  layer. 
Because  of  the  approximately  parallel  nature  of  the  boundary  layer  flow, 
the  pressure  variation  along  surface -normals  within  the  layer  is  negligible 
and  the  local  invlscld  pressure  is  transmitted  to  the  surface  unchanged.  If 
the  boundary  layer  displacement  due  to  mass  defect  becomes  significant,  it 
may  be  treated  as  an  alteration  of  the  effective  body  shape  and  an  iteration 
procedure  used  to  determine  the  changed  inviscid  flow  properties. 

The  known  inviscid  flow  properties  are  used  as  boundary  conditions 
for  the  determination  of  the  boundary  layer  transport  phenomena,  such  as 
the  heat  flux. 

It  is  advisable  here  to  point  out  two  effects  which  are  encountered  in 
hypersonic  flow  around  thin  (two-dimensional)  and  slender  (three-dimensional) 
bodies.  The  first  concerns  the  fact  that  in  the  tip  region  measured  pressures 
may  be  higher  than  those  expected  on  the  basis  of  conventional  analysis;  on 
wedges  and  cones  they  may  be  as  much  as  70  or  80%  higher,  'this  has  been 
explained  to  some  extent  by  recognizing  that  all  sharp  tips  are  somewhat  blunt 
and  must  be  so  treated  under  certain  hypersonic  conditions.  Moreover,  it  is 


seen  that  rapid  boundary  layer  growth  leads  to  a  further  effective  bluntii|>g  of 
the  tip.  This  blunting  engenders  detachment  of  the  bow  shock  and  increaived 
tip  pressures.  The  zone  of  influence  of  the  induced  pressure-rise  decays 
rather  sharply  on  non-slender  bodies  and  decreases  with  increases  in  the 
initial  angle.  It  will  not  be  important  in  the  radome  noses  of  interest  here, 
but  may  be  important  in  future  cases.  Tests  in  helium  at  Mach  16  to  18 
(Reference  4]  have  indicated  virtually  no  pressure  difference  from  the 
classical  Invlscid  value  on  a  10°  half-angle  cone,  whereas  a  5*^  half-angle 
cone  showed  a  20%  rise. 

A  second  effect  attributable  to  severe  boundary  layer  thickening 
concerns  the  changes  in  flow  properties  along  the  downstream  surfaces  of 
slender  bodies  and  the  increased  importance  of  the  transverse  body  curvature. 
For  example,  multiples  of  the  usual  skin  friction  values  have  been  estimated 
on  such  surfaces  under  high  altitude  conditions  (Reference  2).  Although  this 
factor  will  not  affect  the  radome  surfaces  under  consideration  here,  it  may 
be  of  significance  for  radomes  on  lateral  surfaces. 

More  generally  we  see  that  nose- radome  shapes  which  are  suitable 
from  an  optical  standpoint  are  relatively  well-behaved  from  the  standpoint 
of  aerodynamic  analysis.  Shapes  of  interest  consist  of  pointed  or  blunted 
bodies  of  revolution  with  length-to-diameter  ratios  on  the  order  of  1  to  5. 
Concavities,  abrupt  changes  in  curvature,  and  departures  from  axial 
symmetry  are  usually  absent.  The  pressures  generally  decrease  monotonically 
from  a  maximum  value  at  the  stagnation  point,  i.e.  ,  "favorable"  pressure 
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gradients  exist,  and  boundary  layer  separation  is  not  encountered.  In  fact, 
on  common  sharp-nosed  shapes  such  as  tangent  ogives  with  attached  shocks 
at  zero  incidence,  the  pressure  decreases  almost  linearly  in  the  streamwise 
direction  (Reference  6). 

In  the  portion  of  an  axially  symmetric  or  two-dimensional  flow  field 
which  is  purely  supersonic,  as  is  the  case  for  most  sharp  nose-radomes  at 
moderate  supersonic  Mach  numbers,  a  powerful  tool,,  the  method  of 
characteristics  (Reference  ?).  is  available  for  a  very  accurate  calculation 
of  the  inviscid  flow  properties.  However,  this  method  involves  a  rather 
unwieldy  step-by-step  numerical  procedure  and  cannot  be  used  directly  for 
true  three-dimensional  problems.  As  a  result,  numerous  approximate 
methods  have  been  developed,  each  having  advantages  and  disadvantages  in 
various  flight  regimes  and  for  various  body  shapes.  Furthermore,  the  advent 
of  very  high  speeds  has  made  necessary  the  use  of  noses  which  are  blunt  to 
some  extent  in  order  to  provide  cooling  relief  in  the  body  and  a  decrease  in 
the  heat  flux  rates  into  the  body.  It  has  been  found  that  a  degree  of  blunting 
can  be  applied  to  a  body  of  revoltuion  without  necessarily  increasing  the  drag 
(Reference  8).  This  blunting  results  in  detachment  of  the  bow  shock  and  in  the 
formation  of  a  subsonic  region  of  flow  in  the  stagnation  region.  For  spherical 
bluntnesB  the  subsonic  region  extends  approximately  to  the  point  6  =  50°, 
where  (i  is  the  angle  between  the  flight  direction  and  the  local  surface  tangent. 
Only  recently  have  relatively  precise  methods  emerged  for  the  calculation  of 
such  flow  (References  2,  9  and  10).  At  present  they  arc  being  extended  to  the 
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case  of  non- zero  angle  of  attack  and  are  being  utilized  to  treat  flat  and  even 
concave  noses.  Prior  to  this,  semi- empirical  procedures  were  used  to  treat 
the  detached- shock  flo^tr  field;  one  such  method,  the  "modified  Newtonian" 
method  for  estimating  pressures  (Reference  11]  is  cited  here  because  of  its 
degree  of  success  under  a  variety  of  conditions,  and  Us  sim^dlcity.  It  may  be 
expressed  in  the  form 

{p-Pf)/(pa"Pf)  =  ® 

where 

p  =  local  pressure 

P£  =  undisturbed  ambient  pressure 

Pg  =  maximum  pressure  on  the  body,  say  the  stagnation 
pressure  behind  a  normal  shock  wave 
0  =  local  flow  deflection  angle;  the  angle  between  the 

flight  direction  and  the  local  surface  tangent 
This  formula  provides  a  good  idea  of  the  pressure  distributions  on 
blunt  bodies  for  Mach  numbers  above  2  at  zero  and  non-zero  angles  of  attack 
(Reference  12)  although  its  accuracy  is  diminished  for  &  <40°.  It  can  also 
be  used  to  some  extent  on  sharp-nosed  bodies  (Reference  6). 

The  importance  of  convenience  fur  engineering  calculations  has  been 
implied  in  the  foregoing  discussion  and  parts  C  and  D  give  recommended 
procedures  for  the  calculation  of  pressure  distiTbutions  on  a  number  of 
different  body  shapes,  for  both  zero  and  small  angles  of  attack. 
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It  may  be  pointed  out  here  that  in  many  circiunetances  the  pressure 
distributions  over  noses  must  be  known  with  greater  accuracy  for  the  com¬ 
putation  of  heat  transfer  rates  than  for  the  evaluation  of  structural  loads. 

This  is  particularly  true  in  the  stagnation  regime  of  blunt  bodies  where  the 
heat  flux  is  proportional  to  the  square  root  of  the  velocity  gradient,  which 
in  turn  is  proportional  to  the  pressure  gradient. 

Once  the  pi-eaeure  distribution  over  a  body  is  known  the  inviscid 
velocity  distribution  can  usually  be  determined  readily  by  well-known 
relations  of  fluid  mechanics. 

Heat  Transfer 

The  range  of  flight  conditions  for  which  a  radome  must  operate  is 
well-known,  and  the  effect  of  large  heat  transfer  rates,  developed  in  this 
flight  regime,  on  the  structural  design  is  now  familiar.  A  discussion  of 
astronautical  radome  problems  has  been  given  by  Behrens  (Reference  5). 

Bloom,  several  years  ago,  prepared  a  detailed  compilation  of  heat 
transfer  formulas  and  data  to  be  used  in  aeronautical  applications 
(Reference  15).  This  has  been  brought  up  to  date  in  a  monograph  which 
appears  in  AGARDograph  28  (Reference  16).  Recommended  design  procedures 
for  nose-radome  applications  have  been  set  forth  in  parts  D  and  E  of  this 
section. 

It  may  be  noted  that  References  15  and  16  contain  extensive 
bibliographies.  In  fact.  Reference  16  lists  19  surveys  and  bibliographies 
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concerning  aerodynamic  heat  transfer.  Also  given  in  Reference  l6  is  a  brief 
description  of  the  various  modern  types  of  heat  transfer  test  facilities  now  in 
use  or  anticipated. 

Several  points  are  of  particvilar  interest  for  nose-radome  applications. 
It  is  recognized  that  there  are  several  modes  of  energy  transfer;  Conduction, 
diffusion  and  radiation.  Forced  convection  denotes  mechanically- enforced 
flviid  motion  which  permits  the  transport  properties  to  act  more  readily. 

The  nature  of  the  boundary  layer  flow,  i.  e. ,  whether  it  is  laminar  or  turbulent 
is  of  extreme  importance  since  the  skin  friction  and  heat  transfer  values  in  the 
two  cases  are  quite  different.  At  present,  our  inability  to  predict  with 
reliability  the  conditions  for  the  onset  of  turbulence  forms  the  weak  link  in 
our  chain  of  engineering  estimates.  Low  speed  flow  over  smooth  plates  have 
remained  laminar  at  local  Reynolds  numbers  up  to  3  to  5  million.  A  criterion 
which  has  been  used  on  blunt  bodies  is  that  laminar  flow  can  be  expected  in 
the  stagnation  region  at  least  up  to  the  point  where  the  local  Reynolds  number 
based  on  the  momentum  thickness  (a  boimdary  layer  parameter  indicating 
momentum  defect)  as  a  reference  length,  does  not  exceed  150.  It  has  been 
found  also  that  the  acceleration  or  deceleration  of  the  body  may  have  a  strong 
influence  on  triggering  the  transition  from  laminar  to  turbulent  flow. 

Extensive  reviews  of  transition  information  have  been  given  in  References  18 
and  19.  For  design  purposes,  estimates  based  on  completely  laminar  and 
completely  turbulent  flow  may  be  made.  A  transition  point  or  region  can  be 
chosen  on  the  basis  of  a  reasonable  guess,  preferably  based  on  data  taken 
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under  similar  circumstances. 

The  actual  formulas  used  for  predicting  heat  rates  are  given  in  parts 
D  and  £  of  this  section.  Some  of  the  ideas  behind  the  procedures  recommended 
for  radome  surfaces  will  be  discussed  now. 

On  sharp-nosed  bodies  with  attached  shocks,  it  will  be  foujud  tliat  the 
pressure  variations  are  relatively  small.  Therefore,  heat  rates  can  be  given 
with  a  good  approximation  by  evaluating  locally  what  will  be  termed  a  "flat 
plate"  formula,  that  is,  one  derived  under  zero  pressure  gradient  conditions. 
This  procedure  is  suitable  for  both  laminar  and  turbulent  flows,  A  numerical 
coefficient  must  be  adjusted  to  take  into  account  the  approximate  conical 
nature  of  the  flow  near  the  tip.  Conical  heat  rates  are  larger  than  the 
corresponding  two-dimensional  values  by  a  factor  of  V  3  in  laminar  flow 
and  by  about  1.15  in  turbulent  flow. 

On  blunt  bodies  above  Mach  2  or  3  a  very  convenient  formula  for 
laminar  flow  developed  by  Lees  (References  20  and  21)  can  be  used.  This 
gives  the  ratio  of  heat  flux  at  a  point  along  the  body  to  the  stagnation  point 
value.  For  engineering  purposes,  the  stagnation  point  value  can  be  repre¬ 
sented  for  air  by  the  following  simple  relation  which  is  valid  even  at  hyper¬ 
sonic  speeds  where  the  effects  of  air  dissociation  are  taken  into  account. 

T/  2  t  ^w 

qo  =  2.2(^f/rJ  Uf  (1-f^)  (2) 
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where 

q^j  =  heat  flux  (Btu/ft^-sec) 

■  ambient  deneity  (alugs/ft^) 

Tq  =  radius  of  curvature  at  the  stagnation  point  (ft) 

uf  =  flight  speed  (ft/sec) 

h^/hg  =  ratio  of  enthalpy  at  the  surface  to  the  stagnation  2 

enthalpy  of  flight  (for  hypersonic  conditions  hg^es  U£  /2 
and  the  ratio  le  negligible) 

For  flat-faced  bodies  the  value  given  in  Equation  (2)  must  be  modified 
by  multiplying  it  by  the  square  root  of  the  ratio  of  the  actual  velocity  gradient 
to  the  spherical-nose  stagnation  value.  Again  it  is  pointed  out  that  the  explicit 
influence  of  dissociation  on  the  stagnation  point  heat  transfer  rate  Is  a 
secondary  one,  and  need  not  appear  in  the  preliminary  estimates. 

In  laminar  flow  over  blunt  bodies,  the  maximum  heat  flux  occurs  in 
the  stagnation  region  and  drops  off  drastically  as  the  flow  accelerates  over  the 
body,  If  the  flow  becomes  turbulent,  the  heat  flux  increases  considerably 
outside  the  stagnation  region  (the  flow  in  the  stagnation  region  is  expected  to 
remain  laminar  because  of  the  low  velocity  and  small  boundary  layer  thickness 
there)  and  may  rise  to  as  much  as  2  or  3  times  the  stagnation  value  as  the  flow 
accelerates  to  sonic  velocity.  The  peak  turbulent  heating  occurs  in  the 
neighborhood  of  the  sonic  region. 

In  turbulent  flow  over  blunt  bodies,  when  the  flow  density  at  the 
surface  is  high  relative  to  the  local  inviacid  density,  it  has  been  determined  by 


experiments  (Reference  22)  that  the  heat  flux  data  is  represented  well  by  a 
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local  evaluation  of  a  "flat  plate"  formula.  Since  tlie  density  ratio  is  inversely 
propprtioiial  to  the  corresponding  ratio  of  surface  temperature  to  local 
inviscid  temperature,  the  temperature  ratio  will  be  small.  This  is  the  case 
in  hypersonic  flow.  Actually,  it  appears  that  the  flat  plate  relation  applies 
even  when  the  temperature  ratio  is  as  large  as  0.  5,  which  may  be  the  case  in 
low  supersonic  flow.  This  represents  an  important  simplification  of  the 
iurbulcnt  convective  heat  trauBier  problem.  The  charts  presented  later  in  this 
section  make  use  of  this. 

It  should  be  pointed  out  that  the  effects  of  radiation  heat  transfer  from 
a  high  temperature  surface  can  serve  to  alleviate  strongly  the  net  heat  flux 
to  the  surface.  The  radiation  heat  loss  is  proportional  to  the  fourth  power  of 
the  surface  temperature  according  to  well-known  relations. 

The  effect  of  radiant  heat  transfer  to  the  surface  from  ionized  gases 
in  the  boundary  layer  or  the  ionosphere  has  roceived  attention  lately 
(References  21,  23,  24  and  25).  For  ballistic  missiles  and  trajectories 
decaying  from  a  circular  satellite  orbit  the  stagnation- region  equilibrium 
radiative  heat  rates  are  quite  small.  However,  for  vertical  reentry  at 
initial  velocities  on  the  order  of  35,  000  ft/sec  the  radiation  heat  transfer 
may  become  large  and  even  dominate  the  convective  heat  rate.  It  may  be 
noted  that  the  radiative  heat  rate  is  approximately  proportional  to  the  12th 
power  of  the  flight  velocity,  the  3/2  power  of  the  ambient  density  and  the 
first  power  of  the  nose  radius. 
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For  computing  heat  rates  to  blunt  bodies  of  revolution  at  angles  of 
attack  an  engineering  approach  has  been  suggested  in  part  jJ  ^Lcc;ordlng  to  a 
procedure  used  at  the  General  Electric  Company's  Missile  and  Space  Vehicle 
Department.  More  rigorous  procedures  have  been  recently  developed  for 
this  case  (Reference  26)  based  on  the  assuniption  that  for  well-behaved  bodies 
(whose  curvatures  in  tangent  planes  are  not  large)  the  boundary  layer 
characteristics  can  be  computed  in  a  two-dimensional  lasnion  along  planes 
normal  to  the  surface  and  passing  through  the  invlscid  streamlines.  Additional 
work  concerning  blunt  body  pressure  distributions  and  heat  transfer  at  zero 
and  non-zero  angle,  may  be  found  in  References  13  and  14’. 

A  word  can  be  said  of  transient  effects  such  as  those  generated  by 
blast  waves.  It  can  be  suggested  that  in  this  case  a  series  of  instantaneous 
steady  states  can  be  considered  over  the  entire  body  with  only  the  ambient 
conditions  changing  with  time.  That  is,  the  explicit  effects  of  the  time 
variations  can  be  neglected  in  a  first  approximation  and  a  quasi- steady 
approach  used.  Confidence  in  this  procedure  is  engendered,  for  example, 
by  the  rapid  adjustment  of  low  fields  to  steady  conditions  in  shock  tubes  where 
testing  flow  durations  are  on  the  order  of  a  millisecond  and  steady  flows  are 
achieved  on  small  models  in  times  on  the  order  of  microseconds. 

Estimates  of  mechanical  loads  and  heat  rates  under  extreme  non¬ 
continuum  conditions,  that  is,  in  the  free-molecule  regime,  which  exist  at 
very  high  altitudes  can  be  made  with  reasonable  confidence.  These  are  dis¬ 
cussed,  for  example,  in  P.eferenres  ?.7  and  28. 
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CHAPTER  I  -  PART  B 

METHOD  OF  CALCULATING  PRESSURE  DISTRIBUTIONS  OF 
VARIOUS  NOSE  SHAPES  AT  ZERO  ANGLE  OF  ATTACK  IN  THE 
RANGE  OF  MACH  NUMBERS  FROM  0.9  TO  7.0 

by  Erneat  D.  Kennedy 
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METHOD  OF  CALCULATING  PRESSURE  DISTRIBUTIONS  OF 
VARIOUS  NO^  SHAPES  AT  ZERO  ANGLE  OF  ATTACK  IN  THE 
RANGE  OF  MACH  N^BERS  FROM  0»9  to  7.  0 

SUMMARY 

Methods  are  given  for  calculating  pressures  on  noses  of  various 
shapes  in  the  range  of  Mach  number  from  transonic  to  M  =  7  at  zero 
angle  of  attack.  The  nose  shapes  considered  are  cones,  tangent  ogives, 
ellipsoids  and  paraboloids  of  revolution.  The  method  of  characteristics 
Is  not  considered  since  its  higher  accuracy  is  not  warranted  for  the  pur¬ 
pose  of  this  study.  The  methods  decided  upon  are  the  shock  expansion 
method,  the  modified  Newtonian  method,  the  von  Karman-Moore  linear¬ 
ized  theory  and  the  Lighthill  slender  body  theory.  The  regions  of  applic¬ 
ability  of  each  method,  established  by  comparison  with  either  character¬ 
istics  calculations  or  experimental  data,  are  given.  The  above  methods 
will  give  the  pressure  on  any  body  in  the  given  range  with  a  relatively 
small  amount  of  calculation. 
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1. 


INTRODUCTION 


The  purpose  of  this  study  was  to  determine  methods  of  calculating 
pressures  on  various  nose  shapes  in  the  transonic,  supersonic  and  hyper¬ 
sonic  regimes.  The  shapes  considered  were  cones,  tangent  ogives,  ellip¬ 
soids  and  paraboloids  of  revolution  at  angles  of  attack  from  0  to  45°  in  the 
Mach  ;var.iLbcr  raiigs  0.9  iu  7  and  fineness  ratios  from  u,  t  10.0. 

The  results  for  zero  angle  of  attack  are  reported  herein.  The  method  of 
characteristics  was  not  considered  since  there  are  alternate  methods  avail¬ 
able  which,  although  leas  accurate  in  certain  ranges,  entail  much  less 
computational  effort. 

The  range  of  Mach  numbers,  fineness  ratios  and  body  shapes  is 
sufficiently  wide  to  prevent  any  single  method  being  used.  However,  most 
of  the  required  results  may  be  obtained  from  the  modified  Newtonian  theory, 
the  shock  expansion  method,  the  linearized  supersonic  theory  of  von  Karman 
and  Moore  and  the  slender  body  theory  of  Lighthill.  Good  use  can  be  made 
of  the  hypersonic,  supersonic  and  transonic  similarity  rules  to  reduce 
calculations  for  certain  bodies.  The  accuracy  of  the  various  methods  is 
ascertained  by  comparison  with  the  characteristics  theory  or  experimental 
data. 
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2. 

SYMBOLS 

P 

static  pressure 

L/D 

fineness  ratio  (the  ratio  of  the  nose  length  to  its 
base  diameter) 

Mo 

Mach  number 

• 

1 

K«  ■  hypersonic  similarity  parameter  I 

*  1 

J-l  /  W  1 

Y 

ratio  of  specific  heats 

^  2 

Mq  P  dynamic  pressure 

AP. 

1 

.  o 

S 

Pressure  coefficient  ■  AP/q^ 

O 

slope  of  the  body 

U 

velocity 

cf 

velocity  potential 

S 

cross-sectional  area 

B 

1 

In 

natural  logarithm 

F(Cp)  =  Cp(L/D)*  -  ?  W  {~)  In  (L/D)*  ,  the  transonic  pressure  | 

parameter 

=  B^  (  —  )^  ,  transonic  similarity  parameter. 

D 

B  = 

■^M^-l  M>1 

Mg  M41 
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Prandtl-Meyer  angle 
Stagnation  pressure 

free  stream 
local 

two-dimensional 

maximum 

refers  to  conditions  at  the  tip  of  the  body  Immediately 
behind  the  shock 


OUTLINE  OF  THE  METHODS  OF  CALCULATION 


,  Shock  Expansion  Method 

This  method  is  based  on  the  observation  that  in  certain  cases, 
the  Mach  number  and  pressure  on  the  surface  of  a  body  of  revolution  can 
be  calculated  as  though  the  flow  downstream  of  the  nose  shock  were  two- 
dimensional.  The  method  req^-ires  ihal  the  nose  shock  ou  aicacnuo.  In 
Ref.  1  it  is  shown  by  comparison  with  characteristics  calculations  that 
this  method  yields  good  accuracy  for  ogives  for  a  value  of  the  hypersonic 
similarity  parameter  (i.e.,  the  ratio  of  free  stream  Mach  number  to 
fineness  ratio)  above  unity.  The  actual  calculation  procedure  is  as  follows; 
The  Mach  number  and  pressure  at  the  tip  behind  the  shock  are  taken  as  on 
a  cone  of  the  same  angle  as  the  initial  slope  of  the  body.  A  Prandtl-Meyer 
expansion  is  then  assumed  over  the  nose  shape  which  gives  the  pressure 
distribution  immediately  from  the  local  slopf. 

Zienkiewicz  (Ref.  2)  has  extended  this  concept  to  values  of  the 
hypersonic  similarity  parameter  of  0.4  for  tangent  ogives.  He  noted  that 
for  these  lower  values,  the  actual  pressure,  Pg  ,  although  not  the 

two-dimensional  value,  was  a  constant  fraction  of  the  two-dimensional 
pressure,  P2I3L-  Pg.over  the  length  of  the  body.  Figure  1,  reproduced 
from  Ref.  2,  gives  values  of  these  constants  for  0.4'  K  1  and 
1.5  '■  Mq  ■'  3.  6. 


Newtonian  Flow  Theor 


This  theory  assumes  that  the  flow  is  turned  parallel  to  the 
body  at  the  surface  of  the  body  rather  than  by  means  of  a  shock  wave. 

With  this  assumption,  the  pressure  coefficient  varies  only  with  the  local 
flow  deflection  and  is  given  by  Cp  =  2  sin  ‘  However,  for  a  blunt  body, 
the  preuBuii;  t,ucfficle«t  at  a  otagnetioft  -  90'’)  ic  dclcj.mined  by 

the  free  stream  Mach  number  only  and  approaches  the  value  of  2  given 
by  the  Newtonian  theory  only  for  infinite  Mach  number  and  when  real  gas 
effects  are  considered. 

Accordingly,  the  above  expression  for  pressure  coefficient  is 
modified  to  give  the  correct  value  at  the  stagnation  point  and  is  rewritten 
Cp  r  Bin*©, where  is  the  stagnation  point  pressure  coeffi¬ 

cient  and  is  given  in  Figure  2  as  a  function  of  free  stream  Mach  number. 
This  expression  has  been  shown  in  Refs.  15,  16,  18  and  19  to  yield  good 
results  for  blunt  bodies  for  Mach  numbers  above  about  2.  T.t  should  be 
noted  that  this  method  will  not  give  results  for  a  surface  negatively  inclined 
to  the  free  stream. 

c  .  von  Karman-Moore  Linearized  Theory 

This  method,  given  in  Ref.  3,  replaces  a  slender  body  of  revo¬ 
lution  with  sources  and  sinks,  their  strengths  being  determined  by  the 
body  shape.  A  discussion  may  be  fpund  in  many  references,  for  example 
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Ref.  4.  The  required  equations  are  given  in  Appendix  A. 
d.  Lighthill  Slender  Body  Theory 

This  method,  advanced  in  Ref.  7,  relates  the  pressure  distri¬ 
bution  to  the  variation  of  cross-sectional  area  and  the  slope  of  the  body. 

A  detailed  description  of  the  method  is  given  in  Ref,  ZO.  Although  devel¬ 
oped  for  pointed  bodies,  the  theory  can  be  shown  to  give  reasonable  results  S 
for  blunt  bodies  far  from  the  stagnation  point.  Equations  are  developed 
in  Appendix  B  which  may  be  applied  to  paraboloids  and  ellipsoids  of 
revolution. 

e.  Hypersonic  and  Supersonic  Similarity  Rules 

It  was  shown  by  Tsien  (Ref.  5)  that  slender  affine  bodies  having 

the  same  value  of  the  parameter  ,  (the  so-called  hypersonic  similarity 

L/D 

parameter)  have  the  seune  distribution  of  pressure.  This  concept  was 

extended  to  the  low  supersonic  range  by  van  Dyke  (Ref,  Zl)  who  replaced 

M^by  JmI  -  1  in  the  similarity  parameter  to  get  a  rule  valid  for  any  Mach 

number  above  the  transonic  range.  The  van  Dyke  similarity  parameter , 

(or  uupersonic  similarity  parameter),  of  course,  reduces  to  that  given 

by  Tsien  for  high  Mach  numbers.  It  should  be  noted  that  the  pressure 

distributions  are  similar  when  expressed  as  or— £.  but  are  not  similar 

Po  Po 

in  leritis  of  Cp. 

The  region  of  applicability  of  this  rule  for  cones  and  ogives  was 
investigated  in  Ref,  6  by  comparing  pressure  distributions  as  calculated 
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by  the  method  of  characteristics.  It  was  concluded  that  the  rule  applied 

for  and  M  —  1. 5  for  both  shapes.  Ogives  do  not  transform  affinely, 

D 

but  the  discrepancy  is  evidently  insufficient  to  significantly  affect  the 
result  in  the  range  considered. 


CALCULATION  OF  PRESSURE  IN  SUPERSONIC  AND 


HYPERSONIC  RANGES  ON; 
a.  Tangent  Ogive  a 

Figure  3  shows  the  range  of  interest  of  fineness  ratio  and  Mach 
number.  The  shock  detachment  line  and  the  region  of  applicability  of  the 
hypersonic  similarity  rule  are  also  shown. 

The  following  procedures  may  be  used  to  calculate  the  pressure 
distribution  with  good  accuracy: 

1.  For  attached  shock  and  K  ^  1,  the  shock  expansion  method 
as  previously  outlined  should  be  used. 

Z.  For  0.4  f:K  fC  li  the  pressure  calculated  by  the  shock  expan¬ 
sion  method  must  be  multiplied  by  the  factors  in  Figure  1.  If  the  body  lies 
outside  the  range  shown  In  Figure  1,  the  pressure  on  an  affinely  related 
body  inside  the  range  can  be  calculated  and  the  similarity  rule  applied. 

3.  In  the  range  of  K^O.4  to  the  transonic  range,  the  von  Kar- 
man-Moore  theory  can  be  used.  Application  of  the  similarity  rule  gives 
the  pressure  on  a  family  of  bodies  for  each  calculation. 

4.  For  L  D  =  0.5,  the  tangent  ogive  becomes  a  hemisphere 
and  can  be  handled  with  the  modified  Newtonian  theory. 

These  four  methods  cover  the  entire  range  except  the  region 

/  / 

between  L  D  =  0.5  and  L/D=il.  0  where  none  of  the  methods  are  accept- 
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able.  However,  this  region  is  sufficiently  narrow  that  the  pressures 
may  be  interpolated  with  a  fair  degree  of  confidences. 

Figure  3  also  shows  bodies  for  which  pressure  distributions 
(either  experimental  or  calculated  from  the  method  of  characteristics) 
are  available  in  the  literature.  With  these  data  available,  a  good  deal  of 
the  required  range  can  be  covered  immediately  with  the  similarity  rule, 
b .  Cones 

Figure  4  shows  that  the  entire  range  (with  the  exception  of  the 
transonic)  is  available  Immediately  from  the  cone  tables  (Refs.  22  or  23). 
The  validity  of  these  tables  has  been,  of  course,  firmly  established, 
c  ,  Ellipsoids  of  Revolution 

There  are  unfortunately  no  similarity  rules  available  for 
blunt  nosed  bodies  such  as  ellipsoids.  Such  a  rule,  if  it  did  exist,  could 
not  be  valid  near  the  stagnation  point,  but  it  might  be  hoped  to  correlate 
pressures  far  from  the  nose  (say  downstream  of  the  sonic  point)  by  such 
a  method.  However,  the  experimental  data  which  are  available  (Figure  5) 
are  insufficient  to  establish  such  a  rule. 

The  Newtonian  concept,  modified  to  satisfy  the  stagnation  point 
pressure,  has  been  used  successfully  to  calculate  the  pressure  distribution 
on  a  variety  of  blunt  bodies  above  a  Mach  number  of  about  2.  Fur  Mach 
numbers  lower  than  2  there  is  no  method  available  which  is  valid  every- 
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where,  but  a  reasonable  estimate  may  be  made  using  the  slender  body 
theory  of  Lighthill  (Ref.  7).  This  method  relates  the  pressure  distri¬ 
bution  on  a  slender  body  to  the  variation  of  cross-sectional  area  and  the 
slope  of  the  body.  The  derivation  of  the  expression  for  pressure  coefficient 
for  ellipsoids  of  revolution  is  given  in  Appendix  B.  The  predicted  pres¬ 
sure  distributions  using  this  e::preasion  are  compared  with  experimental 
data  in  Figures  6-9  for  various  combinations  of  Mach  number  and  fineness 
ratio.  The  theory  is,  of  course,  invalid  in  the  region  of  the  stagnation 
point  (an  infinite  pressure  is  predicted  at  this  point).  However,  the  actual 
stagnation  point  pressure  is  known  from  the  free  stream  Mach  number. 

The  figures  show  that  for  fineness  ratios  as  low  as  3,  the  slender  body 
theory  is  within  a  few  percent  of  the  test  points  over  the  last  80%  of  the 
nose.  However,  for  a  fineness  ratio  of  2,  the  errors  are  much  larger  - 
approximately  25  percent  at  the  shoulder  at  Mq  r  1.8  and  13  percent  for 
Mq  =  1.4. 

It  seems  then  that  for  L/D  greater  than  about  3,  the  pressure 
distribution  on  ellipsoids  of  revolution  may  be  calculated  by  the  slender 
body  theory  for  the  rear  80%  of  the  length  and  then  fairing  this  curve  to 
the  known  value  at  the  stagnation  point. 

These  two  methods  cover  the  range  of  interest  except  the 
region  below  M  e  2  and  below  L/D  s  3.0.  However,  in  this  range,  several 
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sets  of  experimental  data  are  available  (Refs.  8  and  9)>  These  data  are 
sufficiently  close  to  each  other  or  to  regions  where  the  analyses  apply  so 
that  the  pressure  on  any  body  may  be  interpolated  with  some  degree  of 
confidence. 

d.  Paraboloids  of  Revolution 

No  experimental  data  were  found  for  paraboloids  of  revolution. 
However,  tho  Newtonian  flow  concept  may  be  used  above  Mach  number  2 
with  reasonable  assurance  of  accuracy  in  view  of  its  success  with  other 
blunt  bodies.  For  the  low  Mach  number  range,  it  is  inferred,  by  analogy 
with  the  ellipsoid  case,  that  the  slender  body  theory  can  be  used  for 
L/D  >  3  by  fairing  the  calculated  curve  to  the  stagnation  point  pressure. 
The  slender  body  expression  for  pressure  coefficient  on  paraboloids  of 
revolution  is  derived  in  Appendix  B. 
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5.  TRANSONIC  RANGE 

There  Is  no  analytical  method  available  for  determining  the  pressure 
distribution  on  bodies  of  revohition  in  the  transonic  speed  range.  This 
complication  arises  because  differential  equation  of  motion  cannot  be  lin¬ 
earized  iuiii.  thus  far  the  nonlinear  equation  has  not  been  solved.  However, 
similarity  rules  have  been  discovered  in  this  speed  range  and  hence  a 
single  set  of  experimental  data  may  be  applied  to  a  family  of  affine  bodies 
within  the  range  of  applicability  of  the  rule. 

The  transonic  similarity  rule  for  axially  symmetric  bodies  has  been 
developed  by  Oswatitsch  and  Berndt  (Reference  28),  They  show  that  for 
slender  bodies  having  the  same  value  of  the  parameter  t  (1  *  )  (L/D)^  , 

the  quantity  F(Cp)sCn(  — )*  -  — — ln(^)*  has  the  sjune  value 

at  corresponding  points  on  the  two  bodies.  Hence,  one  set  of  experimental 
data  can  be  used  for  a  family  of  bodies. 

A  search  of  the  literature  revealed  comparatively  few  data  for  the 
bodies  of  Interest  in  the  transonic  speed  range.  Figures  11,  12,  and  13 
show  these  data  points  for  cones,  ogives  and  ellipsoids  of  revolution 
respectively.  No  data  were  found  fox  paraboloids  of  revolution.  Figure  12 
includes  some  data  on  bodies  other  than  ogives,  but  sufficiently  similar 
to  the  ogival  shape  to  be  included. 
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These  data  have  been  used  to  derive  curves  of  the  parameter 
=  (1  -  M*  )  (L./D)*  against  F(Cp)  for  various  streamwise  locations  for 
ellipsoids  and  ogives.  The  similarity  rule  was  not  applied  to  the  cone  data 
shown  in  Figure  11  since  these  cones  are  sufficiently  blunt  to  violate  the 
assumptions  under  which  the  rule  was  developed.  (It  is  assumed  that  the 
velocity  perturbation  is  much  smaller  than  the  free  stream  velocity, )  The 
same  argument  applies,  of  course, to  ellipsoids  of  revolution  in  the  vicinity 
of  the  stagnation  point  where  the  velocity  perturbation  is  exactly  equal  to 
the  free  stream  velocity.  Figures  14,  15  and  16  give  the  parameter 
r{Cp)  at  the  25,  50  and  100%  stations  respectively  for  ellipsoids  of  revolu¬ 
tion  based  on  the  experimental  data  of  Figure  13.  The  pressure  at  the 
nose  depends  only  on  the  free  stream  Mach  number  and  is  given  in  Fig¬ 
ure  2.  Figures  17,  18  and  19  give  F(Cp)  for  ogives  at  the  10,  50  and  100% 
stations  respectively.  The  considerable  scatter  of  the  data  for  both  bodies 
is  characteristic  of  wind  tunnel  measurements  in  this  speed  range  since 
it  is  very  difficult  to  avoid  the  wall  interference  effects.  There  is  the 
further  complication  that  in  transonic  or  subsonic  flow  the  shape  of  the 
rear  portion  of  the  body  affects  the  flow  over  the  forward  part  and  all  of 
the  bodies  tested  did  not  have  similar  shapes  aft  of  the  maximum  thickness. 
In  spite  of  the  scatter,  reasonable  curves  can  be  passed  through  the  data 
points.  In  view  of  the  fact  that  for  slender  bodies  an  error  in  F(Cp)  gives 


a  much  ainaller  error  in  Cp,  the  faired  curves  will  yield  reasonable  results. 
In  most  cases,  there  is  some  degree  of  symmetry  about  K-y  s  0  (1.  e.,Mg>l) 
which  would  be  suspected  on  physical  grounds  since  for  slightly  supersonic 
free  stream  Klach  numbers  a  nearly  normal  shock  will  stand  upstresun  of 
the  body  with  the  resxdt  that  the  Mach  number  approaching  the  body  is 
slightly  subsonic.  The  pressure  distribution  on  the  body  is  that  correspond¬ 
ing  to  the  subsonic  Mach  number. 

In  Bvunmary,  the'method  of  calculating  the  pressure  distribution  on 
a  given  body  at  a  particular  Mach  number  is  to  calculate  the  parameter 
(I  -  M%)  (l/d)*  and  read  the  values  of  F(Cp)  at  each  station  from  the 
appropriate  curves.  The  value  of  S*(x)  can  be  calculated  from  the  equations 
in  Table  I  and  hence  F{Cp)  gives  Cp.  Since  the  perturbation  velocities  are 
assumed  small  in  the  derivation,  the  above  method  should  not  be  used  for 
fineness  ratios  below  about  3  or  in  the  region  near  stagnation  points. 

Since  in  the  low  supersonic  range  there  are  few  data  for  ellipsoids  of 
revolution,  the  theory  of  Appendix  C  has  been  used  to  derive  the  curve  of 
F(Cn). 
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6.  CONCLUSIONS 


Methods  have  been  given  which  can  be  used  to  calculate  the  pressure 
distribution  on  cones>  ogives,  ellipsoids  and  paraboloids  at  zero  angle  of 
attack  quickly  and  with  good  accuracy.  The  Mach  number  range  from  the 
transonic  to  Mach  number  7  has  been  covered.  Pressures  for  conical 
shapes  are  available  immediately  from  the  cone  tables.  Pressure  on  tan¬ 
gent  ogives  can  be  calculated  from  the  shock  expansion  method,  the  von 
Karman-Moore  theory  and  the  Newtonian  theory.  Use  of  the  similarity 
rules  can  save  a  good  deal  of  calculation  if  families  of  bodies  are  to  be 
considered.  For  the  ellipsoids  and  paraboloids,  most  of  the  required 
results  can  be  calculated  with  the  Newtonian  and  slender  body  theories. 
Neither  method  gives  accurate  results  in  the  low  Mach  number  and  small 
fineness  ratio  ravage. 

In  the  transonic  range,  the  tr2msonic  similarity  rule  can  be  used 
to  extend  available  experimental  data  over  most  of  the  required  range. 

The  rule  cannot  be  used  for  low  fineness  ratios  or  in' the  region  of  stagna¬ 
tion  points. 


ii 
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APPENDIX  A 


von  Karman-Moore  Theory 


The  method  replaces  a  sharp  nsaed  body  by  a  series  ol  frustra  of 
cones  and  the  pressure  calculated  by  a  step  by  step  procedure.  The  pres¬ 
sure  on  the  Initial  segment  can  be  c^d.culated  from  the  equation 

Cp  --  -  -  I^\"-  (n 

\Jo 

where  u  is  the  streamwise  perturbation  velocity  and  for  a  cone  is  given 
by  (Reference  4) 


^  -5  —  cooV  c-M 

VJo  U  E> 

and  V  is  the  perturbation  velocity  normal  to  the  free  stream  and  is  given  by 


^  Uo  y  vi,’- 


A|  is  a  constant  given  by 


^  _ 

For  the  subsequent  segments,  the  perturbation  velocities  are  given  by 


^ I  COSV  ^\. 
VJd  ^o\ 
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n 

V —  A. 


=.B  y  ^ 

./\  Br„ 


*  -  s. 

n  *1-1 


where  x  and  r  are  the  body  coordinates  parallel  and  perpendicular  to  the 

tK 

free  stream  and  4  iB  the  coordinate  of  the  n  source  and  is  related  to 
n 

X  hy  the  relation 
n 

4  =  X  -  Br  (7) 

n  n  n  ' 


With  Ai/Uq  known.  Equations  5  and  6  will  givej^  and  in  terms 

.  o  o 

of  the  unknov/n  constant  A2  /Uo*  Since  the  flow  must  be  tangent  to  the 

body,  we  have  the  condition  f  j 

Uo  +  Viz  \  dx 

and  since  the  slope  is  known,  Equation  8  can  be  solved  for  Aj  /Uq  &nd 

hence  ^  ^  and  C  can  be  calculated.  Proceeding  in  a  similar  fash- 

Uo  Uo 

ion  the  value  of  each  ^  in  turn  can  be  determined  from  the  previous  ■"  s 
and  the  tangency  condition.  The  accuracy  of  the  method  depends,  of  course, 
on  the  number  of  segments  into  which  the  body  is  split.  Appendix  B  gives 
a  method  whereby  for  certain  bodies,  the  pressure  coefficient  can  be 
given  directly  and  this  method  should  be  used  when  the  integrals  involved 
can  be  evaluated.  This  is  not  the  case  for  tangent  ogives.  The  von  Karman- 
Moore  method  is  discussed  more  fully  in  Reference  4. 
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APPENDIX  B 


Calculation  of  Presiure  Distribution  on  Ellipsoids  and  Paraboloids 


of  Revolution 

We  consider  the  slender  body  shown  in  Figure  10  in  supersonic  flow, 
velocity  potential  for  such  a  body  is  derived,  in  Ref.  20  and  is  given  by: 

^3  =  -  CO 


where  x.  r  and  a  are  defined  in  the  figure. 
Equation  (1)  yields  upon  differentiation 


^  -  -  yo 
2T 


^  --LTa 


y-fbr  -1 

-V  (  _ _ \ 

^■Co^  _  ^  M 


A.  Paraboloid 

For  a  paraboloid  of  revolution  with  the  tip  at  the  origin  and 

2  D^  n2 

axis  in  the  direction  of  positive  x,  r‘  =  — —  x  ,  S'  (x)  g  ' '  and*S’'(x)*0 

4Li  41j 
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Equatlctn  (2)  then  reduces  to 

^  -  -UoO^ _ L 

^>c 


8L  y  xK  rb^r-*- 


also, 


J~  M  ~  -J — 

^  J7\l 

The  expression  for  the  pressure  coefficient  is  given  by 

v2 


Cp  ^  ^ 

“U'o  \S!o  ‘b'rj 


Substituting  (3)  and  (4)  in  (5)  gives 


Co  =  Jab' 


For  large  L/D^  Equation  (6)  gives  the  surface  pressure  as 

^'P  -  ^ 

\lc  LA 

B.  Ellipsoids 

For  an  ellipsoid  of  revolution  with  the  nose  at 


^  -L. 

></L 


S'(x)  «  -1.  R.  (  X  .  1)  and  S"  (x)  . 

2  L  X.  ’i* 


21f 
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TABLE  I 


Quantities  Needed  In  Slender  Body  Theory 
Body  Slope 


Cone 

Tangent  Ogive 


D/2L. 


Ellipsoid 


-  P  C  ^/u 


Paraboloid 


A-LN 


SKA 


Rj- 


r,  \ 


-  TT  'ft3 


7.  U' 


o 


where  for  tangent  ogives,  R  is  the  radius  of  the  describing  arc  and 
given  by  R  -  O  (  -V  U 
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APPENDIX  C 


a.  Shock  Expansion  Method 

As  an  illustration  of  this  method,  the  presaure  distribution  on  a 

tangent  ogive  of  fineness  ratio  8  at  a  Mach  number  4  will  be  calculated. 

Referring  to  Figure  3,  this  combination  lies  in  the  region  of  application 

of  the  modified  shock  expansion  method,  but  outside  the  range  of  values 

of  the  parameter  K  given  in  Figure  1.  The  pressure  must  therefore  be 

calculated  on  an  affine  body  for  which  X.  is  available.  Since  K  -  a  0.  5, 

L/D 

we  arbitrarily  choose  the  related  combination  L/D  s  6,  M  •  3  which  has 

the  same  value  of  K  and  ind  for  which  X,  (\  ■.81)18  known.  The  starting  point 

is  to  determine  the  pressure  at  the  nose  immediately  behind  the  shock. 

The  meridian  section  of  an  ogive ^being  a  circular  arc^has  the  equation 

X*  t  y*  ■  in  the  coordinate  system  shown  and  hence  ^  ■  tan  6  a  -  x/y 

dx 
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or  tan  6  ■ 


'R*  -X* 


R  »  X* 


where  —  ■  ^  t 

L  D  L/D 


For  thie  caae,  L/D  =>6  and  hence  —  ^6.043 


and  tan  O  «  _  L  .: 

*^36.52  -  (xL)» 

At  the  noae,  x  °  -  L,  tan  6b,  1678  and  6:9,  52** 

The  pressure  coefficient  and  Mach  number  on  the  surface  can  now  be 
found  from  the  conical  shock  tables  (Charts  6  and  7  respectively  of  Refer¬ 
ence  22)  using  the  free  stream  Mach  number  aud  the  initial  inclination. 
This  yields  Cp^  =0.08  and  Me  *2,73,  Since  Cp^  ■  wo  have 

Qs  --Cp»  =  0,5  04 

Po  V  pJ  ^ 

^2  -  \.50-V- 
Po 


In  order  to  calculate  the  pressure  on  the  rest  of  the  shape,  we  treat  the 
flow  as  two-dimensional  and  hence  the  flow  parameters  at  any  point  can 
be  related  to  those  at  the  nose  by  means  of  the  difference  in  inclination  of 
the  surface  between  the  two  points.  The  procedure  is  as  follows: 
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From  the  tables  in  Reference  22  take  the  Prandtl-Meyer  angle  (v) 
and  the  parameter  P/Px  corresponding  to  the  Mach  number  Mg.  At  any 
other  position  add  to  the  Prandtl-Meyer  angle  at  the  nose,  the  difference 


in  inclination  between  the  tangent  to  the  body  at  the  nose  point  and  the  tan¬ 
gent  at  the  point.  This  gives  a  new  value  of  the  Prandtl-Meyer  angle  which 
gives  the  value  of  M  and  P/P^j  at  the  point.  The  stagnation  pressure  P>j. 
is  constant  so  the  ratio  of  the  two  P/Pij’s  gives  the  ratio  of  the  surface 
pressures.  The  pressure  difference _ .f.T ,  may  then  be  formed  and  the 

Ps 

factor  \  applied  to  get  the  actual  pressure  difference  referred  to  the  nose 

pressure,  The  ratio  Pg/P^  being  known, it  is  then  possible  to  write  the 

p-  -  P  PL  “  Pq 

pressure  difference  as  . . ...Si.  or  - . .  These  operations  are 

Po  ‘lo 

illustrated  in  Table  II. 
b.  Newtonian  Theory 

The  expression  for  the  pressure  coefficient  assuming  a  Newtonian 
flow  is  and  requires  knowlodgd^’only  of  the  slope  of  the  body. 

The  pressure  distribution  on  a  8phere.^MRch  number  7  will  be  used  as  an 
illustration. 

For  a  sphere  with  center  at  the  origin, the  slope  is  given  by 
tan  0  z  -  x/y 

where  +  y*  =  R*  .  The  Newtonian  expression  for  pressure  coefficient  is 


'-P  ■  ‘-Pmax  ® 
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The  body  is  arbitrarily  divided  into  5  eegmente  as  shown  in  Figure  (a) 
and  the  body  shape  replaced  by  straight  lines  Joining  the  end  points  of 
uach  interval.  We  omit  the  calcxilation  of  the  local  slopes  and  show  only 
the  modified  shape  in  Figure  (b)  where  the  original  body  is  replaced  by 
a  series  of  frusta  of  conee.  The  first  segment  is  a  5.  16°  cone  and  the 
pressure  is  calculated  frotn  Equations  1«  2,  3,  and  4  of  Appendix  A. 

_ 0064^ 


and  hence 
Ua  - 

and  ^  ^ 


-  .  00  543 


.  OOgAiJi 


O.  OZV4 


0*  O  ^4--^ 


We  now  use  Equations  5  and  6  of  Appendix  A  to  determine  the  pressure 
on  the  second  segment. 

~  ii  -  OcnV  {\  2ici^ 

Uo  '^o\_  1^3  ai 
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The  same  procedure  is  followed  for  the  3rd,  4th  and  5th  segments. 

d.  Idghthill  Slender  Body  Theory 

The  expressions  for  pressure  coefficient  on  paraboloids  and 
ellipsoids  of  revolution  are  given  by  Equations  7  and  11  respectively  of 
Appendix  B.  Since  these  expressions  involve  only  the  streamwise  coord* 
inate,  a  sample  calculation  is  not  deemed  necessary. 

e.  Transonic  Method 

Figures  18  and  19  give  the  expression  7(0^)*  In 

in  terms  of  -  {I  -  )(T</D)  for  tangent  ogives  aind  Figures  14,  15,  and 

16  are  similar  curves  for  ellipsoids  of  revolution.  As  an  illustration  of 
this  method  the  pressure  on  each  of  the  shapes  will  be  calculated  for  fine¬ 
ness  ratio  6  and  Mach  number  0.9. 

1.  Ogive 

In  this  case,  K.j.  «  (1  -  0.9  )  6=6.  85.  Corresponding  to  K  ■6.  81  , 
Figures  17,  18,  and  19  give  the  value  of  F(Cp)  at  10,  50  and  100%  of  the  nose 
length.  Using  the  equation  shown  in  Table  1  the  values  of  S"(x)  can  be 
calculated.  The  values  of  then  follow  from  the  values  of  F(C  ) 


x/li 

F(C  ) 

S"(x) 

C 

P 

P 

0. 1 

-1.95 

4.0415 

0,0945 

0.  5 

o 

1 

-.0072 

-0. 0306 

1.0 

+1.77 

-.0275 

-0.0495 
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Sllipaoide  of  Revolution 


The  above  procedure  is  repeated  using  Figures  14,  15,  and  16 

IT  D* 

for  ellipsoids  of  revolution.  Table  1  gives  S*  =~—  ioT  these  shapes. 
Therefore,  we  have 


X  L. 

F(Cp) 

SBix) 

Cp 

.25 

-V 

-  /  IT. 

o 

in 

-V 

—  '  /  T  T 

-  .  OZ~L 

1.0 

"  7 1 X 

~  ■  C  X- ) 

The  value  of  the  pressure  coefficient  at  the  stagnation  point  (x/L  -0)  is 
given  in  Figure  2. 
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CHAPTER  I  -  PART  C 

METHODS  OF  CALCULATING  THE  PRESSURE  DISTRIBUTION  ON 
VARIOUS  NOSE  SHAPES  AT  SMALL,  ANGLE  OF  ATTACK  IN  THE 
RANGE  OF  MACH  NUMBERS  FROM  0.  9  to  7.  0 


by  Ernest  D.  Kennedy 
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C.  METHODS  OF  CALCULATING  THE  PRESSURE  DISTRIBUTION  ON 


VARIOUS  NOSE  SHAPES  AT  SMALL  ANGLE  OF  ATTACK  IN  THE 
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SYMBOLS 


Mo 

K  =  lTd  '  hypersonic  similarity  parameter 

a  angle  of  attack  {measured  in  radians) 

6  slope  of  meridian  section  of  a  body  of  revolution 

referred  to  the  body  axis 

P  static  pressure 

Cp  pressure  coefficient 

<|>  angular  coordinate  measured  counterclockwise 

from  extreme  windward  meridian. 

M  Mach  number 

L/D  fineness  ratio  (the  ratio  of  the  nose  length 
of  a  body  to  its  base  diameter 

Y  ratio  of  specific  heats 

angle  between  normal  to  surface  and  free  stream  direction 
Kq^  =  MGC,  the  similarity  parameter  for  angle  of  attack 
Subscripts 

St  N  conditions  on  the  surface  of  the  body  immediately  behind 
the  shock  wave 

o  free  stream  conditions 

max,  maximum 
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1.  INTRODUCTION 

This  study  is  an  extension  to  small  angle  of  attack  of  the  work  pre¬ 
sented  in  Parts. As  before,  the  modified  Newtonian  theory,  the  generali¬ 
zed  shock  expansion  method  and  the  linearized  theory  cover  most  of  the 
range.  The  hypersonic  and  supersonic  similarity  rules  apply  as  before 
except  that  in  addition  to  thickness,  the  angle  of  attack  must  also  be 
transformed  to  maintain  similarity. 

In  the  transonic  range  there  are  no  theories  and  the  similarity  rule 
has  not  yet  been  applied  to  bodies  of  revolution  at  angle  of  attack.  Any 
information  must  therefore  come  from  experimental  data, which  are 


not  plentiful. 


2.  SHOCK  EXPANSION  METHOD  -  - 


This  method  is  based  on  the  observation  that  for  certain  combinations 
of  Mach  number,  fineness  ratio  and  angle  of  attack,  the  surface  stream¬ 
lines  over  a  slender  sharp-nosed  body  of  revolution  are  approximated 
very  closely  by  the  meridians  and  the  flow  downstream  of  the  nose  is  very 
nearly  two-dimensional.  The  development  of  the  method  is  given  in 
Reference  1  where  it  is  shown  by  comparison  with  experimental  data  on 
cones  and  ogives  that  reasonable  results  are  obtained  for  K-  0,6  and 
1-  (K  is  the  so-called  hypersonic  similarity  parameter  M/^/j) 
introduced  by  Tsien  Reference  23.)  In  general,  the  prediction  is  better 
on  the  windward  side  than  on  the  leeward  side.  The  poorer  agreement 
is,  of  course,  the  result  of  boundary  layer  separation  and,  as  expected, 
is  moi  severe  at  locations  far  from  the  nose  and  for  the  higher  angles 
of  attack. 

The  expression  for  pressure  coefficient  is 


\  1  V^sVv?r.-0  —  (  W\c  ht 

1  \  I.'.'  a 


where  6  is  the  slope  of  the  body  referred  to  its  axis  and  4>  is  the  angular 
coordinate  as  shown  in  Figure  8.  The  required  parameters  are  given  in 


Table  I  (reproduced  from  Reference  1)  in  terms  of  the  angular  coordinate (|). 
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3.  NEWTONIAN  FLOW  THEORY 

In  order  to  apply  the  Newtonian  concept  it  is  necessary  to  know  only 

the  angle  between  the  normal  to  the  surface  and  the  free  stream  velocity, 

since  the  pressure  coefficient  is  given  simply  by  Cp  s  Cpmax.  cos*i|i 

(for  the  case  when  a  =  0,  ij/  « ir/2  -  6),  It  follows  from  geometry  that  the 

expression  for  4^  is  (Reference  2),  cos  4^  r  cos  a  sin  6  +  sin  o.  cos  6  cos  4* 

with  6  and  (|>  defined  as  before.  For  a  body  of  revolution,  Sis  independent 

of  4>  and  is  constant  at  any  eixial  location.  (In  the  usual  case,  6 is  positive 

forward  of  the  maximum  diameter  and  negative  aft  of  this  location,  )  For 

an  ellipsoid,  65-  —  and  for  a  paraboloid,  6  =  ^ 

^  2L  n/1-(x/L-1)"  4L\.  X 

where  L/D  is  the  fineness  ratio  and  X/L  is  the  distance  from  the  nose  as 
a  fraction  of  the  nose  length.  The  condition  Cp  =  0  defines  a  curve  on  the 
surface  of  the  body  given  by  cos  (|>  a-tan  6/tan  a,  downstream  of  which  the 
surface  of  the  body  is  negatively  inclined  to  the  free  stream  and,  hence, 
the  Newtonian  approximation  is  not  valid.  In  this  region,  Cp  is  taken 
equal  to  zero  which  is  the  limit  for  infinite  Mach  number.  This  exptinsion 
^t'egion  will  cover  increasing  amounts  of  the  body  as  the  angle  of  attack  is 


increased. 


4.  LINEAR  THEORY 

In  the  linear  approximation  the  flow  over  a  slender  body  at  small 
angle  of  attack  can  be  treated  as  two  separate  flows  -  one  parallel  and 
one  normal  to  the  body  axis.  The  pressures  are  ccilculated  for  each  flow 
separately  and  added  to  get  the  pressure  due  to  the  inclined  flow.  The 
result  of  the  analysis  is  (Reference  4  or  5) 


where  Cp  -q  is  the  pressure  coefficient  at  zero  angle  of  attack. 

5.  SIMILARITY  RULES 

The  hypersonic  and  supersonic  similarity  rules  apply  as  before 
except  that  now  an  additional  parameter,  Kq,  =Moci  or  M^  -  L  a  appears. 
Since  the  angle  of  attack  similarity  is  valid  only  for  angles  of  the  same 
order  as  the  nose  angle,  Kg  has  the  same  Mach  number  and  fineness  ratio 
limitations  as  K,  (Valid  only  for  M>  Z,  L/D>  Z  for  tangent  ogives  and  for 
Mj-1.5,  L/D >  Z  for  cones, ) 


6.  MIT  CONE  TABLES 

These  tables  (References  7  and  10)  are  based  on  the  perturbation 
analysis  of  Reference  11  and  give  values  of  velocity,  pressure  and  den¬ 
sity  at  any  point  between  the  body  and  the  conical  shock.  The  coordinate 
system  in  terms  of  which  the  various  parameters  are  listed  is  aligned 
with  the  shock  axis  rather  than  the  body  aucis.  At  first  sight  this  would 
seem  to  require  a  coordinate  transformation  to  obtain  the  flow  parameters 
in  terms  of  the  more  usual  body  axes.  It  was  shown  in  Reference  12, 
however,  that  for  small  angle  of  attack,  the  correction  terms  are  of  the 
order  of  terms  already  neglected  so  that  the  tables  may  be  used  directly. 
In  the  nomenclature  of  the  tables,  the  pressure  is  given  by  p  =  p  +ti€  cos  <|) 
where  p  is  the  pressure  at  angle  of  attack 

p  is  the  pressure  at  zero  angle  of  attack 
€  is  the  angle  of  attack  (in  our  coordinate  system  €  =  ru) 

T]  is  the  pressure  correction  for  .angle  of  attack 
4)  is  the  angular  coordinate  but  is  measured  from  the 
extreme  leeward  station  in  the  tables. 

In  our  nomenclature  then  -2  =  1  -v  ^  a  cos  ib  where  H  must  be  read  from 

P  P  P 

Reference  10  and  p  is  given  in  Reference  9  in  terms  of  the  free  stream 
pressure.  (For  cones  at  large  angle  of  attack,  the  analysis  has  been 
extended  (Reference  3  )  to  include  terms  of  second  order  in  6  .i 


0  T-i  ^'9' 
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7.  APPLICATION  OF  THE ^OYE  METHODS  TO  THE  CALCULATION 
OF  PRESSURE  DISTRIBUTION  ON; 

Tangent  Ogives 

Figure  2  shows  the  range  of  interest  of  fineness  ratio  and  Mach 
number  and  the  available  experimental  data.  The  following  procedures 
are  suggested  for  small  angle  of  attack: 

1.  For  KS  0.6,  the  shock  expansion  method  using  the 
qiiantities  in  Table  I  should  be  used. 

2.  For  K<  0.6,  the  pressure  distribution  at  angle  of  attack 
can  bo  derived  from  that  at  zero  angle  of  attack  by  adding  the 
cross  flow  contribution  according  to  the  linear  theory, 

3.  For  L/D  s  0.5  (i.e. ,  a  hemisphere)  the  Newtonian  approxi¬ 
mation  as  outlined  above  should  be  used, 

b.  Cones 

In  the  range  of  K  >  0,6,  the  shock  expansion  method  and  the  MIT 
tables  overlap.  Figure  6  shows  the  pressure  distribution  on  a  10°  cone  at 
Mach  number  6.9  at  an  angle  of  attack  of  6.  7°  (K  b  1 . 2,  Ka  =  0,  8)  as 
calculated  by  each  of  the  two  methods  and  experimental  data  from  Ref.  7. 
It  is  noted  that  near  ^-0  and  180°,  the  shock  expansion  method  gives 
more  accurate  results  while  in  the  remainder  of  the  range  there  is  little 
to  choose  between  the  two  methods.  In  view  of  this  superiority  of  the 
shock  expansion  method,  it  is  to  be  preferred  in  the  range  of  K>  0.6. 
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There  is  also  the  fact  that  the  Mach  number  increments  in  the  MIT  tables 
are  large  and,  in  general,  interpolation  in  the  tables  is  required. 

For  K  :-.  0.  6,  the  MIT  tables  can  be  used  with  the  similarity  rules 
extending  the  region  of  application  to  fineness  ratios  greater  than  5.  7 
which  is  the  largest  value  for  which  tabulated  data  are  available, 
c .  Ellipsoids  and  Paraboloids  of  Revolution 

There  are  no  pressure  data  available  for  either  of  these  bodies 
at  angle  of  attack  in  the  range  above  transonic  -  hence,  the  recommended 
methods  of  calculation  are  subject  to  experimental  verification.  Following 
the  pattern  suggested  for  a^O,  the  Newtonian  concept  should  be  used  for 
M  >  2  and  the  linear  theory  for  M<-  2  and  L/D^  3.  As  shown  in  Figure  3, 
there  are  several  sets  of  experimental  data  for  ellipsoids  in  the  transonic 
range,  but  none  m  the  super  or  hypersonic  ranges. 

Reference  25  gives  force  data  (i,e.,  lift  and  drag)  of  a  paraboloid 
of  revolution  and  a  so-called  3/4  power  body  (3/4  refers  to  the  power  of  X 
in  the  equation  defining  the  meridians.  For  example,  a  paraboloid  of 
revolution  (rccX  )  would  be  called  a  1/2  powerbeuy).  These  data  are 
compared  with  the  lift  and  drag  obtained  from  the  Newtonian  theory  and  in 
the  range  of  Mach  number  reported  (2,75  -  5.0),  excellent  agreement  is 
shown.  Although  good  correlation  of  force  data  does  not  necessarily  imply 
good  correlation  of  pressure  data,  it  adds  a  certain  degree  of  confidence 
in  this  method  of  calculation. 
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8.  TRANSONIC  RANGE 


There  are  no  theories  available  in  the  transonic  range  and  the  veilidity 
of  a  transonic  similarity  rule  has  not  yet  been  established.  The  available 
experimental  data  are  shown  in  Figures  1,  2  and  3  for  cones,  ogives  and 
ellipsoids,  respectively.  No  data  are  available  for  paraboloids  of  revolu¬ 
tion. 
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9.  CONCLUSIONS 

Methods  have  been  given  which  may  be  used  to  calculate  the  pressure 
distribution  on  certain  bodies  of  revolution  at  small  angle  of  attack  in  the 
range  of  Mach  number  from  low  supersonic  to  hypersonic. 

The  pressure  distribution  on  sharp-nosed  bodies  such  as  cones  or 
ogives  may  be  calculated  from  the  linear  theory  and  the  shock  expansion 
method  with  good  accuracy  except  on  the  windward  side  of  the  body. 

In  the  case  of  the  blunt-nosed  bodies  of  revolution,  the  Newtonian 
approximation  may  be  used  for  Mach  numbers  above  2  and  the  linear 
theory  below  this. 

In  the  transonic  range,  experimental  data  alone  must  suffice  since 
no  theory  has  as  yet  been  developed. 
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APPENDIX  A 


SAMPLE  CALCULATIONS 


1.  Tangent  Ogives 

a.  Shock  Expansion  Method 

Ae  an  example  of  the  shock  expansion  method,  the  circum¬ 
ferential  pressure  distribution  on  an  ogive  of  fineness  ratio  5  will  be 
calculated  for  M^  =  5  at  two  streamwise  locations.  Experimental  data 
for  this  body  are  available  in  Reference  1,  The  equation  to  be  used  is 


2Y 


j 

where  (pa/PoL_  .  and  Mg6  are  given  in  Table  I  in  terms  of 

Mjsf 

MqS  N  and  a/  6j^  for  various  v'alues  of  . 

Following  the  method  of  Appendix  C  of  Part  B,  the 
value  of  5  pq,  the  semi-nose  angle  is  found  to  be  0.20  and,  therefore. 

Mo  ~  1. 0.  We  choosea  /  =0.  80  to  avoid  interpolation  in  Table  I. 

Corresponding  to  Mq  =1.0  and  a  /  =  0.  8  we  have  p^  /po)|^_Q  =  5, 188 

and  (Mg  6^n)  ^  •  744  and  hence 


P  1,4(5)^ 


5.188  !  =  °  -  0.2(0.744)  (l  -  “~ 


Mn 


-  1 
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For  any  ajcial  location  6/6^  is  known  and  M/Mm)  is  available  for 

CJ^-  o 

any  angular  position  from  the  table. 

The  calculations  for  6  =  6j»j  and  6=0  (the  nose  and  shoulder 
positions,  respectively)  are  carried  out  in  Table  II  and  plotted  in  Figure  4 
For  6  =  6|^, 


Cp  =0.0571 


and  for  6=0 


5. 188.^ )  ’’  -  1 


r 

r  1 

7 

=0.0571  < 

5. 188 

-  0.1488 

-  1 

Mn 

f' 

1 

1 

b.  Linear  Theory 

As  c\n  illustration  of  the  linear  theory,  the  circumferential 
pressure  distribution  on  an  ogive  of  fineness  ratio  5.  75  at  Mach  number 
1. 98  will  be  calculated  at  a  location  46.  5%  of  the  nose  length  aft  of  the 
vertex.  Wo  use  the  equation 

Cp  -  Cp  Q  =  o  ~  ^  ^  +  (1  -  4  sin*  )  a* 

For  the  location  chosen,  6  =.09and  for  a  =8°  the  equation  becomes 

C-  -  C„  =0  .  078  co8*cf  +  0.  0516  cos  ^  -  0.  0585 
^  a  =  o  '  ' 

The  calculation  is  compared  with  the  experimental  data  in  Figure  5. 
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2.  Cones 

a.  For  K^O.  6,  the  shock  expansion  method  is  used,  the  pro¬ 
cedure  being  identical  with  that  given  for  tangent  ogives.  In  the  case  of 

a  cone,  of  course,  6  s  6|>|,  independent  of  the  streamwise  coordinate,  and  so 

C  WVo  L  =  V\g  [  J 

b.  MIT  Cone  Tables 

As  an  illustration  of  the  use  of  the  cone  tables,  the  pressure 
distribution  on  a  7.  5°  cone  at  Mq  =  1.6  will  be  calculated.  Experimental 
data  are  available  for  this  body  in  Ref.  7.  On  page  471  of  Ref.  9  for  a 
cone  angle  of  7.  5°  read  (interpolating  in  Mach  number)  Ps/Pw  = 
and  Pw/Pi  =  1.0159  and,  hence,  ps/pi  =  1.1320  where  in  the  nomenclature 
of  the  tables,  pg  is  the  pressure  on  the  surface  of  the  cone  at  zero  angle 
of  attack  and  pi  is  the  free  stream  pressure.  From  Ref.  10,  page  71, 
for  a  cone  angle  of  7.5°  read  T)/p  =  0.  7377  for  M  s  1.5462,  and  on  page  75 
T)/p  =  0.9320  for  M  n  1.7610  (interpolating  gives  Ti/p  o  0.  7730  for 
Mo  =  1.60). 

Therefore,  -2- =  1  +  0.  7730a  cos and  since  =1.1320, 

P  Po 

p/po  =1.1320  +  0.  8750a  cos  <(>.  This  expression  can  be  rewritten 
straightaway  as 

Cp  =0.0737  +  0.4883a  cos^ 
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CHAPTER  I  -  PART  D 
CALCULATION  OF  HEAT  TRANSFER  TO 
RADOME-gHAPED  BODIES 
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D.  CALCULATION  OF  HEAT  TRANSFER  TO 
RADOME  SHAPED  BODIES 

SUMMARY 

Presented  herein  are  procedures  by  which  estimates  of  the  heat 
transfer  rates  can  be  made  for  radome  shaped  bodies  in  flight,  that 
is, blunt-nosed  and  pointed-nosed  bodies  of  revolution.  Non-axially 
symmetric  shapes  are  not  considered.  A  brief  qualitative  account  is 
given  of  the  physical  nature  of  various  modes  of  heat  transfer  and  the 
governing  parameters.  The  thermal  properties  of  air  and  atmospheric 
properties  required  for  execution  of  the  procedure  are  presented  in 
chart  form.  Primary  emphasis  is  given  to  flight  conditions  between 
Mach  numbers  of  0  to  I Z  at  altitudes  up  to  150,000  feet.  Laminar  and 
turbulent  heat  rates  for  both  zero  and  moderate  angles  of  attack  are 
treated.  Real  gas  effects  are  included  in  a  manner  sufficient  for  most 
engineering  purposes.  Charts  for  facilitating  computation  procedures 


have  been  constructed. 


SYK-iBOLS 


Cp 

G 

h 

k 

M 


Nu 

P 

Pr 

q 

2^0 

Ro 


s 

T 

u 

X 

Cl 

Y 


speed  of  sound 

coefficient  of  specific  heat  at  constant  pressure 
function  defined  in  Equation  13 
static  enthalpy 

coefficient  of  thermal  conductivity 
Mach  number  =  u/a 

Nusselt  number  -  defined  in  Equation  16 
pressure 

Prandtl  number  a  pCp/k 
heat  transfer  rate 
radius  of  body 

radius  of  curvature  of  nose  in  meridian  plane 

P.eynoldri  miniliCf  - 

distance  along  meridian  curve 

absolute  temperature 

velocity 

distance  along  meridian  curve 

angle  of  attack 

ratio  of  specific  heats 
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I  > 


reduced  ratio  of  specific  heats  for  use  at  high  temperatures 

t  emmiaivity  - 

p  coefficient  of  absolute  viscosity 

p  density 

Subscripts 

aw  adiabatic  wall 

B  base  conditions  (Ref.  5) 

0  conditions  at  outer  edge  of  boundary  layer 

f  free  stream  conditions 

r  reference  value 

a  stagnation  values 

w  wall  value 

o  stagnation  point  value 

2  condition  downstream  of  normal  shock  wave 
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1.  INTRODUCTION 


The  design  of  radomes  for  high  speed  aircraft  is  subject  to  a  compli¬ 
cation  which  does  not  exist  at  low  speeds;  that  is,  at  high  speeds  the  rate 
at  which  heat  is  generated  acrodynamically  by  virtue  of  compressive  and 
viscous  effects  at  the  exterior  surface  of  the  body  is  sufficiently  great 
to  create  undesirable  high  surface  temperatures.  These  large  tempera¬ 
tures  complicate  the  design  problem  in  a  number  of  ways.  For  example, 
marked  changes  in  the  strength  and  dielectric  properties  of  the  radome 
occur  at  elevated  temperatures.  In  addition,  radiation  from  the  liot 
surface  into  tlie  interior  of  the  radome  may  result  in  undesirably  large 
environmental  temperatures  for  the  electronic  gear. 

A  considerable  amovint  of  effort,  both  theoretical  and  experimental, 
has  been  expended  during  the  last  decade,  with  the  aim  of  understanding 
and  predicting  the  heat  transfer  to  biidies  of  various  geometries  at  high 
flight  speeds.  Because  of  the  complexity  of  the  problem,  several 
approximate  methods  of  analysis  are  available  for  many  problems  involv¬ 
ing  aerodynamic  heating.  It  is  the  purpose  of  this  report  to  describe 
those  methods  which  appear  to  be  best  suited  for  engineering  calculations 


of  heat  transfer  to  radomc  shaped  bodies.  The  reader  is  referred  to 
References  I  and  ?,  for  extensive  bibliographies  of  reports  dealing  with 
the  development  of  the  various  methods  of  analysis  and  with  comparison 
with  experiment.  Procedures  for  computing  the  pressure  distributions 
required  for  making  heat  transfer  estimateo  have  boon  discussed  in 
Parts  B  and  C. 
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2.  PHYSICAL  DESCRIPTION  OF  HEAT  TRANSFER  PROCESSES 

The  calculation  of  the  heat  transfer  to  a  body  in  high  speed  flight 
requires  the  analysis  of  the  so-called  "boundary  layer"  surrounding  the 
body.  In  aerodynamic  problems  the  behavior  of  air  flowing  past  a  sur¬ 
face  can  usually  be  studied  in  two  parts.  One  is  a  relatively  thin  boundary 
layer  which  is  appreciably  affected  by  the  adhesive  decelerating  action 
of  the  surface  and  by  the  accompanying  viscous  and  heat  conduction  effects. 
The  other  part,  outside  the  boundary  layer,  is  primarily  affected  by  the 
disturbances  caused  by  the  surface  contour.  In  this  outer  region,  the 
explicit  effects  of  viscosity  and  thermal  conductivity  are  usually  neglig¬ 
ible,  A  major  simplification  in  aerodynamic  studies  results  from  the 
fact  that  the  outer  region  is  usually  affected  only  slightly  by  occurrences 
within  the  boundary  layer,  and  by  the  boundary  layer's  distortion  of  the 
streamlines,  provided  that  the  layer  does  not  become  separated  from  the 
surface.  In  eftect,  therefore,  the  outer  flow  slides  frictionlessly  over 
the  boundary  layer.  A  correction  for  the  influence  of  the  boundary  layer 
on  the  outer  flow  can  often  be  made,  if  necessary,  by  considering  a  slightly 
altered  surface  contour.  The  additional  fact  that  the  pressure  variation 
through  the  boundary  layer  in  a  direction  normal  to  the  surface  is  neglig¬ 
ible  in  most  cases,  makes  it  possible  to  compute  force  effects,  aside 
from  viscous  drag,  without  considering  the  boundary  layer.  On  the  other 
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boundary  layer  phenomena  are  often  largely  dependent  on  the 
characteristics  of  the  outer  flow,  which,  together  with  the  conditions . 
at  the  solid  surface  are  usually  considered  to  be  the  boundary  conditions 
of  the  boundary  layer  flow.  For  this  reason,  the  surface  heat  transfer 
rates,  the  temperature  and  velocity  distributions  within  the  boundary 
layer,  and  the  surface  friction  drag  are  usually  expressed  in  terms  of 
the  parameters  of  the  outer  flow  and  the  surface. 

In  general,  the  boundary  layer  may  be  characterized  by  its  condition, 
i.  e, ,  laminar,  turbulent,  or  , transitional.  In  a  laminar  flow,  transport 
of  momentum  and  energy  in  a  direction  perpendicular  to  the  streamlines 
takes  place  because  of  the  random  motion  of  the  molecules  which  make 
up  the  fluid.  When  the  flow  is  turbulent,  there  is  in  addition  a  strong 
mixing  action  within  the  boundary  layer,  because  of  the  presence  of 
randomly  distributed  turbulent  eddies. 

One  of  the  principal  processes  of  heat  transfer  is  conduction.  In 
this  mode  of  heat  transfer  the  heat  flux  is  proportional  to  the  temperature 
gradient  at  the  point  in  question.  The  proportionality  factor,  the  thermal 
conductivity,  k,  is  a  property  of  the  energy  transport  on  a  molecular 
scale.  Mechanically  enforced  relative  motion  which  brings  fluid  masses 
into  contact  permitting  conduction  to  take  place  is  termed  "forced  convec¬ 
tion"  v/hereas  relative  motion  of  the  fluid  induced  by  body  forces  such  as 
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gravity  give  use  to  the  term  ''free  convection".  Although  body  forces  may 
have  an  influence  on  the  transition  from  laminar  to  turbulent  flow  under 
special  circumstances,  they  have  a  negligible  effect  on  the  heat  transfer 
rates  on  the  external  surface  of  a  body  in  high  speed  flow.  On  the  other 
hand,  free  convection  is  responsible  for  a  large  part  of  the  energy  trans¬ 
fer  on  the  inside  of  a  closed  structure.  The  analysis  of  free  convection 
problems  will  not  be  considered  here. 

The  conductive  transport  resulting  from  the  random  motion  of  the 
molecules  may  be  augmented  if  the  fluid  motion  is  turbulent,  by  an 
additional  transport  due  to  the  intermixing  of  the  random  turbulent  eddies 
on  a  macroscopic  scale.  One  cannot  show  conclusively  that  the  heat 
transfer  rate  due  to  forced  convection  in  turbulent  flow  is  directly  pro¬ 
portional  to  the  mean  temperature  gradient.  However,  an  empirical 
proportionality  factor  between  the  turbulent  heat  flux  and  the  mean  tem¬ 
perature  gradient  is  often  defined  and  termed  the  "turbulent  eddy  convec- 
tivity"  by  analogy  with  leiminar  flow. 

At  sufficiently  high  temperatures,  air  dissociates  into  a  mixture  of 
atoms  and  molecules.  The  diffusion  of  the  various  components  through 
each  other  influences  the  heat  transfer  process.  The  diffusion  process, 
characterized  by  the  porportionality  between  the  rate  of  change  of  con¬ 
centration  and  the  concentration  gradient  at  a  point,  influences  the 
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composition  of  the  gas  at  each  point  as  well  as  the  flow  properties.  Thus, 
it  affects  the  transport  properties,  such  as  the  thermal  conductivity,  as 
well  as  the  temperature  distribution  in  the  flow.  Furthexmore,  dissociated 
components  of  a  gas,  having  absorbed  energy  in  the  process  of  dissociation 
may  diffuse  toward  the  surface  and  recombine  there,  releasing  their 
dissociation  energy.  In  a  manner  analogous  to  turbulent  eddy  conductivity, 
diffusion  on  a  molecular  scale  can  also  be  augumented  by  turbulent  eddy 
diffusion. 

Another  mechanism  by  which  heat  can  be  transferred  is  that  of 
radiation.  In  this  mode  of  heat  transfer,  molecular  energy  is  transported 
by  electromagnetic  waves  or  the  equivalent  quanta.  The  physical  charact¬ 
eristics  of  the  gas  are  not  affected  by  the  presence  of  the  quanta.  However, 
they  may  transfer  part  of  their  energy  to  the  molecules  of  the  gas  because 
of  the  collisions  that  occur  between  the  quanta  and  the  molecules.  Air  is 
essentially  transparent  to  thermal  radiation,  i.e,,  it  absorbs  very  little 
of  the  thermal  radiation  passing  through  it.  The  rate  at  which  thermal 
radiation  is  emmitted  by  a  material  can  be  shown  to  be  proportional  to 
the  fourth  power  of  the  absolute  temperature.  The  constant  of  proportion¬ 
ality,  t,  is  known  as  the  emmissivity  of  the  substance.  Under  the  flight 
conditions  of  interest,  air  has  a  very  low  emmisivity  and  hence,  its 
radiation  to  the  surface  of  the  body  may  be  neglected  for  design  purposes. 
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The  temperature  of  a  point  on  the  surface  of  a  body  is  determined- 
by  striking  a  balance  between  the  heat  transferred  to  the  surface  by 


forced  convection  of  the  air  adjacent  to  the  surface,  conduction  to  or 
from  the  surface  due  to  temperature  gradients  within  the  body,  and 
radiation  from  the  surface  of  the  body.  The  rate  of  radiation  of  heat 
from  a  body  is  given  as 


<'1 

where  t  ia  the  emmissivity  which  depends  on  the  material  of  the  radiating 


surface. 
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3.  THERMAL  PROPERTIES  OF  AIR 

In  the  temperature  range  below  approximately  3500®R,  the  coefficient 
of  absolute  viscosity,  coefficient  of  thermal  conductivity,  and  the  heat 
capacities  of  dry  air  vary  essentially  only  with  temperature.  When  the 
temperature  exceeds  3500°R,  the  pressure  dependence  of  these  properties 
of  air  may  become  quite  significant.  Since  these  three  quantities  are 
related  to  the  Prandtl  number  by  the  relation  Pr  =  ,  if  the  Prandtl 

number  and  any  two  of  the  other  quantities  are  known,  the  remaining 
quantity  may  be  found. 

The  Prandtl  number  may  be  interpreted  physically  as  representing 
a  qualitative  balance  between  the  frictional  heating,  the  heat  stored  and 
the  heat  conducted  at  a  point.  The  variation  of  Prandtl  number  v/ith  tern 
perature  for  T  5  1800°R  is  presented  in  Reference  3.  Values  of  Prandtl 
number  for  high  temperatures  are  presented  in  Reference  2.  The  variation 
with  temperature  and  pressure  may  be  conveniently  summarized  by  plotting 
Prandtl  number  vs.  enthalpy  as  in  Figure  I, 

The  coefficient  of  absolute  viscosity  p  is  also  presented  in  Reference  3 
for  temperatures  up  to  3420°R,  An  empirical  relationship  which  fits  the 


data  of  Reference  3  is 


p  =  . 227  X  10 


-7 


3/2 


T  +  198.  7 


(2) 
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where  T  is  in  and  n  has  the  units  of  slug/ft.  sec.  Precise  determination 
for  jj,  are  not  available  for  high  temperatures.  However,  an  empirical  re¬ 
lation  which  fits  the  observed  and  predicted  data  reasonably  well  is  present¬ 
ed  in  Reference  5.  This  relationship  which  relates  p.  to  the  density  R  and 
the  static  enthalpy  h  is  particularly  convenient  for  heat  transfer  calcula¬ 
tions  and  is  given  as  follows: 


PbM'B 


(  h  )-.28 


where  is  the  density  at  the  local  pressure  and  T  =400°R,  pg  is  the 
viscosity  at  400°R,  and  hg  is  the  static  enthalpy  at  T  =400°R.  The  value 
of  p2  is  30.4  X  10"®  and  hg  is  3092  Btu/slug, 

The  variation  of  the  specific  heat  at  constant  pressure  with  tempera¬ 
ture  is  also  presented  in  Reference  3  for  temperatures  up  to  3400OR.  The 
data  is  plotted  in  Figure  2  for  a  pressure  of  one  atmosphere.  The  follow¬ 
ing  formula,  given  in  Reference  6,  closely  represents  the  values  of 


Reference  3. 


.06856 


=  I  [-1  +  exp  (5521)1  .xp  (5526  , 

2  T  L  T  J  T 


where  T  is  in  °R  and  Co  has  the  units  of  — — -  . 

P  lb  Oj- 

A  summary  of  the  state  of  knowledge  concerning  the  coefficient  of 
thermal  conductivity  of  air  has  been  given  in  Reference  7.  Several 
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empirical  equations  which  describe  the  variation  of  the  thermal  con^ 
ductivity  with  temperature  are  cited  in  Reference  7,  the  most  reliable 
of  which  are 

k  =.00114t‘'‘‘  1  +  44l.2T"‘x  10  "Y"  (5) 

and 

3/2  -1 

k  =.  001091T  (T  +  362)  (6) 

where  k  has  the  units  of  BTU/hr.  ft°R  and  T  is  in  degrees  Rankine. 
Equation  5  is  used  in  the  NBS-NACA  tables  (Ref.  3)  up  to  1800°R,  and 
is  estimated  therein  to  be  reliable  within  four  percent.  Equations  5  and  6 
are  plotted  in  Figure  3.  They  agree  with  each  other  within  three  percent 
up  to  4460°R. 

It  is  helpful  to  consider  heat  transfer  processes  as  resulting  from  a 
difference  in  energy  levels  between  two  points.  Hence,  the  difference 
between  the  surface  temperature  and  a  representative  temperature  of  the 
surroundings  iuay  be  considered  to  be  a  temperature  potential  which 
generates  a  heat  flux.  For  modes  of  heat  transfer  other  than  radiation, 
this  potential  is  roughly  proportional  to  the  heat  flux.  At  high  gas  tempera 
tures  the  static  enthalpy  h  may  replace  the  temperature  T  as  a  natural 
indicator  of  energy  levels  with  the  result  that  the  enthalpy  potential  re¬ 
places  the  temperature  potential  as  the  sicnificant  parameter. 
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The  enthalpy  h  =h(p,  T)  is  a  property  of  the  state  of  the  gas.  The 
variation  of  the  enthalpy  with  pressure  and  temperature  is  shown  in 
Figures  4  and  5.  For  T<3600°R,  the  enthalpy  may  be  considered  to  be  a 
function  of  temperature  only,  i.  e.,  h  =  h  p(T)dT.  For  T<600Or,  Cp  is 
essentially  constant.  For  T'5'  3600°R,  the  air  no  longer  behaves  like  a 
perfect  gas,  but  dissociates  according  to  the  laws  of  chemical  reaction. 

High  temperature  phenomena  related  to  the  effects  of  dissociation  are 
frequently  referred  to  as  "real  gas"  effects. 

To  characterize  more  concretely  the  heat  transfer  potential  of  the 
ambient  fluid  over  a  surface,  a  reference  value  of  temperature  or 
enthalpy  may  be  defined.  Values  which  are  often  used  are  the  "stagnation" 
temperature  Tg  or  enthalpy  hgi  or  the  "adiabatic  wall"  temperature  Taw 
or  enthalpy  haw*  latter  values  are  sometimes  referred  to  as  recov¬ 

ery  values. 

Since,  under  adiabatic  conditions,  the  sum  of  the  enthalpy  and 
kinetic  energy  per  unit  mass  of  fluid  remains  constant,  the  stagnation 
enthalpy  is  that  value  of  the  enthalpy  that  would  be  acquired  by  a  moving 
air  mass  if  an  adiabatic  deceleration  to  zero  velocity  were  to  occur.  On 
the  other  hand,  the  adiabatic  wall  enthalpy  is  that  value  of  the  enthalpy 
which  would  arise  at  the  surface  of  a  solid  body  if  the  surface  were  every¬ 
where  perfectly  insulated.  The  adiabatic  walj  enthalpy  is  generally  different 
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from  the  stagnation  enthalpy  because  of  viscous,  conductive  and  heat 
storage  effects  in  the  fluid,  and  because  of  "slip”  and  "free-molecule'' 
effects  arising  at  the  surface  when  the  flight  condition  is  such  that  the 
molecular  mean  free  paths  are  not  much  smaller  than  the  surface 
dimensions  so  that  the  fluid  does  not  behave  as  a  continuum.  In  a 
continuum  the  stagnation  enthalpy  and  the  adiabatic  wall  enthalpy  are 
found  to  be  related  empirically  as  follows: 

haw  ~ 

hy  -  he 

where 

hs  -  he  s  1  U(j2  (8) 

and  subscript  a  denotes  conditions  at  the  outer  edge  of  the  boundary  layer. 
The  right  hand  side  of  Equation  7  is  referred  to  as  the  "enthalpy  recovery 
factor".  When  the  temperatures  are  sufficiently  low  the  left  hand  side 
of  Equation  7  may  be  written  in  terms  of  temperatures  rather  than  enthal¬ 
pies,  in  which  case  the  right  hand  side  is  referred  to  as  the  "temperature 
recovery  factor".  For  air,  the  Prandll  number  is  always  less  than  unity, 
so  that  the  adiabatic  wall  enthalpy  is  always  less  than  the  stagnation 
enthalpy. 

Another  value  of  the  enthalpy  which  frequently  arises  in  heat  transfer 
calculations  is  the  so-called  "reference  "enthalpy".  The  reference  enthalpy 


Pj.  for  laminar  flow 

Pr  for  turbulent  flow 


(7) 


WADD  TR  5^-22 


121 


is  an  empirically  obtained  quantity  which  is  found  to  correlate  quite  well 
high  speed  and  low  speed  boundary  layers.  It  is  determined  from  the 
following  formula 

hr  =.5hw  +  .22hs  +  .28he  (9) 

When  the  temperature  is  sufficiently  low  so  that  real  gas  effects  may  be 
neglected,  the  enthalpy  may  be  replaced  by  the  temperature  in  Equation  9. 

As  an  example  of  real  gas  effects,  one  may  calculate  the  effect  of 
dissociation  on  say  the  stagnation  temperature  at  high  flight  speeds.  For 
example,  at  the  nose  of  a  blunt  body  which  is  moving  at  a  supersonic  speed, 
a  detached  shock  wave  is  formed.  At  the  axis  of  symmetry,  the  shock 
wave  is  perpendicular  to  the  flow  direction  and  the  flow  passing  through 
this  "normal  shock"  continues  to  the  nose  of  the  body  where  it  stagnates. 
Since  this  process  is  adiabatic,  the  value  of  the  stagnation  enthalpy  may 
be  determined  from  the  principle  of  conservation  of  energy 

hg  =  hf  +  Uf^ 

where  subscript  f  denotes  flight  conditions.  It  is  useful  to  note  that  the  change 
in  pressure  across  a  normal  shock  is  hardly  influenced  by  real  gas  effects. 
Hence,  the  stagnation  pressure  behind  the  shock  can  be  estimated  from 
conventional  tables  for  perfect  gases  (e.g,  ,  Ref,  8),  Knowing  the  pressure 
and  the  enthalpy,  the  stagnation  temperature  can  be  determined  from 
Figure  4  or  5.  For  example,  for  a  body  moving  at  a  Mach  number  of 


twenty  at  an  altitude  of  100,000  feet,  the  stagnation  temperature,  deter¬ 
mined  in  this  way  is  12,  OOO^R.  On  the  other  hand,  if  the  formula  for  a 
perfect  gas  is  used,  with  the  low  temperature  value  of  y  =  1*4,  i,  e.  , 

=  I  +  (U) 

Tf  2 

the  stagnation  temperature  is  calculated  to  be  32,  000°R. 

The  poiiit  has  recently  been  discussed  (Refs.  9,  10)  that  certain 
Hissociation  effects  in  thermodynamic  processes,  such  as  isentropic 
processes,  and  correspondingly  in  flow  phenomena,  can  be  taken  into 
account  simply  by  utilizing  reduced  constant  values  of  y.  For  example, 
th(!  correct  value  of  stagnation  temperature  can  bo  obtained  quite  simply 
in  th(!  illustrativi;  oxample  above  by  using  Eq\iation  ll  if  it  is  assumed 
that  Y  =  I,  If),  Logan  and  Treanor  have  indicated  that  an  appropriate 
v<'ilu(!  of  y  to  Oe  used  in  a  particuilar  isentropic;  process  may  be  obtained 
by  making  a  log -log  plot  of  the  true  variation  of  the  quantities  in  question 
for  a  given  vnlm;  of  the  entropy  (using  Ref,  4,  for  example).  The 
appropriate  vahic  of  y  is  then  defined  from  the  isentropic  expressions 
for  the  pcirticular  process  in  question  from  the  slope  of  the  approximately 
straight  line  that  results,  p'or  example,  in  a  true  isentropic  process  with 
constant  y,  the  relation  between  p  and  p  is  —  =(^)  ,  At  high  temperatures. 
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the  appropriate  value  of  y  can  be  obtained  by  plotting  (on  log-log  paper) 
p  vs.  p  at  constant  entropy  using  Reference  4,  say,  and  measuring  the 
slope  of  the  straight  line  that  results,  since  ln(pi/p2)  =Yln(pj/p2).  This 
procedure  has  been  carried  out  for  the  special  case  of  a  body  with  a  blunt 
nosf  .  The  results  are  plotted  here  as  a  function  of  flight  condition  in 
Figure  6. 
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4.  ATMOSPHERIC  PROPERTIES  ^  ^  ^  ^  ^ 

The  variation  of  ambient  pressure,  temperature,  deirsity  and  speed  of 
sound  is  given  in  Reference  1 1  for  altitudes  up  to  65,  800  feet.  Values  of 
these  quantities  at  higher  altitudes  are  given  in  Reference  12.  A  sum¬ 
mary  of  this  data  is  given  in  Figure  7,  At  altitudes  above  250,000  feet, 
one  must  take  into  consideration  the  changing  chemical  composition  of  the 
atmosphere  with  altitude.  It  should  be  noted  that  the  atmospheric  properties 
appearing  in  the  above-mentioned  references  are  for  the  so-called  "standard 
day".  Data  for  "hot"  and  "cold"  days  may  be  found  in  Reference  13. 
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5.  CONVECTIVE  HEAT  TRANSFER  RATES 

The  calculation  of  convective  heat  transfer  rates  may^  proceed  in 
several  different  directions  depending  on  the  state  of  the  boundary  layer 
and  the  shape  of  the  body.  In  what  follows,  recommended  procedures 
for  the  calculation  of  convective  heat  transfer  are  presented.  Tlie  pro¬ 
posed  methods  are  not  necessarily  the  most  accurate,  but  are  believed 
to  represent  reasonable  procedures  for  engineering  calculations,  at  least 
within  the  state  of  the  art  at  the  present  time. 

The  prediction  of  heat  transfer  rates  is  accomplished  by  first  deter¬ 
mining  the  pressure  distribution  over  the  surface  neglecting  the  effects 
of  viscosity.  Methods  for  calculating  the  inviscid  pressure  distribution 
for  zero  and  small  angle  of  attacks  have  already  been  summarized. 

In  the  procedures  recommended  below,  it  is  assumed  that  the  pressure 
distribution  is  known. 

A.  Zero  Angle  of  Attack 

I .  Laminar  Boundary  Layer 
a.  Dlunt  Body 

i.  Stagnation  Point 

One  of  the  critical  points  on  a  body  from  the  standpoint 
of  aerodynamic  heating  is  the  stagnation  point.  At  this  point  the  air 
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olitside  the  bbxindary  layer  reaches  its  maximum  temperature  due  tp  the 
severe  compression  involved  in  bringing  the  air  to  rest.  At  sufficiently 
high  speeds  the  compression  of  the  air  is  great  enough  to  raise  the  tem¬ 
perature  of  the  air  to  a  level  where  the  effects  of  dissociation  must  be 
taken  into  account.  Lees  (Ref.  15)  has  obtained  an  approximate  solution 
to  this  problem,  employing  the  assumption  of  thermodynamic  equilibrium 
for  which  the  reaction  between  atoms  and  molecules  proceeds  at  an 
infinitely  fast  rate.  His  results  were  derived  assuming  in  addition  that 
the  wall  enthalpy  is  much  less  than  the  stagnation  enthalpy  outside  the 


boundary  layer.  However,  the  wall  enthalpy  can  be  introduced  into  the 
equation  he  determines  for  the  heat  flux  by  replacing  hgg  by  (ha^-hw)*  This 
is  only  a  slight  modification  which  should  give  better  results  for  relatively 


high  wall  temperatures,  The  relation  to  he  used  is, 


'IWo  =  •I’.o r,(M(,v,v,l 


where 

1/4  2  1^/4  I  1/4 

(13) 

Ry  is  the  radius  of  curvature  of  the  body  at  the  stagnation  point,  fr  is 
the  Prandtl  number  at  some  average  condition  behind  the  shockwave. 

In  view  of  the  lack  of  reliable  experimental  d.ata  for  the  Prandtl  number 
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at  very  high  temperatures,  Lees  suggests  using  Pf  =  .  71  wheh_the  tem-  „ 
perature  immediately  behind  the  shock  wave  exceeds  1 800°R.  I 

The  quantity  y  is  the  ratio  of  specific  heats  which,  when  used  in 
the  ordinary  isentropic  pressure -density  relation,  gives  approximately 
the  same  results  as  the  true  pressure-density  relation  which  takes  into 
account  the  variation  of  y  due  to  real  gas  effects.  Logan  and  Treanor 
(Ref,  9)  have  shown  that  the  use  of  such  an  average  constant  value  of  y 
correlates  the  true  variation  of  pressure  with  density  over  large  tem¬ 
perature  ranges.  The  variatiori  of  y  with  flight  conditions  is  shown  in 
Figure  6, 

Probstein  (Ref.  16)  has  indicated  that  the  pjA  product  in  Equation  12 
should  be  evaluated  at  some  point  inside  the  boundary  layer.  In  a  calculated 
example,  he  shows  that  Equation  12  overestimates  the  heat  transfer  by 
about  15%  when  compared  to  the  result  obtained  using  a  more  correct  value 
of  pp.  On  the  other  hand,  it  has  been  suggested  that  a  rough  surface  may 
result  in  increased  heat  transfer  rates.  In  view  of  the  fact  that  Probstein's 
correction  requires  considerable  calculation  and  that  both  Equation  12  and 
Probstein's  results  apply  to  smooth  bodies,  it  is  suggested  that  Equation  12 
be  used  without  any  correction. 

ii.  Downstream  region 

Lees  has  also  shown  (Ref.  15)  that  the  variation  of  the  laminar 
heat  transfer  rate  along  the  surface  of  the  body  may  be  expressed  as 


WADD  m  59-22 


128 


^Wo 


1  P  - 

2 


ii^ro^ds 


1/2 


G(MfiY.Yf) 


where  s  is  the  distance  along  the  body  surface  measured  from  the  stagna¬ 
tion  point,  and  is  the  radius  of  the  cross-section  of  the  body  of  revolu¬ 
tion  measured  at  the  station  s.  The  pressure  and  velocity  distributions 
outside  the  boundary  layer  are  obtained  from  the  inviscid  flow  solutions 
as  described  in  Part  B.  The  integral  in  Equation  14  must  generally 

be  evaluated  numerically. 

b.  Pointed  body 

When  the  nose  of  the  body  is  pointed,  it  is  found  that  the  heat  transfer 
rate  may  be  satisfactorily  approximated  by  utilizing  the  equations  for  the 
heat  transfer  to  a  flat  plate  parallel  lo  the  air  stream  with  the  following 
modifications.  In  calculating  the  heat  transfer  to  a  flat  plate,  the  external 
velocity  and  pressvire  are  constant.  In  this  application  it  is  assumed  that 
at  each  point  on  the  body,  the  heat  transfer  is  that  given  by  the  flat  plate 
formula  wherein  the  velocity  and  pressure  are  locally  equal  to  the  value 
at  the  outer  edge  of  the  boundary  layer  at  the  point  in  question.  In 
addition,  the  thermal  properties  of  the  air  are  evaluated  at  the  reference 
enthalpy  (Eq.  9). 
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It  should  be  noted  that  this  equation  for  the  heat  transfer  predicts  an 
infinite  heat  transfer  rate  at  the  nose  of  a  pointed  body.  However,  siricf 
^  CO  as  X  “^^2^  found  that  the  total  heat  transfer  to  the  nose  region, 

which  is  obtained  by  integrating  over  the  surface  through  which  heat  is 

r 

being  transferred,  is  finite,  since  J  q^dx>^x  .  In  practice,  it  is  suf¬ 
ficient,  for  the  purpose  of  heat  conduction  calculations  to  approximate 
the  heat  transfer  distribution  in  the  immediate  neighborhood  of  the  nose 
by  a  linear  variation  which  gives  the  same  total  heat  transfer  as  Equation  15. 
In  any  case,  it  is  conventional  to  assume  that  the  temperature  at  the  apex 
of  a  completely  insulated  aharp-nnscd  body  is  the  adiabatic  wall  tempera¬ 
ture. 

2.  Turbulent  Boundary  Layer 

When  a  fluid  flows  over  a  smooth  body,  it  generally  starts  out  at  the 
stagnation  point  as  a  laminar  flow.  In  some  region  downstream,  the  transi¬ 
tion  to  a  turbulent  flow  takes  plac«v  The  mechanism  of  transition  and  the 
transport  of  momentum  and  energy  by  the  turbulent  fluctuations  is  still 
not  well  understood.  For  this  reason,  the  analysis  of  turbulent  boundary 
layer  heat  transfer  rates  is  largely  empirical. 

Several  comparisons  of  the  various  approximate  methods  of  analysis 
have  been  made  with  experimental  results  (see,  for  example.  Ref.  17). 
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It  has  been  found  that  for  engineering  purposes,  a  reasonably  accurate, 
and  consistently  conservative  method  consists  of  using  the  analysis  for  _ 
the  turbulent  heat  transfer  rate  to  a  flat  plate.  As  in  the  laminar  case, 
the  values  of  pressure  and  external  velocity  to  be  used  are  the  local 
values  at  the  point  in  question.  Also,  the  reference  enthalpy  method  is 
used  again. 

The  formula  for  the  turbulent  heat  transfer  rate  may  be  written  as 

4/5 

Nu=_^w^Pr„  (16) 

(H-rPr)(haw"^w)  (P^r) 

In  tliis  formula,  x  is  taken  to  be  the  distance  from  the  nose  of  the  body 
measured  along  the  body  surface  and  the  quantity  Nu  is  a  nondimensional 
heat  transfer  parameter,  termed  the  Nusselt  number. 

When  a  detached  shock  wave  exists  ahead  of  tlie  nose  of  the  body,  the 
various  quantities  entering  into  Equation  16  have  been  calculated,  and  are 
presented  here  in  Figures  8-10  as  a  function  of  local  pressure,  for  various 
flight  conditions  of  interest.  Real  gas  effects  were  taken  into  account  as 
follows.  The  pp  product  was  calculated  according  to  Equation  3.  The 
Prandtl  number  was  taken  from  Figure  1.  The  properties  of  state  were 
taken  from  Reference  3  for  T<  3600^R,  and  from  Reference  4  for  TJ3600°R. 
For  flight  Mach  numbers  of  M?6,  the  isentropic  relations  were  used  for 


WADD  TR  59-22 


132 


the  p(p)  and  p(T)  variations,  except  that  in  each  case  the  value  of  y  used 


wa  s  that  given  by  Figur  e  6 , 


It  should  be  noted  that  the^datajbf  jl^ference  3 


for  air,  are  slightly  in  error  at  the  higher  temperatures.  Hence,  if  one 
must  consider  a  temperature  range  which  necessitates  the  use  of  both 
References  3  and  4,  a  slight  discontinuity  in  the  thermodynamic  variables 
is  observed.  This  discontinuity,  together  with  the  fact  that  when  calculat¬ 
ing  local  velocities  at  high  flight  Mach  numbers,  one  must  calculate  small 
differences  of  large  numbers  (enthalpies),  makes  the  calculations  at  the 
higher  Mach  numbers  tend  to  be  less  accurate.  The  apparently  irregular 
behavior  of  the  curves  of  Figures  8-10  should  be  interpreted  in  this  light. 

If  the  nose  of  the  body  is  pointed  with  an  apex  angle  sufficiently  small 
so  that  the  shock  wave  remains  attached,  the  compression  experienced 
by  the  gas  in  passing  through  the  shock  wave  is  sufficiently  small  that 
real  gas  effects  and  detailed  tip  effects  can  be  neglected  for  design  pur¬ 
poses  in  the  Mach  number  range  under  consider.ation.  Hence,  Equation  16 
may  be  applied  directly  without  any  corrections  for  real  gas  effects.  How 
ever,  as  in  the  laminar  case,  the  heat  transfer  on  a  conical  surface  is 
liigher  than  that  on  a  flat  surface.  However,  the  birbulent  heat  transfer 
on  a  cone  is  only  about  fifteen  percent  greater  than  the  turbulent  heat 
transfer  on  a  flat  surface.  It  is  therefore  recommended  that  in  the 

analysis  of  a  pointed  body,  Equation  16  be  used  with  the  numerical  factor 
.  03  replaced  by  .  0345. 


3.  Transition 


As  mentioned  preyipusly,  the  b oundar y  1  aye r  begins ,  at  the,  no ae  _ 

body,  as  a  laminar  boundary  layer.  At  some  point  on  the  surface  of  the 
body,  the  transition  to  a  turbulent  boundary  layer  takes  place.  Since  the 
turbulent  heat  transfer  rates  are  substantially  higher  than  the  laminar 
rates  except  in  the  immediate  vicinity  of  the  nose,  it  is  important  to 
determine  the  location  of  the  transition  point.  Unfortunately,  a  reliable 
method  for  determining  the  transition  point  has  not  yet  been  developed. 

Some  success  has  been  liad  in  several  special  cases  (e.g.  ,  References  19, 
20,  21),  However,  the  position  at  which  transition  occurs  depends  on  a 
large  number  of  parameters  (e.g,,  pressure  gradient,  surface  roughness, 
surface  temperature,  Mach  number,  free  stream  turbulence,  etc. ),  some 
of  which  are  not  easily  evaluated.  Hence,  the  reliability  of  these  methods 
is  usually  in  doubt. 

As  a  rough  measure  of  when  to  change  from  a  laminar  boundary  analysis 
to  a  turbulent  boundary  layer  analysis,  one  may  use  the  following  method 
for  the  blunt  nose  case.  Carry  both  the  laminar  and  turbulent  boundary 
layer  analyses  to  the  point  where  the  two  curves  of  laminar  heat  transfer 
and  turbulent  heat  transfer  intersect  (see  Fig.  ll ).  Use  the  laminar 
boundary  layer  analysis  for- the  region  upstream  and  the  turbulent  boundary 
layer  analysis  for  the  region  downstream  of  the  intersection  point.  It 
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should  be  noted  that  this  method  does  not  really  predict  a  tranaitidn  point. 
Rather,  it  gives  a  conaervative  desigu  method  by  using  the  analysis  which 
predicts  the  higher  heat  transfer  at  a  given  point.  Actually,  it  is  con¬ 
ceivable  that  in  the  small  region  in  which  the  change  from  a  fully  laminar 
to  a  fully  turbulent  boundary  layer  takes  place,  the  heat  transfer  may  be 
higher  than  either  the  laminar  or  the  turbulent  rates.  However,  no  method 
has  yet  been  devised  for  calculating  the  heat  transfer  in  the  transition 
region.  Furthermore,  it  is  possible  that  the  transition  to  turbulence  may 
occur  at  a  position  prior  to  that  indicated  by  the  intersection  of  the  lam¬ 
inar  and  turbulent  values.  However,  this  possibility  cannot  be  taken  into 
account  in  a  general  way  without  making  a  precise  evaluation  of  the  location 
of  the  transition  region.  Hence,  a  reasonable  preliminary  design  pro¬ 
cedure  would  be  to  assume  that  this  will  not  occur.  An  additional  degree 
of  conservatism  may  be  obtained  by  fairing  the  curves  together  in  the 
region  of  the  intersection  point  as  indicated  by  the  dotted  line  in  Figure  ll. 

When  the  nose  of  the  body  is  pointed,  the  predicted  turbulent  heat  trans¬ 
fer  rate  increases  as  the  vertex  is  approached,  and,  hence,  the  method 
outlined  above  does  not  apply.  The  most  conservative  procedure  in  this 
case  is  to  assume  that  the  boundary  layer  is  turbulent  over  the  entire  body. 
If  this  assumption  results  in  an  Intolerable  design,  one  must  resort  to 
experimental  data  to  determine  the  transition  point. 
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As  pointed,  out  above,  the  location  of  the  transition  point  depends  on 
factors  such  as  surface  cooling  and  heating,  body  shape  and  pressure 
gradient,  surface  roughness,  and  body  forces  such  as  those  due  to  accelera 
tion  and  deceleration.  In  References  22,  23,  and  14,  critical  discussions 
are  presented  on  all  but  the  last  of  tho  factors  mentioned  above.  It  appears 
that  while,  in  some  cases,  the  correlation  of  experimental  transition  data 
may  be  accomplished  using  the  proposed  theories,  in  general,  additional 
factors,  beyond  those  with  which  the  theories  are  concerned,  must  be  taken 
into  account.  It  is  suggested  therefore  that  the  reader  use  the  method 
proposed  above  as  a  first  approximation.  If  a  better  approximation  is 
desired,  the  reader  is  referred  to  References  22,  23,  and  14  for  surveys 
of  experimental  data.  The  location  of  the  transition  point  by  the  proposed 
method  should  at  least  fall  within  the  range  predicted  by  the  experimental 
data. 

It  must  be  emphasized,  however,  that  the  correlation  of  experimental 
wind  tunnel  data  with  actual  flight  results  has  not  yet  reached  a  reliable 
state  of  the  art,  as  regards  transition.  The  determination  of  the  transition 
point  is  therefore  strongly  dependent  on  the  degree  of  conservativism 
which  the  designer  employs, 

3.  Bodies  at  Angle  of  Attack 

IVhen  the  axis  of  the  body  is  not  aligned  with  the  line  of  flight  of  the 


body,  the  body  is  said  to  be  yawed  or  at  an  angle  of  attack.  The  pressure 
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- 


distribution  changes  appi'eciably  when  the  angle  of  attack,  a,  is  altered 


and  so  the  heat  transfer  ra^^sjilsc^  change.  The  p‘ro.bleins.ot.ll&-^i£§li^" 
fer  and  pressure  distribution  become  considerably  more  complicated  when 
the  angle  of  attack  is  not  zero.  At  present,  no  satisfactory  theoretical 
solution  lias  been  obtained  for  either  of  these  problems  for  a  blunt  body. 
Approximate  methods  for  determining  the  pressure  distribution  are  out¬ 
lined  in  Reference  IH,  The  best  that  can  be  done  at  this  time  is  to  recom¬ 
ment  an  empirical  approach  to  the  problem  which  should  be  satisfactory 
for  eiigir.C'Cring  purposes. 

For  blunt  bodies,  the  recommended  procedure  is  as  follows:  Draw 
the  profile  of  the  body  in  a  meridian  plane  containing  the  plane  of  yaw. 
Draw  the  line  parallel  to  the  remote  velocity  vector,  which  intersects  the 
surface  of  the  body  normal  to  a  local  tangent  (see  Fig.  l2).  This  point 
of  intersection  is  to  be  regarded  as  the  new  stagnation  point.  Since  the 
flow  is  no  longer  axially  symmetric,  the  heat  transfer  distribution  will 
be  different  in  each  meridian  plane.  To  calculate  the  heat  transfer  in  any 
meridian  plane,  consider,  for  example,  the  meridian  plane  shown  in 
Figure  12.  Assume  that  the  line  AB  is  an  axis  of  symmetry,  so  that  in 
each  plane  one  ran  generate  2  bodies  of  revolution,  one  corresponding 
to  the  upper  part  of  the  profile  COC'  and  one  corresponding  to  the  lower 
part  of  the  profile  DOD'.  Calculate  the  heat  transfer  to  each  part  of  the 
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actual  body,  using  the  methods  suggested  for  the  zero  angle  of  attack  case, 
assuming  th^t  each  contour  is  part  of  the  body  of  revolution  generated  as 
described  above.  This  procedure  should  be  carried  out  for  a  sufficient 
number  of  meridian  planes  so  that  the  variation  of  heat  transfer  with 
meridian  angle  can  be  determined. 

For  pointed  bodies,  the  same  procedure  is  used  as  for  the  case  of  a 
blunt  body  except  that  the  new  axis  of  revolution  is  simply  a  line  parallel  to  the 
remote  velocity  vector  passing  through  the  apexof  the  body.  (See  Addendum) 

If  the  angle  of  attack  becomes  sufficiently  large,  it  is  possible  that 
the  boundary  layer  may  become  separated  from  the  surface.  In  this  case 
a  region  of  low  velocity  turbulent  air  exists  between  the  surface  and  the 
boundary  layer.  Unfortunately,  the  prediction  of  both  the  point  of  separa¬ 
tion  and  heat  transfer  rates  in  separated  flow  have  not  yet  reached  a 
salisfactury  degree  of  reliability.  Chapman  (Ref.  18)  has  developed  an 
approximate  method  for  predicting  heat  transfer  rates  when  the  boundary 
layer  is  either  laminar  or  turbulent  just  ahead  of  the  point  of  separation. 
His  results  indicate  that  if  the  boundary  layer  is  laminar  at  the  point  of 
separation,  the  heat  transfer  in  the  separated  region  is  lower  tlian  the 
laminar  value;  on  the  other  hand,  if  the  boundary  layer  is  turbulent  at  the 
point  of  separ.Rion,  the  heat  transfer  may  be  higher  in  the  separated 
region.  However,  there  is  not  yet  sufficient  experimental  evidence  to 
bear  out  Chapman's  predictions. 
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In  view  of  the  present  state  of  the  art  of  predicting  heat  transfer  in 
separated  regions,  it  can  only  be  suggested  that  a  turbulent  heat  transfer 
rate  be  used  in  regions  of  separated  flow.  This  procedure  will  at  least 
yield  a  conservative  design. 
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6.  CONCLUDING  REMARKS 

Procedures  have  been  presented  by  which  estimates  of  the  heat 
transfer  rates  can  be  made  for  radome  shaped  bodies  in  flight,  that  is, 
blunt-nosed  and  pointed-nosed  bodies  of  revolution.  Non-axially  sym¬ 
metric  shapes  have  not  been  considered.  A  brief  qualitative  account 
has  been  given  of  the  physical  nature  of  various  modes  of  heat  transfer 
and  the  governing  parameters.  The  thermal  properties  of  air  and  atmo¬ 
spheric  properties  requited  for  execution  of  the  procedures  have  been 
presented  in  chart  form.  Primary  emphasis  has  been  given  to  flight 
conditions  between  Mach  numbers  of  0  to  12  at  altitudes  up  to  150,000  ft. 
Laminar  and  turbulent  heat  rates  for  both  zero  and  moderate  angles  of 
attack  have  been  treated.  Real  gas  effects  have  been  included  in  a  man¬ 
ner  sufficient  for  most  engineering  purposes.  Charts  for  facilitating 
computation  procedures  have  been  constructed. 
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CHAPTER  I  -  PART  E 

CHARTS  AND  EQUATIONS  FOR  THE  DETERMINATION  OF 
AERODYNAMIC  HEAT  TRANSFER  TO  RADOME -SHAPED  BODIES 


by  Harold  S.  Pcrgamcnt  and  Melvin  Epstein 
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E.  CHAR-JS,  AND  EQUATIONS  FOR  THE 

DETERMINATION  OF  AERODYNAMIC 
HEAT  mANSFER  TO 

radomE-shaped  bodies 

SUMMARY 

A  series  of  curves  and  equations  are  presented  which  will  facilitate 
the  computation  of  the  heat  transfer  rate  along  blunt  and  pointed-nosed 
bodies  of  revolutioii.  The  free  stream  Mach  number  range  is  from  2  to  7 
and  the  altitude  extends  from  sea  level  to  150,000  feet.  Methods  are 
included  for  both  laminar  and  turbulent  flow  with  a  discussion  of  the 
approximate  location  of  the  transition  point.  Only  bodies  at  aero  angle 
of  attack  are  considered. 
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SYMBOLS 

a. 

sonic  velocity,  ft/sec  . 

a=5' 

sonic  velocity  at  point  where  M  -  1,  ft/ sec. 

A 

factor  defined  by  Equation  (8) 

D 

diameter  of  body  at  base,  ft. 

/ 

X 

finenesti  ratio  -  L/lJ 

h 

enthalpy,  Btu/lb,^ 

k 

thermal  conductivity,  Btu/sec -ft-“lt 

L 

length  of  body,  ft. 

M 

Ivlacli  mituiier,  u/a 

P 

static  pressure,  Ib/ll^ 

Prandtl  number,  (where;  Cp  is  sjiticific  hcfit  at  c;onstant  pressure 

q 

heat  transfer  rate,  Btu/sec-ft^ 

r 

radial  distance  from  centerline  (jf  body  to  stirfat;e,  ft. 

Ho 

radius  of  curvature  at  nose,  ft. 

M 

distance  along  body  measured  from  nose,  ft, 

'1' 

absolute  temperature, 

U 

velocity,  ft/sec. 

X 

axial  distance  measured  from  nose,  ft. 

...  1 

initial  inclination  angle  of  ogive 
semi -vertex  angle  of  cone 

Y 

ratio  of  specific  heats 
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Y  reduced  ratio  of  specific  heats  for  use  a.t  high  temperatures 

6  angle  between  a  normal  to  the  surface  and  the  horizontal  (turning 

angle).  _ 

p  density, 

p,  coefficient  of  viscosity,  Ibj^/ft-sec. 

Subscripts 

aw  adiabatic  wall  value 

e  local  value  at  edge  of  boundary  layer 

m  mass 

o  value  at  stagnation  point 

r  reference  value 

8  stagnation  value 

w  wall  value 

2  value  behind  a  normal  shock  (downstream  of  detached  shock) 

2'  value  behind  an  attached  conical  shock 


exj  free  stream  value 
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Figure 


LIST  OF  FIGURES 


Title 


(bg  b^) 


V3,  Moo 


Stagnation  Enthalpy  va,  Mq-j 
Enthalpy  vs.  Temperature 
3^  /  vs.  Turning  Angle 

qo  V  Ro 


Axial  Location  vs.  Turning  Angle 

Distance  Along  Body  vs.  Turning  Angle 

Ratio  of  Local  Presoure  to  Stagnation  Pressure 
Behind  Normal  Shock 


P(.  u 

-_L-  va. 


^  and  4^ 


Ue  j  ^e 

-  vs.  ~S-  and  -X 

•  ft  Jk  rr» 


9  a>l<  vs.  Altitude 

10  Stagnation  Pressure  Behind  Normal  Shock 

vs.  M<x) 

11  Stagnation  Temperature  vs.  Altitude 

12  Coefficient  of  Viscosity  vs.  Temperature 

13  Prandtl  Number  vs.  Temperature 

14  -  19  Ratio  of  Local  Pressure  to  Stagnation  Pressure 

Behind  Conical  Shock  for  Mqo  L  orn  2-7 
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1.  INTRODUCTION 

Thfi  methods  presented  herein  are  sufficiently  general  for  use  in 
coinputing  the  heat  transfer  rates  along  most  bodies  suitable  to  radofrie 
application.  These  bodies  are  divided  into  two  main  classifications, 
blunt-nosed  and  pointed-nosed.  The  former  is  characterized  by  a 
detached  shock  ahead  of  the  body  while  the  latter  has  a  shock  attached 
to  the  body.  Because  of  this  distinction,  different  methods  are  needed 
to  evaluate  the  aerodynamic  parameters  (preoa\ire,  velocity,  etc.)  for 
each.  Th''SP  properties  have  been  determined  ior  all  cases  of  interest 
and  are  given  here  in  a  form  suitable  for  use  in  the  heat  transfer  equations. 

A  discussion  of  the  transition  from  laminar  to  turbulent  flow  indicates 
the  position  on  the  body  where  each  type  of  flow  is  likely  to  exist.  This 
analysis  is  approximate  since  extensive  information  on  the  exact  location 
of  the  transition  point  is  not  available.  However,  it  is  felt  that  the  method 
shown  is  suitable  for  engineering  calculations  since  it  should  always  yield 
results  on  the  conservative  side. 

Real  gas  effects  are  included  only  in  determining  the  heat  transfer 
rate  at  the  stagnation  point.  For  all  other  cases,  perfect  gas  relations 
are  used.  This  procedure  is  approximately  correct  for  Mach  numbers 
up  to  5.  For  higher  Mach  numbers,  errors  are  incurred  by  the  use 
of  a  perfect  gas  analysis,  but  since  this  investigation  extends  to  Mach  7, 
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the  error  is  still  relatively  small  and  likely  to  yield  a  conservative  value 
for  the  heat  transfer  rate. 

There  should  be  no  aerodynamic  heating  problem  below  Mach  Z,  but 
if  it  is  necessary  to  determine  the  heat  transfer  rate  at  low  Mach  numbers, 
it  is  suggested  that  the  properties  be  calculated  individually  ^ instead  of 
extrapolating  the  curves  needed  tor  the  given  equations.  Under  no  circum¬ 
stances  should  the  curves  be  extrapolated  above  Mach  7,  since  real  gas 
effecis  would  make  this  analysis  invalid. 

From  the  giveu  information,  only  the  local  value  of  the  heal  transfer 
rate  can  be  found.  If  it  is  necessary  to  determine  the  total  heat  transfer 
to  the  body,  one  has  to  integrate  the  local  value  over  the  surface  (usually 
by  numerical  rnethodH). 

I'herc  are  some  cases  that  cannot  be  included  in  a  general  study  such 
as  this  (e.g.  ,  detached  shock  in  front  of  a  pointed-nosed  body).  However, 
these  problems  can  be  solved  individually  by  means  which  are  familiar  to 
the  aorodynaini<’ist. 


(1)  (e.g.)  Parts  B  and  D,  and  Reference  3 
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2 .  BLUNT  BODIES  (PETAqHgP  SHOCK) 

A.  Stagnation  Point 

-  - Th®  equation  used  to  calculate  the  heat  transfer  rate  at  the  staghatioh 

point  is  given  in  Part  D  as, 


.5oVT“  /(PeM.e)o“t» 


(hj,  -hy„)G(Maji  Y»  yf^^c  -  ft" 


where 


<j(Moo  I  Y  >  Yoq) 


2  _J _ ' 

-  .  I  ^  ^  ^  “  Y  Mr-  *  ^ 


Yqo-1  Muo" 


For  the  flight  conditions  under  consideration: 


Ycx)  =  ' '  4 

Y  =  1.4 
p‘r=  0.71 


q  ^f^ 

Figure  I  plots  — - vs.  Mqq  with  altitude  as  a  parameter.  Thus, 

(hg-h^) 

for  any  flight  condition,  this  quantity  can  be  found.  Jj'rom  Figure  2,  hg 
is  determined  and  in  Figure  3,  the  enthalpy  is  plotted  as  a  function  of  tem¬ 
perature.  From  this  curve,  the  wall  enthalpy  (h^)  can  be  found  from  the 
corresponding  wall  temperature  (Tw)*  The  wall  temperature  is  one  of 
the  variables  which  must  be  known  before  the  heat  transfer  rate  can  be 
computed. 

Example  I 

Flight  Conditions:  Moo*5,  alt.  =  100,  000  ft. ,  T.y  =  1000°R,  =  0.  3  ft. 
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From  Figure  IB, 


^0*^0  =  .  0215 
hs  "  Nv 


Step  2 

From  Figure  2,  hg  604  Btu/lb^,^ 
Step  3 

From  Figure  3,  =  240  Btu/lbj^ 

q  -  .0215(605  -240) 


<lo 


14.3 


Btu 

aec'=fi“ 


B.  Laminar  Flow 
1.  General  Bodiee 

The  most  generally  accepted  equation  to  be  used  for  the  laminar 
heat  transfer  distribution  around  a  blunt  body  is  given  by  Lees^)  as 


3w__ 


Psz' 


G(Moo,  Y ,  Yoj) 


(2) 


For  a  given  flight  condition  (  i™—  )  is  found  to  be  a  function  of 


(2) 


^oo 


turning  angle  (0)  only.  Therefore,  at  a  given  angle,  the  heat  transfer  is 


(1)  Reference  2 

(2)  In  order  to  calculate  the  pressure  distribution,  Newtonian  flow  is  used 
up  to  0  =  50“.  From  50°  to  90°,  Prandtl-Meyer  flow  is  assumed. 


only  a  function  pf  the  geometry  (*),  Howeveri  if  a  heat  transfer  parameter, 
is  plotted  against  8,  the  resulting  curves  (Figure  4)  prove  to  be 
independent  of  the  geometry  also,  for  ellipsoids  and  paraboloids  in  the 
fineness  ratio  range  of  1/2  to  10.  Although  only  the  bodies  mentioned 
above  have  been  investigated,  it  is  felt  that  the  heat  transfer  distribution 
for  any  body  shape,  that  has  (for  a  given  fineness  ratio  and  base  radius) 
a  radius  of  curvature  at  the  nose  between  that  of  the  parabola  and  ellipse, 
can  be  found  by  using  the  given  curves.  For  bodies  outside  this  range,  it 
IS  advisable  to  examine  the  similarity  between  them  and  the  body  shapes 
investigated  here.  If  the  geometry  compares  favorably,  the  use  of  this 
analysis  is  recommended. 

In  general,  the  error  that  can  be  expected  from  these  curves 
depends  upon  the  turning  angle.  Up  to  50  degrees,  the  error  is  within 
5  percent  of  the  value  indicated.  From  50  through  90  degrees,  the  error 
will  vary  from  5  to  15  percent,  being  greatest  in  the  range  from  80-90 
degrees, 


(1)  Relation  between  radius  and  distance  along  the  surface. 
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Notice  that  these  curves  are  independent  of  altitude  (and  only  slightly 
dependent  upon  free  stream  Mach  number).  However,  in  order  to  get  q^» 
one  must  first  calculate  the  heat  transfer  rate  at  the  stagnation  point  {qo)» 
which  is  a  function  of  altitude. 

The  relations  between  turning  angle,  distance  along  the  body  and 
axial  location  are  presented  in  Figures  5  and  6  for  the  ellipse  and  parabola 
with  fineness  ratios  of  1/2  and  10. 

Example  2 

Flight  Conditions;  Mco  *  5,  alt.  =  100,000ft,,  Ellipsoid  (L/D  =  1/21 
0  =  50°,  Kq  -0.  3ft. 


Step  1 

From  Figured, 
Step  2 


0.490 


From  Figure  6,  s/smax.  = 


0.57 


®  max.  " 


2ir(0.3) 

4 


0.471 


8  =  .  57(.47l)  s  0.268  ft. 
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From  Example  I,  qQ=  14, 3 


aec-ft* 


=  ,52{14,3) 


sec-ft* 


2.  Sphere -Cone 


Figure  4  is  also  applicable  to  a  spherically  blunted  cone  (shown 


below) 


JUNCTION 


'■iii 


Figure  A 

The  heat  transfer  for  the  spherical  section  can  be  determined 
from  the  curve  for  the  ellipsoid,  —  =  1/2  (sphere). 

The  procedure  for  the  conical  section  is  as  follows; 

Step  1 

At  the  Junction  of  the  sphere  and  cone  (6  =  90  -at),  determine 
,  which  is  constant  for  the  rest  of  the  body. 

MO  V 

Step  2 

Determine  'sTs  at  the  junction  (point  1). 
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step  3 


Find  at  point  P  from  =  qp  +  y) 

This  analysis  for  the  conical  section  is  only  approxinriate  since 
value  of  q^  n/s  is  not  a  constant,  but  increases  with  s.  ''Far"  from  the 
junction  (when  s  is  almost  equal  to  s’)  a  constant  value  is  approached, 
which  agrees  with  the  results  obtained  from  Equation  7(see  page  205).  In 
general,  the  above  method  gives  quite  accurate  results  near  the  junction, 
and  decreases  in  accuracy  as  s  increases.  The  entire  procedure  is, 
however,  recommended  as  a  good  engineering  estimate, 
iLixainpie  £.ii 

Flight  Conditions;  Mco  5,  alt.  =  100,000  ft.,  Rq  =  0.  3  ft. 


From  Figure  4  at  0  =  70° 

*^w 

% 

SI  =  R©  =  0.  3(70)  X  =  0.  366  ft. 


jlw  -  0.28  =  0.254 

q^  V  0.366 
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From  Example  I,  qQ  =  14,3 


=  .254(14.3)  =  3.64 

»ec-fr 


Step  2 


Now  since  q^s  =  constant, 

(qw)ai“/^*  =  (qw)8i  +  y  ^ 

/X  -1  A4  /o.366 
+  y  0.466 


_  ^  Btu 

t  y  '■  ^’  sec-ft^ 


C.  Turbulent  Flow 


1.  General  Bodies 


The  following  eqaation  is  used  to  calculate  the  turbulent  heat  trans¬ 
fer  rate  around  a  blunt  body, 


q^  -  0.0072 


Ue°*®Pr°*®f^r°’^  (1'aw  “  ^w)  Btu 


0.667 


0.2  sec-ft* 


The  quantities  that  must  be  known  for  each  calculation  are;  Mqq, 
altitude,  Tw»  s  (which  defines  0  for  a  given  body). 

Step  1 


From  Figure  7,  determine  the  ratio  of  the  local  pressure  to  the 

Pe 

stagnation  pressure  behind  a  normal  shock  (—  }  for  a  given  freo  stream 

Psj 

Mach  number  and  turning  angle. 


Va  ;y7i 
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Example  3 


0*0072 


ue0*0pr  ^ ^  (Taw  -  T^) 
(PR,)  0-6^  sO.2 


Flight  Conditions:  Moo  =  5»  =  100,000  ft,  =  1000,  0  =  45' 


{s  =  0.236  ft.) 


Step  1 


From  Figure  7,  ~  0.517 

Psj 


Step  2 


From  Figure  8,  =  1.015 

a* 


=  .828 


Step  3 


From  Figure  9  a*  =  2240  fps 
Figure  10c  Pg^  =  738  Ib/ft* 
Figure  11  Tg  =  2500  "r 
Ug  =  1.015  (2240)  =2280  fps 
Pg  =  0.517  (738)  =  382  Ib/ft* 

To  =  .828  (2500)  =2070  °R 


Step  4 


Tr  =  0.5  (1000)  +  .22  (2500)  +  .  28(2070) 
Tp  =  1630OR 


Stop  5 
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step  6 

From  Figures  12  and  13 

=  0.  264  X  10  ^  Ibjj^/ft-sec  ^Rr  ^ 

(Prj.)*^’  =  .890 

(Pr/^*  =  .792 

Step  7 

Taw=  .890(2500}+  (1  -.890)  20  70 
Taw  =  2440  Or 

Step  8 

0.0072(2280}^’^  (.0044)^‘*^  (2. 64  x  10"  2  (2440  -  1000) 

.792  (0.236)0.2 


=13.4  Btu/sec-ft* 

2.  Sphere -Cone 

The  turbulent  heat  transfer  about  a  sphere-cone  can  be  calculated 
in  a  similar  manner  to  the  laminar  heat  transfer  about  a  sphere-cone. 
Step  1 

Determine  qw  at  the  junction  of  the  sphere  and  cone  by  using 
the  turbulent  blunt  body  equations 
Step  2 

Assume  q^s®*2  =  constant  from  the  Junction  to  the  back  of  the 
body  (as  in  the  laminar  case^^^,  this  gives  most  accurate  results  near 

(1)  See  page  199 
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the  junction. 

Step  3 

Determine  at  a  given  value  of  s. 

Note  that  for  the  spherical  section,  the  method  described  in  the 
previous  section  is  used. 

Example  3a 

Flight  Conditions;  Moq  =*  5,  alt.  =100,  000  ft,,  =  1000°R 

y'  Cone  angle  =  45°,  Rq  =  0.  3  ft. 

/a/;* 


f 

1 . 

Step  1 


y  =  0. 1  ft. 


Bj  =  0.236  ft. 


From  Example  3,  “  13.4  Btu/sec-ft* 

Step  2 

{qw)8,  =  +  y)°-^ 


^  =  I  ^  a  |0«  236^0.  2 

(^w)B,+  y 

+  y  '  ^  eec-ft* 
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3*  PCaNTED  BODIES  (ATTACHED  SHOCK) 

A,  Ogive  B 

1.  Laminar  Flow 

The  following  equation  'is  used  to  calculate  the  laminar  heat 
transfer  rate  around  a  pointed-nosed  body, 


0.0796  (Taw  Tw)  Btu 


(7) 


Figure  B 

The  quantities  that  must  be  known  for  each  calculation  are; 
altitude,  Ty,i  s  (which  defines  0  for  a  given  body),  (inclination  angle  at 


the  nose). 

Step  1 

From  Figures  14-19  (depending  on  Mqo),  the  ratio  of  local 

pressure  to  stagnation  pressure  behind  a  conical  ahock(P®  .)  can  be  found 

Psz’ 

for  a  given  initial  inclination  angle  and  turning  angle. 

Step  2 

From  Figure  8  get  —3—  ^ud  — ~  for  a  given  value  of  — - — 
a  Tg  Pg2» 
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step  3 

*  'I 

From  Figure  9»  get  a 
From  Figure  1 1,  get  Tg 
Then  calculate  Ug  and  Te* 

Step  4 

From  Figure  20,  get 

Poo 


tlon  angle. 


For  a  given  Mqq  and  altitude - 


for  a  given  Mqo  and  initial  incline 


Step  5 

From  Figure  21,  get  pg^  for  a  given  altitude  and  calculate 
Pgjjt  •  Then  find  pg. 

Step  6 

Calculate  the  reference  temperature  (Tr) 

Tr  =  0.  5  Tw  +  0.  22  Tg  +  0.  28  Te 


where 


Pe 


Step  7 

Calculate  from  pj.  = 
ia  In  lb /ft*  and  Tr  is  in  °R, 


Pe 

53.  3  Tj. 


Ibm 

ft^ 


Step  8 

Find  pr  PRj.  i’igurea  12  and  13. 

Step  9 

Calculate  the  adiabatic  wall  temperature  (T-^^)  from, 


^aw 


=  PRr*^*  Tb+(1  -P; 


i/i  I  rp 

Rr 
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step  10 


From  the  following  equation,  solve  for  A 
>slT~  0  165° 

(•TT-  1)  +1  0^  650 


A 


(8) 


Step  1 1 

Solve  for  from  Equation  (7). 

It  should  be  noted  that  this  equation  for  the  heat  transfer  rate 
predicts  an  infinite  value  at  the  nose  of  a  pointed  body.  Since  this  is  not 
the  actual  value,  it  is  suggested  that  the  equation  be  used  only  up  to  one 
wall  thickness  of  the  apex.  In  the  region  where  the  heat  transfer  cannot 
be  predicted  accurately,  assume  that  the  temperature  at  the  wall  is  equal 


^  .0796  Ap/*^  Ue°*^Pr°’^<'^aw-Tw) 


^w 


.0.667  0.5 

(PRr)  s 
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Flight  Cohditiona:  Mqq  =  5,  alt.  =  100,000  ft, ,  =  IOOO°R 

““  T  a.  =  35®,  0  =70°  (s  =  0.5  ft.) 

Step  1 

From  Figure  17B  .  038 

PS2’ 

Step  2 

From  Figure  8  ^  =  .  393 

1  g  a 

Step  3 

From  Figure  9  a’!<  =  2240  fps 
Figure  1 1  Tg  =  2500OR 

Ue  =  1.91  (2280)  =  4280  fps  Tg  =  •  393(2500)  =  983  °R 
Step  4 

From  Figure  20  ’  =  130 

Poo 

Step  5 

From  Figure  21B  =  22,5  Ib/ft^ 

p„  '  -  130  (22.5)  =  2930  Ib/ft^ 

“2 

Pj,  =  .038  (2930)=  111  Ib/ft^ 

Step  6 

Tr  =  .  5(1000)  +  .22(2500)  +  .28  (983) 

Tr  =  1  325  °R 


Step  7 
Pr  = 


— -  =  .00158  lb,.„/ft^ 

53.  3(1325) 


Step  8 


From  Figures  12  and  13 

H  _  =  0.  230  X  10  ‘4  ibj„/ft-sec  (Pj.)‘ -  =  .  832 


=  0.692 


(p,)'^=  .782 


Step  9 


Taw  ^-834(2500)  +  (.832)  ( .  168) 
Taw  =  2240  Or 


Step  10 


A  =  (1  .  732  -  1)  (4^)  +  1  =  1.418 

jO 


step  1 1 


.  0796  (1 . 418)  (.  00158)°‘  ^  (4280)^^*  ^  (.  230x  10  -4)0*  ^  (2240  -  1000) 


.782  (0.  5)0- 8 


=  3.  16  Btu/sec~ft* 


2.  Turbulent  Flow 


The  following  equation  is  used  to  calculate  the  turbulent  heat 


transfer  rate  around  a  pointed-nosed  body, 


0.  00828  u, 


0.8  0.8  0.  2, 


(Pr,) 


Pr  (Taw-Tw)  Btu 
0.667  0.2  sec-ft^  (9) 


(1)  See  page207for  method  used  near  the  apex. 
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step  I  -  -  T  ^ 

Use  the  same  method  to  get  the -pr:op^jetiea  (except  as  for 

laminar  flow  around  an  ogive  (previous  section) 

Step  Z 

Taw  =  Ta  +  (1  Te 

Step  3 

Calculate  from  Equation  (9) 

Example  [1 
Step  1 

Pp  =  .  00158  Ibm/ft*  Pj^^  =  .692 

Ue  =  4  280  fpa  s  =  0.  5  ft 

fij.  =  0.230  X  10"^  Ibm/ft-aec.  Tg  =  2500t>R 
Tp  =  983°R 

Step  2 

(PRr)  =  -885 
Taw  =  .885(<1S00)  +  (.  115)  (983) 

Taw  2330  Or 


(1)  Note  that  il  is  not  necessary  to  calculate  the  factor  A  for  turbulent  flow, 


.  782(0.  5)0*2 


=  8.  70  Btu/flCc-ft* 


B.  Cones 


For  £ones  at  a  given  flight  condition,  all  properties  are  assumed 
constant  along  the  surface.  Therefore,  is  a  function  of  s  only. 

1.  Laminar  Flow 

Equation  (7)  is  used  to  calculate  q,^^^  for  laminar  flow  around  cones. 
The  quantities  which  must  be  known  are,  altitude,  T,^,  a  ^  (cone-semi¬ 

vortex  angle) 

Step  1 


Figure  D 

In  order  to  get  the  local  pressure  along  the  cone,  Figures  14-19 

Pe 

are  used.  For  a  given  Moo*  found  at  the  first  point  un  the  curve 

for  the  desired  o.j^  (i.e.,  the  point  where  0  =  90 -a^). 

Step  2 

From  Figure  8  get  — £  and  — S_  for  the  value  of  gotten  in 
a*  Tg  PSj' 

Step  1. 
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step  3 


From  Figure  9,  get  a* 
From  Figure  11,  get  Tg 


For  a  given  Mqo  and  altitude 


Then  calculate  Te  and  Ug* 
Step  4 


From  Figure  20,  get  LSJ—  for  a  given  and  cone  semi-vertex 

Poo 


angle. 


Step  5 


From  Figure  21,  get  p„  for  a  given  altitude  and  calculate  Pg,*, 


then  find  p 


Step  6 


Calculate  the  reference  temperature  (Tr) 

Tr  "^0.5  IV  +  0*  22  Tg  +  0.  28  Tg 

Step  7 

Po  Ihni 

Calculate  pj.  f/om,  It^ 

where  is  in  lb  /ft^  and  ia  in  °R. 

Step  8 

Find  Pi.  and  from  Figures  12  and  13. 

Step  9 

Calculate  the  adiabatic  wall  temperature  (Taw) 


Taw  =  Pr/^'^Tb  +  (1-  PR/^*)Te 
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For  cones,  A  =  '/T' 


Step  II 

Solve  for  from  Equation  (7)^^^, 

Example  6 

Flight  Conditions:  Mqo  =  5,  alt.  =  100,  000  ft.,  -  1000°R 
oi  =  35°  ,  8=0.5  ft. 

Step  1 

Pe 

From  Figure  17A  ^ ;  “  0.  1005 
Step  2 

From  Figure  8  =  1.696  =  .520 

ax*  T3 

Step  3 

From  Figure  9  aX*  -  2240  fps 

From  Figure  11  I’s  ”  2500  °R 

To  =  .  520(2500)  =  I300°R  1.696(2240)  =  3800  fps 

Step  4 

Paz’  ,  « 

From  Figure  20B  - =  130 

Poa 

Step  5 

From  Figure  2  IB  Pqq  ~  22,5  Ib/ft^ 


(1)  See  page  207  for  method  used  near  the  apex. 


Psj*  =  22.  5(130)  =  29301b/£t*  =  .  1005(2930)  =  294  Ib/ft^ 

Step  6 


Tr  =  0.5(1000)  +  0.22(2500)  +  0.28(1300) 

Tr  =  1410°r 
Step  7 

p  ,,  _  Pe _  ^  294 

53. 3{Tr)  53.3(1410) 

Pj.  =  .  00392  Ibm/ft^ 

Step  8 

From  Figures  12  and  13 

Pr  =  0,240  X  10“'*  Ibjj^/ft-sec.  .886 

PRr=  0-695  (Pr^)‘^*=  .834 

(PRr)'''*  =  .784 

Step  9 

1/2  >/2 

I'aw  =  PRr  'i’a  +  ^  ’  ^Rr  >  '^’e 

Taw  -■=  .834(2500)  +  .  166(1300) 

'^aw  “  2300OR 

Step  10 

A  =  1.  732 

Step  11 

q  ^0,0796(1.  732)(.00392)0- 5  (3800)0- ^(o.  240 x  lO"*)®' 6(2300- lOOO; 

0.  784  (0. 5)0-6 


=  6.  13  Btu/sec-ft* 


WACn  TR  59-22 


214 


2.  Turbulent  Flow 
Step  1 

Use  the  same  method  to  get  the  properties 
Taw)  laminar  flow  around  a  cone(^),  (previous  section). 

Step  2 

Taw  =  T,  +  (1  -  PRr"'')Te 

Step  3 

Calculate  from  Equation  (9)^^^. 


Example  7 

Flight  Conditions:  same  as  Example  6 
Step  1 

Uq  -  3  800  fps  =  0.695 

Pr  =  .  00392  Ibm/ft*  s  =  0,5 

Pj.  =  0.240  X  10  ■^lbm/ft-»ec.  =  1300°R 

Tg  =  2500OR 


Step  2 

Taw  =  T,  t  (1-Pr/’)T.  Pr,‘'’=  .88(. 

Tavv  “  .886(2500)  +  .  1  14(1300) 
raw  =  23  70°R 


(1)  Mute  that  it  is  not  necessary  to  calculate  the  factor  A  for  turbulent  flow. 

(2)  See  page  207  for  method  used  near  the  apex. 
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step  3 


qw 


^  .  00828  (3800)Q*  ^  (.  00392)Q>  ^  (Z.  40  x  IQ-S)^*  ^  (2370  -  1000) 

.784(0.5)0*2 


=  17,4  Btu/sec-ft^ 
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4.  TRANSITION 


It  is  expected  that  transition  from  laminar  to  turbulent  flow  will  take 
place  while  the  fluid  passes  over  the  body.  The  exact  location  of  the  trans¬ 
ition  point  io  usually  not  known  for  bodies  of  revolution.  Therefore, 
approximate  methods  must  be  used  to  determine  which  heat  transfer  rate 
{laminar  or  turbulent)  should  be  used  at  a  given  point  on  the  body.  Differ¬ 
ent  methods  are  used  for  blunt  and  pointed-nosed  bodies. 

Blunt  Bodies 

1.  netermine  both  the  laminar  and  turbulent  heat  transfer  rates  along 
the  body  from  methods  previously  described. 

2.  Using  these  rates,  draw  the  following  curve; 

Figure  E 

3.  For  points  before  the  intersection,  use  the  laminar  rate  and  for 
points  after  the  intersection,  use  the  turbulent  rate.  This  probably 
gives  the  most  conservative  (highest)  value  of  heat  transfer  at  a 
given  point. 

The  intersection  of  these  two  curves  is  not  necessarily  the  transition 
point,  and  it  is  possible  that  in  the  transition  region  the  heat  transfer 
rate  is  higher  than  indicated  by  either  curve.  However,  this  cannot  be 
taken  into  account  because  of  the  lack  of  available  information.  Therefore, 
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the  above  method  is  suggested  as  a  good  engineering  estimate. 


An  additional  degree  of  conservatism  is  obtained  by  fairing  the  curves 
together  in  the  region  of  the  intersection  point  (dotted  line), 

Pointed-Nosed  Bodies 

The  method  used  for  blunt  bodies  does  not  apply  here  since  the  tur¬ 
bulent  heat  transfer  rate  increases  as  the  nose  of  the  body  is  approached. 

The  moat  conservative  procedure  in  this  case  is  to  assume  that  the  boundary 
layer  is  turbulent  over  the  entire  body.  If  this  assumption  results  in  an 
intolerable  design,  a  reasonable  estimate  of  the  transition  point  (by  experi¬ 
mental  or  other  means)  must  be  made. 
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CHAPTER  II 

COOLING  TECHNIQUES  FOR  RADOMES 


PART  A 

GENERAL  DISCUSSION  OF  COOLING  PROBLEMS 
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A.  GENERAL  DISCUSSION  OF  COOLING  PROBLEMS  * 


All  structural  materials  lose  their  strength  as  their  temperatures 
are  increased.  Hence,  no  matter  what  material  is  under  consideration,  a 
speed  will  be  reached  at  which  the  material  fails.  If  flight  is  to  be  accomplished] 
at  very  high  speeds,  some  means  of  cooling  must  be  employed  to  keep  the 
temperature  of  the  structure  within  tolerable  limits.  It  is  the  purpose  of  this 
section  to  discuss  several  possible  cooling  methods.  Th::  schemes  which 
appear  promising  for  radome  applications  will  be  considered  in  detail. 

There  appear  to  be  two  basic  approaches  to  the  cooling  problem.  In 
the  first  approach,  the  heat  transferred  to  the  body  is  absorbed  by  the 
structure,  mat  is,  the  structure  is  made  a  heat  sink.  This  approach  has  two 
essential  variations. 

1.  High  thermal  conductivity  scheme.  The  structure  is  made  of  a 

high  heat  capacity,  high  thermal  conductivity  material  sn  that  heat  flows 

readily  from  the  hot  to  cold  regions  of  the  structure.  Ik  high  heat  capacity 

is  required  so  that  a  large  amount  of  heat  may  be  absorbed  per  unit  of  mass 

without  the  temperature  becoming  excessively  high.  Since  the  temperature 

ultimately  attained  by  the  material  depends  on  the  quantity  of  heat  absorbed, 

it  in  obvious  that  such  a  scheme  would  find  application  only  for  short  duration 

flights.  Of  course,  there  also  exists  the  problem  of  finding  a  material  which 

’’‘Most  of  the  material  in  this  part  has  been  taken  from  GASL  Scientific 
Reports  Nos.  6  and  9-Part  I. 
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has  both  the  required  thermal  properties  and  electrical  properties  necessary 
for  radome  applications. 

2.  Ablation  scheme.  For  flights  wherein  the  heating  is  very  intense 
but  of  short  duration,  it  may  be  feasible  to  allow  the  outer  surface  of  the 
structure  to  ablate.  The  latent  heat  of  melting  or  sublimation  may  be  used  to 
absorb  a  large  part  of  the  heat  load.  The  problem  of  suitable  choice  of 
materials,  of  course,  exists  for  this  scheme  also,  and  probably  in  an  even 
more  aggravated  form  since  in  this  case,  the  material  must  possess  the 
required  strength  under  conditions  of  large  temperature  gradients.  Further, 
the  gradually  changing  shape  of  the  radome  due  to  the  ablating  action  may 
cause  serious  optical  problems. 

The  methods  discussed  above  are  seen  to  be  applicable  to  flights  of 
short  duration.  Their  success  depends  essentially  on  the  proper  selerdnn  nf 
materials.  For  flights  of  longer  duration,  or  when  a  material  cannot  be  found 
that  has  the  required  thermal,  strength  and  electrical  properties,  a  different 
approach  must  be  used.  This  other  approach  makes  use  of  a  material,  other 
than  the  structure,  to  absorb  the  heat.  In  the  present  discussion,  attention 
will  be  restricted  to  the  latter  approach  since  analysis  of  the  heat  sink  approach 
requires  detailed  knowledge  of  the  vehicle  trajectory. 

Again,  one  may  divide  the  possible  schemes  into  two  classes. 

1.  Convection  cooling.  In  this  scheme  a  coolant  is  fiiculated  in  a 
channel  in  the  interior  of  the  radome.  The  heat  absorbed  by  the  radome  wall 
is  transferred  to  the  coolant  by  conduction.  The  coolant  is  then  either  passed 
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through  the  radome,  or  it  is  discharged  from  the  vehicle  and  a  fresh  supply 
of  coolant  is  delivered  to  the  radome. 

.  2._  Coolant  injection.  In  these  schemes  coolant  is  injected  through 

the  radome  surface  either  through  discrete  slots  as  in  the  case  of  film  cooling, 
or  through  sections  of  the  radome  which  are  made  of  a  porous  material. 

In  both  of  these  methods,  the  cooling  is  accomplished  by  two  mechanisms. 
First,  heat  is  absorbed  by  the  coolant  as  its  temperatu^  e  is  raised  from  its 
initial  state  to  its  final  state.  Secondly,  the  injection  of  the  coolant  into  the 
air  outside  the  radome  clianges  the  nature  of  the  boundary  layer  flow  so  that 
less  heat  is  transferred  to  the  radome  than  would  occur  if  the  same  wall 
temperature  were  maintained  without  coolant  injection. 

In  all  of  the  schemes  where  a  coolant  is  used,  the  problem  of  coolant 
supply  must  be  considered.  One  may  carry  the  required  supply  of  coolant 
along  with  the  vehicle  (together  with  a  heat  exchanger  system  if  convection 
cooling  is  to  be  used).  In  this  case,  the  weight  of  the  coolant  to  be  carried 
may  become  prohibitive  especially  for  long  flights.  Alternatively,  one  may 
make  use  of  the  air  through  which  the  vehicle  is  flying  for  the  coolant  supply. 
In  this  case,  some  device  would  have  to  be  carried  which  would  reduce  the 
temperature  of  the  ram  air  without  too  great  a  loss  in  pressure.  The  weight 
and  efficiency  of  such  a  device  would  depend,  of  course,  on  the  amount  of 
coolant  weight  flow  required.  A  discussion  of  such  a  system  is  given  in 
Part  B  of  this  Chapter.  In  cither  case,  it  is  seen  that  the  rate  at  which  coolant 
must  be  supplied  is  an  important  factor  in  the  design  of  the  cooling  system. 
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In  Reference  1,  a  comparison  has  been  made  of  the  weight  flows 
required  to  maintain  a  given  wall  temperature  on  a  flat  plate  using  convection 
cooling,  transpiration  cooling  and  film  cooling.  It  was  found  that  transpiration 
cooling  required  the  least  weight  flow,  convection  cooling  was  second  and  one 
slot  or  film  cooling  was  last.  The  results  for  film  cooling  depend  on  the 
number  of  slots  being  used  (transpiration  cooling  is  the  limiting  case  of  film 
cooling  when  the  number  of  slots  become  infinite).  The  analysis  of  Reference  1 
was  performed  for  essentially  low  speed  conditions.  In  Part  B  a  similar 
comparison  will  be  made  for  a  body  of  revolution  at  the  high  speed  flight 
conditions  which  are  of  more  interest  for  the  present  investigations.  Also, 
deviations  from  optimum  performance  which  arise  from  practical  considera¬ 
tions  of  coolant  supply  will  be  considered.  The  calculations  were  performed 
for  only  one  configuration,  namely,  a  spherically  blunted  rone  of  20*^  semi-ape;^ 
angle,  base  radius  of  I.fi  ft.  ,  and  radiao  at  the  cone-sphere  junction  of  0.  3  ft. 

(Fig.l,  Pt.B-b).  This  configuration  was  selected  In  order  to  simplify  the  aero¬ 
dynamic  calculations.  The  variations  of  the  coolant  weight  flow  with  coolant 
temperature,  flight  conditions,  etc.  should  be  qualitatively  the  same  for  other 
shapen  uf  iulcrest  for  radome  applications.  ..Mr  w’ac  the  only  coolant  for  which 
calculations  were  performed.  Again,  the  trends  obtained  from  these  cal¬ 
culations  should  apply  to  other  coolants. 

Parts  C  and  O  of  this  Chapter  are  concerned  with  the  effect  of  up¬ 
stream  transpiration  (porous  region  near  the  nose  of  the  radome)  cooling  on 
both  the  turbulent  and  laminar  boundary  layers.  This  problem  is  considered 
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here  since  a  completely  porous  radome  would  hinder  the  transmission  and 
reception  of  radar  waves  to  such  an  extent  as  to  render  the  unit  ineffective, 

It  has  been  suggested  that  removing  the  radome  from  the  nose  and 
placing  it  underneath  the  forward  section  of  the  missile  (chin  radome)  would 
alleviate  the  heating  probleni.  However,  when  in  this  position  the  radome 
causes  the  flov/  to  separate.  This  separated  region  has  a  different  effect  on 
the  aerodynamic  heating  than  the  ordinary  boxmdary  layer  flow.  Part  E 
considers  the  heat  transfer  to  the  chin  radome  for  both  laminar  and  turbulent 
separation.  The  effect  of  injecting  a  cool  gas  in  the  separated  region  is  also 
investigated. 

Part  F  of  this  Chapter  deals  with  the  effect  of  placing  a  spike  in  front 
of  a  nose  radome  on  the  heat  transfer  to  the  body.  A  discussion  is  now  given 
of  several  aerodynamic  features  of  spikes  which  project  upstream  along  the 
axes  of  bodies  of  revolution. 

Studies  have  been  made  of  the  drag-reducing  possibilities  of  forward 
projecting  spikes  (see  for  example  Reference  2).  As  slender  bodies  their 
aerodynamic  behavior  has  been  well  understood  (Reference  3),  particularly 
when  they  have  been  faired  gradually  into  bodies  of  moderate  cone  angle.  In 
the  latter  cases  flow  separation  from  the  spikes  occurs  only  near  the  faired 
junction  if  at  all. 

Investigations  have  also  been  made  on  the  aerodynamic  effects  of 
placing  spikes  upstream  of  blunt  bodies  (Reference  2,  4  to  8).  Primarily, 
these  studies  have  been  concerened  with  drag -reduction  of  the  blunt  bodies 
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and  with  heat  transfer  reduction  on  the  noses  of  blunt  bodies.  In  all  the  cases 
cited,  solid  spikes,  such  as  cone  cylinders,  were  used.  In  some  instances, 
enlarged  conical  tips  or  flat-disk  tips  were  placed  on  the  ends  of  the  spikes. 
The  spike  diameters  were  small  compared  to  tlie  base  diameters  of  the  blunt 
bodies.  Their  lengths  were  on  the  order  of  one-half  to  seven  body  diameters. 

The  flows  associated  with  the  spikes  on  hlnnt  bodies  in  the  instances 
cited  above  are  characterized  by  the  fact  that  the  flow  on  the  spike  becomes 
separated  under  the  influence  of  the  strong  adverse  pressure  gradients 
generated  at  the  stepwise  junction  between  the  spike  and  the  body.  As  a 
result  a  conical  wake  is  generally  formed  which  envelopes  the  frontal  region 
of  the  body.  A  region  of  low  pressure  is  thus  generated  on  the  front  of  the 
body  and  a  reduction  in  drag  follows.  Furthermore,  the  spike  causes  a 
conical  shock  to  form  and  thus  ameliorates  the  momentum  loss  through  the 
strong  shock  region  which  normally  forms  before  a  blunt  body.  This  results 
in  a  further  drag  reduction.  From  the  standpoint  of  drag  reduction  the  spike 
has  the  general  effect  of  making  the  blunt  body  sharp. 

The  details  of  the  flow  field  engendered  by  the  spike  on  the  blunt  body 
are  complex.  The  flow  in  separated  wakes  cannot  readily  be  analyzed. 
Furthermore,  the  interaction  between  the  conical  shock  on  the  spike  and  parts 
of  the  bow  shock  remaining  in  the  region  of  the  blunt  nose,  and  between  the 
shocks  and  the  separated  flow  complicates  matters  further.  As  a  result,  the 
heat  transfer  rates  associated  with  this  flow  are  difficult  to  estimate.  In  the 
work  of  Stalder  and  Nielsen  (Reference  6)  at  Mach  1.75  and  Z.&7  the  heat 
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rates  on  the  nose  were  double  the  value  on  the  unspiked  nose  regardless  of 
the  spike  configuration.  The  heat  rates  without  spikes  in  these  tests  varied 
approximately  as  the  square  root  of  the  test  Reynolds  number,  thus  indicating 
laminar  boundary  layer  flow.  The  heat  rates  with  the  spikes  showed  a  slightly 
stronger  variation  with  Reynolds  number,  but  not  one  sufficient  to  suggest  a 
turbulent  heat  rate  variation  which  usually  increases  with  the  0.8  power  of 
the  Reynolds  number.  However,  it  has  been  suggested  that  the  free  boundary 
layer  on  the  boundary  of  the  separated  region  had  turned  turbulent  and  that 
this  influenced  the  doubling  of  the  heat  transfer  level  despite  the  reduction  in 
pressure  level  on  the  nose. 

The  tests  of  Bogdonoff  and  Vas  (Reference  8)  were  made  in  helium 
at  a  Mach  number  of  14.  These  indicated  forebody  pressure  reductions  by 
factors  of  10  to  40  when  spikes  were  used.  Contrary  to  the  aforementioned  low 
Mach  number  results,  the  hypersonic  tests  indicated  decreases  in  the  forebody 
heat  rates  by  factors  of  2  and  3.  It  has  been  speculated  that  the  separated 
flows  in  this  caae  remained  laminar.  A  further  reduction  in  the  heat  transfer 
might  be  accomplished  by  the  injection  of  a  coolant  in  the  separated  region. 

It  should  be  noted  that  spikes  placed  at  angles  of  .rttack  generate 
cross-forces  which  may  result  in  appreciable  deflections  and  bending  moments. 
Furthermore,  the  separated  flown  of  Stalder  and  Nielsen  were  found  to  be 
somewhat  oscillatory  in  nature. 
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CHAPTER  II  -  PART  B 

RADOME  COOLING  ANALYSIS 

a.  Transpiration  Cooling  -  by  Melvin  Epstein 
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RADOME  GOOLING  ANALYSIS 


-  --B. 


a.  TRANSPIRATION  COOLING 

SUMMARY 

An  engineering  analysis  is  presented  for  the  purpose  of  studying 
the  feasibility  of  using  a  transpiration  cooling  system  to  cool  a  radome 
shaped  body.  An  empirical  correlation  of  known  solutions  for  the 
turbulent  flow  over  a  flat  plate  with  transpiration  is  used  to  establish 
a  simple  formula  for  the  determination  of  the  mass  flow  rate  required 
as  a  function  of  flight  condition,  coolant  properties,  and  desired  wall 
temperature.  This  result  is  used  to  determine  the  coolant  weight  flow 
requirements  of  a  radome  shaped  body  for  both  ideal  (non-uniform)  and 
realistic  (uniform)  distributions  of  porosity.  Discussions  are  presented 
concerning  the  problems  of  coolant  pressure  requirements,  coolant 
supply  systems  and  problems  related  to  the  use  of  a  porous  material. 


1.  ANALYSIS  AND  DISCUSSION  OF  RESULTS 

An  approxiinate  analysis  is  presented  below  for  determining  the  amount 
of  coolant  required  to  protect  a  radome  utilizing  a  transpiration  cooling 
scheme.  To  the  writer's  knowledge,  no  analysis  of  the  present  problem 
appears  in  the  literature.  Since  the  purpose  of  the  present  investigation  is 
to  determine  the  feasibility  of  a  transpiration  cooling  system,  an  approximate 
engineering  approach  will  be  used.  In  the  analysis,  it  is  assumed  that  the 
boundary  layer  is  entirely  turbulent.  Since  porous  injection  is  known  to  have 
a  destabilizing  effect  on  the  boundary  layer,  the  surface  area  wetted  by  the 
laminar  part  of  the  boundary  layer  on  a  body  of  revolution  is  only  a  small 
part  of  the  total  surface  area  and,  hence,  the  assumption  of  all  turbulent 
flow  appears  to  be  reasonable. 

It  is  realized  that  the  completely  porous  radome  is  not  practical 
(see  Part  A,  Chapter  II).  However,  this  assumption  will  suffice  for  a  com¬ 
parison  of  the  three  methods  of  cooling  discussed  in  this  part  of  the  report. 

It  has  been  iound  that  in  the  limiting  case  of  zero  transpiration, 
the  heat  transfer  on  a  body  of  revolution  can  be  determined  to  a  degree 
of  accuracy  adequate  for  engineering  purposes  by  applying  the  turbulent 
flat  plate  formulas,  with  the  free  8trea;.i  parameters  replaced  by  the 
local  values  of  the  parameters  vdiich  exist  outside  the  boundary  layer 
on  the  actual  body.  In  addition,  for  conical  bodies,  the  local  Reynolds 
number  is  divided  by  a  factor  of  two.  Since  an  analysis  of  the  compres¬ 
sible  turbulent  boundary  layer  on  a  body  of  revolution  with  transpiration 
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cooling  has  not  yet  l)een  accomplished,  the  same  approximation  will  be 
used  here. 

In  Reference  1  an  analysis  is  presented  by  Rubesin  of  the  compres¬ 
sible  turbulent  flat  plate  boundary  layer  with  porous  injection.  In 
Reference  2,  Rubesin  shows  that  for  a  wide  range  of  flow  conditions, 
all  of  his  solutions  fall  into  a  rather  narrow  band  if  the  results  are  plotted 
as  St/StQ  vs.  F/Stjj  (Figure  2),  where  St  is  the  Stanton  number, 


and  subscript  zero  denotes  zero  transpiration  conditions.  In  analogy 
with  the  zero  transpiration  case,  it  in  assumed  that  local  application  of 
the  flat  plate  results  to  axially  symmetric  problems  is  permissible  pro¬ 


viding  one  uses  the  zero  transpiration  Stanton  number  corresponding  to 
the  axially  symmetric  case. 


Sto 


.0345 


(3) 


The  Reynolds  number  should  be  evaluated  at  the  so-called  "reference 


temperature",  but  for  simplicity  in  this  analysis,  it  will  be  evaluated  at 


the  conditions  existing  at  the  outer  edge  of  the  boundary  layer.  The  error 
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involved  in  this  approximation  should  not  be  significant  for  the  purpose 
of  this  analysis. 

A  further  approximatiun  is  now  introduced  which  is  suggested  by 
the  narrow  band  into  which  Rubesin's  solutions  fall  i*.  Figure  2.  It  can 
be  seen  that  the  curve  given  by 


FT  :  e 


is  within  approximately  plus  or  minus  ten  percent  of  all  of  Rubesin's 
solutions  for  a  wide  range  of  parameters  (Figure  2).  It  will  therefore 
be  assumed  that  Equation  4  can  be  used  to  relate  the  heat  transfer  with 
transpiration  to  the  heat  transfer  without  transpiration  at  the  same  con¬ 
ditions, 

The  amount  of  coolant  required  to  maintain  a  given  wall  temperature 
can  be  deduced  by  striking  a  heat  balance  between  the  heat  transferred 
toward  the  wall  and  the  heat  absorbed  by  the  coolant.  Thus 


‘^Sto 


q  =  CpC^aw  "  'I^w)Pe'^e  ®  ■  Pw^'w  Tj) 


If  one  defines 


Taw  -  "^w 


Z  =  --,  Tl= 


Tw-  T, 
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Equation  4  reduces  to 


^  ^  e 


Equation  7  is  plotted  in  Figure  3.  It  represents  a  very  simple 
approximate  solution  to  the  transpiration  cooling  problem.  Given  the 
flight  condition,  coolant  temperature,  pressure  distribution  and  zero 
transpiration  heat  transfer,  one  can  determine  the  amount  of  coolant 
required  to  maintain  a  given  wall  temperature. 

Equation  7  has  been  applied  to  the  determination  of  the  amount  of 
coolant  required  to  protect  the  spherically  blunted  cone  illustrated  in 
Figure  1.  The  spherical  part  was  assumed  to  be  protected  by  injecting 
the  coolant  at  a  discrete  slot  at  the  stagnation  point.  Since  the  surface 
area  of  the  spherical  region  is  only  a  very  small  part  of  the  total  surface 
area,  the  amount  of  coolant  required  to  protect  the  nose  is  small  com¬ 
pared  to  the  amount  required  to  protect  the  coidcal  surface,  This 
amount  was  estimated  (by  assuming  that  the  maximum  local  coolant  flux, 
rates  required  at  any  point  on  the  body  was  supplied  over  the  entire 
spherical  region)  to  be  less  than  4%  of  tlie  total  required  coolant. 

The  amount  of  coolant  required  to  cool  the  conical  part  of  the  surface 


is  simply 


+  L 

=  2iigsin0c  J  p^v^xdx 
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It  is  seen  from  Equations  2,  3,  6  and  7,  that  the  minimum  coolant 
rate  is  obtained  when  the  local  injection  rate  (p^v^)  varies  as 
In  this  case,  Equation  8  becomes 

W  =  ■0383irgRB^e  z  fl  -  (9) 


where  Rsq  is  the  Reynolds  number  based  on  the  base  radius  and  z  is 
determined  from  the  known  values  of  adiabatic  wall  temperature,  coolant 
temperature,  wall  temperature  and  Equation  7. 

For  the  configuration  under  consideration,  a  varying  injection  rate 
would  require  either  a  varying  internal  pressure  or  a  nonuniform  distri¬ 
bution  of  porosity.  It  does  not  appear  that  a  controlled  distribution  of 
pressure  in  the  interior  of  the  radome  would  be  feasible.  Quantity 
production  of  porous  radomes  with  variable  porosity  is  also  not  within 
the  present  state-of-the-art.  Hence  the  coolant  weight  flow  predicted 
by  Equation  9  may  be  regarded  as  an  ideal  weight  flow  which  probably 
cannot  be  obtained  in  practice.  For  the  purpose  of  illustration,  the 
variation  of  this  ideal  weight  flow  with  Mach  number  and  coolant  tempera¬ 
ture  at  an  altitude  of  100,000  feet  and  Tw  =  1000°R  is  shown  in  Figure  4 
for  the  configuration  under  consideration. 

It  is  of  interest  to  calculate  tho  weight  flow  required  under  more 
practical  conditions,  i.e.,  with  constant  internal  pressure  and  uniform 
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porosity.  Since  the  pressiire  is  essentially  constant  on  the  conical  part 


of  the  surface,  the  injection  rate  is  then  also  constant.  Hence,  the 


coolant  rate  flow  may  be  expressed  as 


W  =  2iTg  sin  fij. 


^Lii  +  L 

J 


r.  ..  ,  .-1 


Li 


^  =  iTg  +L)  -  Li^)|sinB^, 


(9) 


The  value  of  to  be  used  in  Equation  9  is  the  value  required  to  keep 

the  point  of  maximum  heating  at  the  required  wall  temperature.  On  the 
conical  part  of  the  surface,  this  is  at  the  sphere -cone  Junction.  Thus, 
given  Taw*  ^w  shoulder,  and  Tj,  one  can  determine  q  and  hence 

the  value  of  z  at  the  shoulder.  Then,  using  Equations  6  and  3,  the  expres¬ 
sion  for  the  coolant  weight  flow  required  to  keep  the  maocimum  tempera¬ 
ture  below  Tw  becomes 


W 


0345  g 


(10) 


TrR3*PeUe  Regl/S  gi^n4/5  {Li/L)^/^ 

The  variations  of  coolant  weight  flow  required  vs.  coolant  tempera¬ 
ture,  Mach  number,  altitude  and  maximum  wall  temperature  are  pre¬ 
sented  in  Figure  5,  Comparison  with  the  ideal  porosity  case  of  Figure  4 
shows  that  approximately  twenty-five  percent  more  coolant  weight  flow 
must  be  supplied  tor  the  constant  porosity,  constant  internal  pressure 
case. 
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In  the  scheme  considered  eboye,  it  was  assumed  that  the  spherical 
part  of. the  body  is  cooled  by  means  of  a  discrete  injectioh_of  coolant  at 
the  stagnation  point.  In  order  to  have  as  simple  a  system  as  possible, 
it  would  be  desirable  that  the  pressure  drop  across  the  porous  part  of  the 
surface  be  sufficiently  large  so  that  the  pressure  on  the  inside  of  the 
radome  is  greater  than  the  stagnation  pressure  behind  the  bow  shock 
wave.  In  this  way,  the  same  coolant  source  could  be  used  for  the  entire 
system,  the  division  of  mass  flow  between  the  nose  slot  and  the  porous 
wall  being  accomplished  by  appropriately  designing  the  shape  of  the  nose 
slot. 

As  an  example  of  the  pressure  levels  required  in  sucli  a  system, 
calculations  were  performed  assuming  the  porous  surface  to  have  a 
pressure  drop  of  1  psi  per  inch  of  thickness  for  a  flow  rate  of  one  cubic 
foot  per  minute  of  air  at  standard  temperature  and  pressure.  This 
corresponds  to  a  low  porosity  refractory  ceramic.  The  results  of  this 
calculation  are  presented  in  Figure  6  for  a  1/4  inch  thick  wall.  It  is 
seen  that  the  required  pressure  level  on  the  inside  of  the  radome  varies 
considerably  with  altitude  and  Mach  number.  This  fact  complicates  the 
problem  of  controlling  the  coolant  supply  with  changing  flight  conditions. 
The  problem  may  not  be  as  severe  as  one  might  first  expect,  however, 
since  tlie  device  which  supplies  the  coolai^t  will  also  probably  have 
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characteristics  which  depend  in  a  similar  manner  on  flight  condition, 
(assiiinihg  a  ram -air  intake  is  used).  J 

One  possible  device  for  supplying  the  coolant  is  a  turbo-cooler  ■wixich 
takes  ram  air  and  expands  it  to  the  required  coolant  pressure.  If  the 
temperature  at  the  end  of  the  expansion  is  equal  to  or  less  than  the  required 
coolant  temperature,  then  such  a  device  could,  by  itself,  serve  as  a  coolant 
supply  system.  If  the  temperature  at  the  end  of  the  expansion  is  higher  than 
the  required  coolant  temperature  then  an  additional  means  of  reducing  the 
cooling  temperature  must  be  coupled  into  the  system,  A  more  detailed 
discussion  of  such  a  system  is  given  in  Appendix  IV  of  the  portion  of  Part  B 
on  convective  cooling  (page  350).  However,  it  is  of  interest  here  to  make  a 
rough  calculation  to  see  whether  such  a  system  could  find  application  in  a 
transpiration  cooling  scheme. 

Tne  feasibility  of  such  a  system  depends,  of  course,  on  the  flight 
condition  and  the  heat  load  to  be  absorbed.  To  illustrate  the  effect  of 
these  conditions  on  the  feasibility  of  a  turbo-cooler  system,  approximate 
sample  calculations  were  made  for  1)  the  ideal  case,  wherein  the  ram 
air  was  obtained  through  an  Inlet  with  one  hundred  percent  pressure 
recovery  and  2)  a  more  realistic  case  wherein  the  ram  air  was  obtained 
through  an  inlet  with  sixty  percent  pressure  recovery.  The  final  tempera¬ 
ture  was  determined  by  assuming  that  the  air  expands  isentropically  froni 
the  final  total  pressure  to  the  required  coolant  pressure.  The  results 
are  presented  in  Figure  6.  The  region  in  which  the  cooling  system  would 
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operate  is  to  the  right  of  the  shaded  curves.  For„the  1000°R  v/all 
temperature  condition,  the  heat  load  is  too  great  for  this  system  to 
operate  by  itself.  For  the  2000®R  wall  temperature  condition,  it  is 
seen  that  the  turbo-cooler  by  itself  is  capable  of  providing  the  required 
cooling  air  over  a  wide  range  of  conditions  if  an  efficient  inlet  is  used. 
Even  fur  an  inlei  with  a  pressure  recovery  of  sixty  percent,  the  turbo¬ 
cooler  is  still  satisfactory  for  a  Bom.ewhat  restricted  range  of  conditions. 

A  fev/  words  are  in  order  here  concerning  the  fabrication  of  a 
porous  wall.  One  of  the  principal  difficulties  associated  with  a  transpira¬ 
tion  cooling  system  is  the  manufacturing  ux  an  acceptable  porous  wall. 

It  is  necessary  that  the  porosity  be  closely  controlled  with  respect  to 
uniformity  and  reproducibility.  The  state-of-the-art  of  the  manufactur¬ 
ing  of  porous  ceramics  has  been  developed  to  the  point  where  these 
characteristics  can  be  adequately  controlled,  at  least  for  simple  shapes 
(cylinders  and  disks).  Good  results  have  also  been  obtained  for  radome 
shaped  bodies  in  laboratory  applications.  In  radome  applications)  it  may 
also  be  necessary  that  the  wall  thickness  be  closely  controlled  because 
of  optical  considerations.  Present  porous  ceraunic  forming  practice 
allows  the  thickness  to  be  controlled  to  within  about  one  percent  on  simple 
shapes. 

Another  difficulty  associated  with  the  use  of  porous  walls  is  that  of 
maintenance.  Experience  with  porous  ceramic  linings  in  combustion 
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chambers  and  gas  turbine  blades  indicates  that  the  pores  frequently 
become  clogged.  It  is  expected  that  in  radome  applications  this  problem 
may  not  be  so  severe  since  the  fluid  passing  through  the  material  is 
relatively  clean. 

The  strength  characteristics  of  porous  materials  depend  very  much 
on  the  type  of  materials  being  used  and  the  method  of  manufacture.  The 
presence  of  myriads  of  tiny  pores  tends  to  weaken  the  structure  con¬ 
siderably  because  of  the  stress  concentrations  that  they  introduce.  This 
condition  appears  to  be  worst  for  materials  with  a  crystalline  structure. 
Ceramics  made  from  a  glassy  substance  seem  to  be  better  in  this  respect 
although  the  loss  of  strength  due  to  porosity  is  still  quite  large.  The 
successful  use  of  porous  wall  radomes  may  hence  depend  principally  on 
whether  the  desired  strength  properties  can  be  obtained,  The  porous 
materials  which  are  now  available  appear  to  be  marginal  with  respect  to 
strength  chanacteristios. 
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3.  SYMBOLS 

Cp 

specific  heat  at  constant  pressure  “  ■  ”■ 

F 

P’WVy, 

PeUe 

L,  Li 

slant  height  of  body,  slant  distance  to  cone-sphere  junction 

Moo 

free  stream  Mach  luimher 

P 

pressure 

Pr 

Prandtl  number 

q 

heat  flux 

R 

radius 

Ro 

Pe^e  X 

Pe 

St 

Sta.nton  number 

T 

• 

temperature 

u 

voloci  ty 

velocity  normal  to  surface 

W 

weight  flow 

X 

distance  along  meridian  of  body 

% 

aw  ■  1  w 

q 

T\v  -  Tj 

®C 

cone  semi-apex  angle 

p 

density 
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Subscrlptg  . 
aw  adiabatic-wall 

B  base 

c  cone 

e  local  inviacid  flow 

0  zero  transpiration 

ti  free  stream  total  value 

total  value  downstream  of  normal  shock 
w  wall 

1  coolant 
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R,.ADOME  COOLING  ANALYSIS 


b.  CONVECTIVE  COOLING 

SUMMARY 

General  methods  are  developed  for  determining;  the  cooling  require¬ 
ments  of  a  radome  with  convective  cooling  in  which  the  radome  is  con¬ 
structed  of  two  shells  forming  a  gap  through  which  the  cooling  medium  is 
passed.  The  depth  of  the  gap  is  varied  along  the  radome  to  maintain  a 
constant  surface  temperature  of  the  outer  shell.  Charts  are  presented  for 
the  rapid  calculation  of  the  cooling  requirements  of  radomes  of  conical 
shape.  The  limits  of  the  capability  of  convection  cooling  are  pointed  out. 

An  example  is  given  of  the  cooling  requirements  of  a  E0°  conical 
radome  of  1.  5  feet  base  radius  flying  at  a  Mach  number  of  6  at  100,000  feet, 
using  air  as  the  cooling  medium.  Several  systems  for  obtaining  the  require< 
cooling  air  arc  discussed. 


1,  SCOPE  QF  STUDY 

This  part  of  the  report  presents  and  discusse3_  the  r_esults  of_an- 
analysis  for  determining  required  cooling  flows  and  radofne  designs  with 
convection  cooling.  The  term  ••convection  cooling"  denotes  the  stem  of 
cooling  in  which  the  radome  is  constructed  of  two  shells  forming  a  gap 
through  which  the  coolant  is  passed. 

The  coolant  considered  is  gaseous.  The  treatment  is  for  the  steady 
state  condition.  The  effect  of  radiation  and  of  the  thermal  resistance  of 
the  icdomo  material  are  considered. 

Results  are  pr<isented  for  the  design  condition  of  a  constant  tempera¬ 
ture  of  the  outside  shell.  In  order  to  achieve  a  constant  temperature,  it  is 
nf'cessary  that  the  cooling  gup  vary  along  the  length  of  the  radome.  As 
opposed  to  otluir  possible  design  conditions,  for  example,  a  constant  cooling 
giip,  the  cf)nstant  lemporature  condition  results  in  the  minimum  required 
cooling  flowt,  f(.)i  maintaining  a  given  maximum  temperature,  ' 

ReuuUs  are  presented  for  ah.ipes  consisting  of  frustrums  of  cones. 

The  nose  region  is  not  considered.  In  practice,  the  Jiose  must  be  treated 
in  a  special  manner,  possibly  by  ijijection  cooling.  Since  the  nose  region 
comprises  a  very  small  surface,  the  cooling  requirements  are  of  minor 
importance  as  far  as  magnitude  of  the  requirements  are  concerned. 
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Turbulent  flow  of  the  coolant  was  assumed  in  the  analysis.  This  con¬ 
dition  will  apply  in  the  flight  regimes  of  major  interest  where  high  rates  of 
heat  flux  occur. 

The  analysis  was  made  assuming  low  or  moderate  Mach  numbers  of 
the  cooling  flow.  This  assumption  was  adopted  in  line  with  the  desirability 
of  small  or  moderate  pressure  drops.  Small  pressure  drop  is  a  design 
requirement  where  the  effect  of  the  cooling  system  on  the  performance  of 
the  aircraft  is  important,  particularly  of  aircraft  designed  for  long  range 
or  long  duration. 

Where  performance  is  not  an  overriding  consideration,  high  Mach 
numbers  may  be  tolerated.  The  results  presented  herein  are  then  not 
strictly  applicable.  This  aspect  of  the  cooling  problem  has  been  earmarked 
for  future  study.  Until  such  a  study  has  been  accomplished,  a  tentative 
criterion  for  the  iiccuracy  of  the  present  results  iu  suggested  as  an  exit 
Mach  number  around  .5. 

A  design  based  on  high  Mach  numbers  of  the  cooling  flow  may  result 
in  a  choked  condition  at  the  exit  of  the  cooling  gap.  The  choked  condition 
represents  the  limit  of  the  capability  of  convection  cooling.  The  determina¬ 
tion  of  this  capability  limit  is  a  worthwhile  subject  for  future  study.  For 
the  present,  a  rough  criterion  has  been  tentatively  established, as  discussed 
in  Section  14  in  ox'der  to  give  some  idea  of  the  significance  of  this  limit. 
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The  results  of  the  cooling  analysis  are  presented  in  general  form  for 
ready  application  to  any  gaseous  cooling  medium.  Ah  example  is  worked 
out  in  detail  to  illustrate  the  method  of  application. 

The  example  considered  is  the  case  of  cooling  with  air  at  a  flight 
condition  of  M  =  6  at  100,000  ft.  The  results  are  discussed  in  the  light  of 
several  systems  devised  for  producing  the  required  air, 

2.  COOLING  CHARTS 

Cooling  charts  for  the  determination  of  required  cooling  flows  are 
developed  from  the  general  analysis  pro  lented  in  Appendix  I  which  can  be 
applied  to  any  radome  shape.  The  applii  ilion  to  the  conical  radome  is 
given  in  Appendix  11.  The  analysis  applie.,  to  cases  where  the  thermal 
vesiatance  of  the  radome  material  may  bo  ’  •.>u  cted.  The  effect  of  thermal 
resistance  is  treated  in  Section  7. 

The  charts  consist  of  curves  of  the  clitr  'n  '  ■  ilass  qiianlitles  tgva.  (Jg 
for  constant  values  of  b. 

The  quantity  b  defines  the  cone  geoiuelry 

h  -  ~ 

Rf 

Rg  base  radius  of  the  cone  frustrum 

Rf  front  radius  of  frustrum 
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the  value  of  determined  as  indicated  above  will  always  be  greater  than 
the  actual  turbulent  heat  flux  at  the  base. 

The  radiation  flux  is  given  by 

qr  = 


O'  Stefan -Boltzman  radiation  constant 
e  emisaivity  of  the  radome  surface 
Since  the  surface  temperattire  is  constant,  is  constant  over  the 
entire  surface. 

The  quantity  (T^  is  defined  as  . 


O', 


D 


B(T^-T,) 

B  is  a  quantity  with  the  dimensions  of  a  heat  transfer 
coefficient. 

It  is  a  function  of  the  conditions  of  the  cooling  flow 


p_5/6^.I/6 

dji 


The  quantity  a  is  au  experimental  constant  in  the  normal  heat  transfer 
correlation  for  turbulent  flow  {see  App.  I).  On  the  basis  of  data  in  Refer¬ 
ence  1,  a  value  of  a  a  ,020  is  recommended. 
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n  is  the  theoretical  constant  in  the  Reynolds  heat  transfer -friction 
analogy.  It  has  the  value  of  2. 

z  is  a  pressure  drop  parameter  defined  by 


z  =  -rr-  (  1  -  T-  ) 


pressure  drop  of  coolant  from  inlet  to  exit 
Pi  pressure  at  inlet 

d/dj^  is  the  ratio  of  the  depth  of  the  cooling  gap  to  the  hydraulic 
diameter.  For  the  annular  shape  of  the  gap,  it  has  the  value  of  1/2. 

Yi  is  a  function  of  temperature  and  the  physical  properties  of  the 
cooling  medium 

1/6,  g  .  5/12  .-5/9 


(Pr) 


RT, 

Cp  specific  heat 

p  viscosity 

g  acceleration  of  gravity 

R  gas  constant 

Ti  inlet  temperature 
Pi  Prandtl  number 

For  accurate  results,  the  physical  properties  should  be  evaluated  at 
a  temperature  which  is  a  mean  of  the  wall  temperature  and  the  bulk  tern- 
perature  of  the  cooling  medium. 
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For  present  purposes  of  estimation,  it  is  sufficiently  accurate  to 

evaluate  the  properties  at  the  inlet  temperature.  This  has  the  advantage _ 

of  making  Yi  a  function  only  of  Ti  as  given  in  Figure  1  for  air. 

Pi  is  the  inlet  pressure 

L  is  the  length  of  the  cooling  run  from  inlet  to  exit  (length 
of  the  frustrum) 

(To  obtain  B  in  BTU/sec-ft^ -°F,  the  following  dimensions  should  be 

used 

Cp  BTU/lb-°F  Ti 

H  Ib/sec-ft  Pj  Ib/ft* 

g  ft/sec^  L  ft, 

R  ft/°R 

All  other  quantities  involved  are  dimensionlces) 

Note  that  the  quantity  B  is  set  up  so  that  a  cooling  design  is  performed 
for  a  given  pressure  drop  of  the  coolant.  Pressure  drop  is  important  in 
considering  the  overall  performance  of  a  cooling  system,  for  example,  the 
drag  produced  when  the  cooling  medium  is  air  which  is  taken  aboard  or  the 
pumping  requirements  if  the  cooling  medium  is  circulated.  A  high  pressure 
drop  leads  to  lower  cooling  flows,  but  also  results  in  decreased  performance. 
The  design  value  chosen  must  be  a  compromise  between  these  two  effects. 

For  preliminary  estimates,  a  value  of  AP/P,  =  .  20  is  considered  a  practical 
compromise. 
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In  a  cooling  design  problem,  all  quantities  for  the  determination  of 

ffg  are  given  data.  Entering  the  cooling  charts  at  the  value  of  (Tg  and  the - 

proper  value  of  b,  the  value  of  is  read.  The  cooling  flow  is  then 
determined  from  c  and  the  given  design  data. 

3.  TURBULENT  HEAT  FLUX  VARIATION 

The  cooling  charts  are  set  up  in  terms  of  which  defines  the  heat 
flux  at  the  base  of  the  radome.  In  deriving  one  set  of  cooling  curves 
(Figures  2  and  3),  it  is  assumed  that  the  variation  along  the  surface 
follows  the  law  (see  App.  II) 

q/qB  = 

q  is  the  flux  at  the  distance  x  from  the  nose 

q^is  the  flux  at  the  base,  distance  x^  from  the  nose. 

This  variation  is  denoted  as  the  "turbulent  variation"  because  it 
follows  the  law  of  the  external  convective  heat  transfer  in  turbulent  flow. 

In  a  cooling  design,  it  is  conservatively  assumed  that  the  frustrum 
is  entirely  behind  th«  transition  point  so  that  the  convective  flux  is  turbulent. 
If  the  effect  of  radiation  is  negligible,  the  net  flux  to  the  radome  is  entirely 
due  to  convection.  Then  the  actual  variation  of  flux  is  the  "turbulent 
variation"  and  the  cooling  curves  of  Figures  2  and  3  apply  accurately. 

(There  is  a  small  conservatism  in  the  method  for  finding  as  noted 
above  in  Section  2. )  Therefore,  when  the  effect  of  radiation  is  relatively 
small,  the  cooling  charts  of  Figures  2  and  3  should  be  used. 
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coolant  in  both  the  rearward  (from  the  nose  to  the  base  of  the  cone)  and  the 
forward  (from  the  base  to  the  rio8e)directtoiY.  Figures  2  and  3  for  the  tur-” 
bulent  heat  flux  variation  indicate  that  for  large  values  of  b,  the  rearv/ard 
direction  results  in  a  measurable  reduction  in  cooling  flows.  Figure  4  for 
the  constant  heat  flux  variation  shows  a  similar  but  smaller  advantage. 

Another  relative  disadvantage  of  the  forward  direction  is  that  the  exit 
Mach  numbers  are  higher,  thus  aggravating  the  bad  affect  of  compressibil¬ 
ity  on  pressure  drop. 

Fur  these  reasuns,  the  rearward  directiun  is  chosen  for  design. 

6.  CORRECTION  FOR  a 

An  additional  quantity  affecting  the  cooling  requirements  is  a  parameter 


a  defined  by 


o  =  '  '^1 


The  cooling  curves  presented  above  are  for  the  case  of  a  =0,  The 
effect  of  a  is  to  decrease  the  value  ofigat  a  given  value  of  (Tg,  that  is,  to 
increase  the  required  cooling  flow.  Figure  5  gives  a  factor  by  which  the 
value  of  t  Q  determined  from  the  cooling  charts  for  a  =  0  must  be  divided 
(or  the  cooling  flow  multiplied).  The  data  of  Figure  5  were  determined  for 
the  special  case  of  b  =  0.  The  correction  may  be  applied  to  other  values 
of  b  with  small  error. 
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effect  OF  THERMAL  RESISTANCE  OF  RADOME  MATERIAL 

The  radome  material  introduces  a  resistance  to  the  flow  of  heat  from - 

the  outside  to  the  coolant.  In  general,  because  of  the  small  thickness  of 
the  radome,  this  resistance  is  small.  However,  when  the  external  heat 
flux  is  high,  the  resistance  becomes  important  in  increasing  the  cooling 
flow  recjuired  to  maintain  a  given  temperature  of  the  outside  surface. 

In  App.  Ill,  the  analysis  of  App.  I  has  been  extended  to  include  the 
effect  of  this  thermal  resistance.  It  is  shown  that  the  effect  is  measured 
by  the  parameter  4^3  defined  by 


4.3  =  — 

C(Tw-T,) 

where  C  is  the  conductance  of  the  radome  outer  shell  {=  thermal  conductivity 
of  material /thickness  of  shell). 

Cooling  cha  rts  for  the  special  case  of  b  =  0,  a  =  0  are  given  in 
Figure  6  to  illustrate  the  effect  of  the  thermal  resistance  of  the  radome. 

The  curves  show  that  as  the  value  of  increases,  the  value  of  s^decreasei 
that  is,  the  cooling  flow  requiromonts  increase.  It  appears  that  for  very 
high  heat  fluxes  (large  values  of  the  resistance  of  the  radome  material 
may  be  of  primary  importance. 


8.  EXIT  TEMPERATURE 

In  many  applications  the  temperature  of  the  coolant  leaving  the  radome 
is  sufficiently  low  to  be  useful  for  cooling  other  parts  of  the  aircraft,  for 
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example,  the  engine.  Cooling  charts  provide  a  means  of  estimating  the 
exit  temperature  by  calculating  the  temperature  rise  of  the  coolant. 

For  the  "turbulent  heat  flux  variation",  the  temperature  rise  is  given 

by: 

^  i) 


k  is  a  factor  depending  only  on  b  as  given  in  Figure  7. 

For  the  constant  heat  flux  variation,  the  temperature  rise  is  simply, 

=  T,) 

The  value  of  <  fo  bo  used  in  these  determinations  is  the  value  of  *jj 
corrected  for  the  effect  of  a  . 

9.  DEPTH  OF  COOLING  GAP 

The  depth  may  be  found  from  the  general  equation 


d 

L  =  D  .  6 

where  D  is  a  non-dimensional  function  of  the  conditions  of  the  cooling  flow 


D 


5/6 

a 


1/6 


The  quantity  6  depends  on  the  variation  of  the  heat  flux  and  the  cooling 
flow  direction.  It  is  reported  here  only  for  (be  rearward  direction  since 


this  is  the  preferred  direction.  For  "turbulent  heat  flux  variation",  (and 
negligible  thermal  resistance  of  the  radome  material) 


s_  _ 1 _  (l  +  b/2)^^^ 

.  ‘  -0gl/5e^4/5  (1  +by)y5  <f+b)Trr 

where 


9b 


[d  ll 

1  +  b/2  L  J 


For  the  constant  heat  flux  variation  (and  negligible  thermal  resistance 
of  the  radoma  material); 


&  : 


J _ 

1/5,475 

‘B 


(I  +by)4/5 


(1  +  W2) 


4/5 


where 

( 1  +  by)*  -  1 

tl  a  —————— 

2b(l  +  b/2) 

In  these  equations,  y  is  the  fraction  of  the  total  cooling  run  from  the 
inlet  (at  inlet,  y  =  0,  at  exit  y  =  I). 

Note  that  the  value  of  *  jj  corrected  for  a  should  be  used. 

When  thfl  thermal  resistance  of  the  radome  is  appreciable,  the  expres¬ 
sions  for  6  given  above  must  be  modified  by  replacing  the  quantity  (1  ‘*3’!) 
by  the  quantity  (1  -  Of  course,  the  value  <3  is  the  value 

determined  from  a  cooling  chart  which  lakes  the  effect  of  4*3  into  account, 
such  as  the  chart  of  Figure  6. 
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10.  MACH  NUMBER 

The  Mach  number  may  be  found  from  the  general  equation 
M  =  N  •  <t> 


At  inlet, 


.  / 1  z/2n 

d/dv 


At  exit 


N,  =  N, 


n/t./Ti 


The  expresuiun  for  dependu  on  the  flow  direction.  For  the  rearward 


flow, 


1  - 

AP/Pi 

r*j» 

depends 

I 

+  b/2 

5, 

1  +b/2 

<3  62  1  +  b 

The  values  of  6>  and  6j  are  the  values  determined  as  indicated  above 
in  Section  9  at  inlet  and  exit,  respectively. 

These  equations  as  they  stand  apply  equally  to  cases  where  the  radome 
thermal  resistance  is  important  as  long  as  the  proper  cooling  chart  and 
the  proper  value  of  6  are  used  as  explained  in  Section  9  above, 

11.  APPLICATION 

The  radome  considered  is  a  20°  conical  frustrum  with  a  base  radius 
of  1.  5  feet  and  a  front  radius  of  .  3  feet  giving  a  cooling  length  (slantheight 
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of  frustrum)  of  3.51  feet,  a  surface  area  of  19.9  eq.  ft,  and  a  value  of 

b  =  4.  -  - 

The  flight  considered  is  around  M  =  6  at  100,  000  ft.  The  design  surface 
temperature  is  chosen  as  2000R,  representative  of  a  high  temperature 
radome  material.  For  these  conditions,  the  convective  turbulent  heat 
flux  at  the  front  end  of  the  frustrum  is  estimated  to  be  7.2  BTU/sec-ft^. 
From  Sec.  2 


7.2 

^cB  "(l+b)l/5  " 


— ^ - T/c  =  5.2  BTU/sec-ft* 

(1  +4) 


An  emissivity  of  .  3  is  assumed.  The  thermal  resistance  is  not  considered 
because  of  the  moderate  severity  of  the  heat  flux.  The  radiation  heat  flux  ia 

qr=  .476e  (  =  .476  x  .  3  x  (2)**  =2.3  BTU/toc-ft* 

Then  =qcB"  q^  =  5.  2  -  2.  3  =  2.  9  BTU/sec-ft* 

An  inlet  cooling  air  temperature  of  lOOOR  and  an  inlet  cooling  air 
pressure  of  5  psia  are  assumed. 


T^  -  Ti  ^  2000-  1000  ^  j  Q 


1000 


The  value  of  B  is  found  from 
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Fxom  Sec,  2 

5/6 

a  =  .020  a  '  =  ,038 

n  =  2 

AP/P,  -  .20  z  =.  20  X  .  90  =.  18 

z/2n=.045  (z/2n)5/I2  ^  275 

d/dh=.5  (d/dh)"'^^  =  1.  189 

From  Figure  1  at  Ti  =  lOOOR,  Yi  =  .0026 

p,  =5  psia  =720  psfa  Pi®^^  =240 
L  =  3.51  ft.  L  =.81 

B  =.  038  X.  275x1.  189  x .  00226  x  240  x  .  81  =00546  BTU/aec-ft*-°F 


(T  =  _1b._  =  - hJ: -  =  .53 

B(Tw-T,)  .00546(2000  -  1000) 

Because  radiation  la  appreciable,  the  cooling  curves  of  Figure  4  are 

used.  At  Og  =  .53,  b  =4,  0  and  rearward  cooling  flow,  *g=  ,680, 

From  Figure  5,  the  correction  factor  at  (Tg  s  .  53  and  as  1. 0  is  1.11. 

680 

Hence,  the  corrected  value  of  »  ^  is  ■“  ■  j-j —  r  ,613 
The  cooling  flow  is  found  from 


*B  "  T|) 

Using  a  value  of  Cp  s  ,24  BTU/lb-®F, 


w  - 

.  6 13  X .  24x  1000 


39  lb/ see. 
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From  Sec.  9i  the  equation  for  8  is; 


6;; 


4/5  <*  - 

B 


(1  +b/2)‘^^® 

(1 


Og  =  .  53 


*2  =  .613 

(I  +b/2)^^®=  3'^^^  = 


.881 


4/5=  .676 
‘B 


2.41 


Heacc  j 


8  = 


1 

.881 


.676 


2.41 


1  -  .  6  1  3q 

(1  +4y)^^® 


Calculating  q  and  6  for  various  values  of  y  from  0  to  1.0; 


y 

9 

8 

d,  inches 

0 

0 

4.03 

.  705 

.2 

.0933 

2.  38 

.416 

.4 

.240 

1.60 

.280 

.6 

.440 

1.  1 1 

.  194 

.8 

.684 

.74 

.  129 

l.O 

1.00 

.43 

.076 

The  depth  is  found  from 

d  =  DxLx6  =  .  0U41 5  (3.  5 1  x  12)  6  =,1756,  inches 
giving  variation  of  d  as  tabulated  above. 

To  find  Mach  numbers  from  Section  10: 
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rj  -•  2  ttRj,  =  2  it  X  .  3  =  1.  86  ft. 

Rei  =  - - - - - =  2.15  X  10^  _ ^ 

l,95x  10~^xl.86x.  5 

At  exit, 

T,  =  1  6  IOR  |ji2  =  2.  6  X  10  ^  lb  sec -ft. 

Tj  =  2^  Rq  =2irx  1.5  =  9.4  feet 

Re^  =  3.  2  X  10* 

It  appears  that  at  the  exit,  the  Reynolds  number  may  be  in  the  transi¬ 
tion  region.  To  offset  this  effect,  it  will  be  necessary  to  increase  the 
cooling  gap  and  the  cooling  flow  a  small  amount. 

The  calculations  for  cooling  flows  outlined  above  were  carried  out  for 
a  range  of  inlet  temperatures  and  pressures  with  results  as  shown  in 
Figure  9.  Similar  calculations  (Figure  8)  were  made  neglecting  radiation. 
In  this  case,  the  value  of  is  the  convective  value  of  5,2  B'TU/sec-ft*-°F 
and  the  cooling  chart  of  Figure  2  is  used.  Exit  temperatures  are  shown  In 
Figures  10  and  1 1 . 

12.  DISCUSSION  OF  RESULTS 

It  is  pointed  out  that  the  cooling  flows  shown  in  Figures  8  and  9  do  not 
really  exist  above  the  line  labelled  "capability  limit".  The  significance  of 
this  limit  is  discussed  below  in  Section  14.  The  present  discussion  applies 
to  the  data  below  this  limit. 
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The  data  show  that  at  low  cooling  inlet  temperatures,  the  decrease  of 
cooling  flow  as  the  temperature  decreases  is  small.  Considering  the 
performance  penalties  involved  in  supplying  a  low  temperature  cooling 
medium,  it  is  concluded  that  a  moderately  low  coolant  temperature  is 
probably  best  for  most  applications. 

The  data  indicate  the  importance  of  inlet  pressure.  To  fully  appreci¬ 
ate  the  effect  of  pressure,  it  is  necessary  to  understand  the  meaning  of 
the  curves  labeled  "minimum  limit".  These  curves  represent  the  best 
that  can  be  done  with  convective  cooling.  At  this  limit,  the  exit  tempera- 
‘vi.,  of  the  cooling  air  is  equal  to  the  wall  temperature  of  the  radome, 
that  is,  all  the  cooling  potential  of  the  cooling  air  has  been  utilized.  On 
the  cooling  charts,  this  corresponds  to  a  value  of  which  in  turn 

Implies  an  Infinite  inlet  pressure.  In  practice,  the  pressure  which  can 
be  used  will  be  limited  by  consideration  of  the  structural  design  of  the 
radome.  The  data  Indicate  that  moderately  high  pressures  approach  the 
limiting  condition.  Therefore,  efficient  cooling  can  be  performed  without 
penalizing  Ihc  radome  structure. 

With  respect  to  the  effect  of  pressure,  it  is  pointed  out  that  the 
increased  flows  required  at  low  pressures  result  in  lower  exit  tempera¬ 
tures  as  shown  in  Figures  10  and  ll.  They  may  be  regarded  as  a  com¬ 
pensating  effect,  since  the  air  leaving  the  radome  may  be  used  for  cooling 
other  parts  of  the  airplane,  such  as  the  engine. 
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Comparison  of  Figures  8  and  9  indicate  the  importance  of  radiation  in 
the  present  case,  even  the  moderate  value  of  emissivity  of  .  30  has  a  large 
effect  on  reducing  the  cooling  flow.  The  effect  is  important  only  if  the 
design  surface  temperature  of  the  radome  is  high.  A  reduction  of  the 
design  temperature  from  2000R  to  1500R  would  reduce  the  radiation  heat 
flux  to  1/3  of  the  value;  at  lOOOR,  radiation  would  be  negligible. 

The  importance  of  radiation  is  measured  by  its  value  relative  to  the 
convective  flux.  The  flight  condition  chosen  in  the  example  leads  to  con¬ 
vective  fluxes  which  are  not  very  severe.  An  Increase  in  Mach  number 
or  a  decrease  in  altitude  would  diminish  the  importance  of  radiation. 

The  calculations  above  in  Section  11  Indicated  the  Reynolds  numbers 
near  the  exit  are  in  the  transition  region,  so  that  results  derived  from  the 
cooling  charts  do  not  apply  exactly.  Such  a  condition  is  handled  by  increas¬ 
ing  the  gap  and  the  gap  and  the  cooling  flow.  This  results  in  a  decreased 
temperature  rise  of  the  air  so  that  the  heat  transfer  coefficient  required 
near  the  exit  is  reduced.  (It  may  be  mentioned  that  because  the  Initial 
Reynolds  number  is  in  a  well  defined  turbulent  region,  transition  will  be 
delayed.  This  tends  to  diminish  the  harmful  effect  of  transition  flow.) 

The  design  procedure  In  such  cases  involves  a  step-wise  calculation 
of  each  individual  case.  The  details  of  such  a  procedure  have  not  been 
undertaken  in  the  present  report,  but  it  is  a  suitable  study  for  the  future. 
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It  is  pointed  out  that  extreme  cases  which  involve  very  low  Reynolds 
numbers,  possibly  in  the  laminar  region,  are  hot  of  practical  interest. 

Such  cases  imply  very  small  external  heat  fluxes  which  are  beet  eliminated 
by  some  other  means  such  as  a  small  reduction  of  the  flight  Mach  number. 
13.  APPLICATION  OF  COOLING  SYSTEM 

The  turbo-cooler  system  1  discussed  in  Appendix  IV  and  shown  in 
Figure  19  can  provide  the  required  conditions  for  the  cooling  air  with 
reasonable  size.  For  example,  at  an  inlet  pressure  of  5  psia  and  an  inlet 
temperature  of  lOOOR,  the  data  for  the  lower  heat  flux  (Figure  9  with  radia¬ 
tion)  shows  that  a  flow  of  around  .4  Ib/sec.  is  required.  At  M=6,  100,000ft, 
this  corresponds  to  a  free  stream  tube  diameter  around  3.5  Inches.  From 
Figure  19,  it  Is  seen  that  the  turbo-cooler  system  can  provide  these  con¬ 
ditions  with  a  pressure  ratio  of  around  35  for  turbine  1  and  around  15  for 
turbine  2. 

The  system  of  Figure  19  can  also  provide  cooling  for  the  higher  heat 
flux  (Figure  8  -  without  radiation),  but  the  pressure  required  is  greater. 

At  a  pressure  ratio  of  40  for  turbine  1  and  a  cooling  discharge  pressure  of 
5  pala  (pressure  ratio  of  turbine  2  around  15),  the  discharge  temperature 
according  to  Figure  19  is  around  970R,  Entering  the  cooling  flow  curves 
of  Figure  8  at  970R  and  5  paia,  a  point  is  obtained  which  lies  above  the 
••capability  limit*',  which  shows  that  the  cooling  is  not  possible.  Consider 
now  an  inlet  pressure  of  20  psia.  The  turbo-cooler  system  of  Figure  19 
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gives  a  temperature  of  130011  (pressure  ratio  of  turbiire  1  =  40,  pressure 
ratio  of  turbine  2  =  3.  5),  Entering  Figure  8  at  20  paia  and  1300R,  the 
required  flow  is  read  as  around  .9  Ib/sec  and  lies  well  below  the  "capability 
limit".  This  flow  too  is  small,  corresponding  to  a  free  stream  tube 
dicimeter  around  5  inches. 

If  lower  altitudes  are  considered,  the  ability  of  the  turbo-cooler  system 
to  ftirnish  suitable  discharge  conditions  is  relatively  unchanged  in  spite  of 
the  increased  heat  flux  because  the  convective  heat  flux  varies  as  the 
atmospheric  pressure  to  the  4/5  power  where  as  the  cooling  inlet  pressure 
which  varies  directly  as  the  atmospheric  pressure,  enters  into  cooling  as 
the  5/6  power.  Of  course,  this  assumes  that  the  radome  structure  can 
withstand  the  increased  available  pressure.  The  effect  of  lower  altitudes 
on  equipment  size  will  be  somewhat  beneficial  since  the  required  cooling 
flow  varies  as  the  4/5  power  of  the  atmospheric  pressure,  whereas  the 
stream  tube  size  varies  inversely  to  the  pressure. 

The  observation  on  equipment  size  applies  if  tho  thermal  resistance  of 
the  radome  shell  is  small.  As  noted  in  Section  7,  high  heat  fluxes  magnify 
the  effect  of  thermal  resistance  in  increasing  cooling  flow  requirements. 

It  is  possible  that  the  increase  in  cooling  flow  due  to  this  effect  niay  result 
in  larger  equipment  sizes. 

For  higher  Mach  numbers  or  much  lower  design  wall  temperatures, 
this  turbocooler  system  is  not  suitable  unless  it  is  supplemented  with  a 
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heat  sink,  snch  as  fuel  or  water. 

Consider  now  the  use  of  turbo- cooler  system  2  (Appendix  IV)  using 
water  as  a  heat  sink  which  can  easily  provide  cooling  temperatures  as  low 
as  650R,  By  means  of  the  water  consumption  curves  of  Figure  20,  the 
water  required  for  cooling  the  radomes  can  be  determined  as  shown  in 
Figures  12  and  13.  With  a  circulating  system  in  which  only  the  heat  trans¬ 
ferred  through  the  radome  must  be  removed  by  the  heat  sink,  the  water 
consumption  is  less  as  indicated  on  the  figures.  The  difference  in  water 
consumption  becomes  greater  at  the  higher  heat  flux.  At  the  lower  flux 
(Figure  13)  an  increase  of  around  10<7o  is  required  with  the  turbo-cooler 
system;  at  the  higher  flux  (Figure  12)  an  increase  of  around  40%  is  required. 

As  far  as  equipment  is  concerned,  the  turbo -cooler  system  and  the 
circulating  system  are  probably  comparable  since  the  turbine  and  com¬ 
pressor  of  the  turbo-cooler  system  are  equalized  by  the  turbine  and  pump 
required  by  the  circulating  system.  The  advantage  of  the  turbo-cooler 
system  is  that  the  air  leaving  the  radome  which  is  at  a  fairly  low  tempera¬ 
ture  can  be  used  for  cooling  other  components  of  the  aircraft,  for  instance, 
the  engine. 

The  above  remarks  will  also  apply  to  a  heat  sink  consisting  of  fuel 
if  the  water  consumption  is  interpreted  as  fuel  temperature  rise.  In  this 
case,  the  increased  temperature  rise  of  the  fuel  with  turbo -  cooler  system  2 
is  not  objectionable  as  long  as  it  is  within  thes  limits  prescribed  for  the  fuel. 


The  ultimate  choice  of  the  cooling  system  depends  on  a  detailed  com¬ 
parison  of  drag  and  weight  penalties  for  the  "specific  application,  “The 
only  general  statement  which  can  be  made  is  that  for  long  flights,  turbo¬ 
cooler  system  1  which  uses  no  heat  sink  which  must  be  carried  by  the 
aircraft,  has  definite  advantages  where  fuel  is  not  available  as  a  heat 
sink.  For  example,  with  a  circulating  system,  the  water  required  for  one 
hour  flight  is  around  200  lbs.  for  the  lower  heat  flux  (Figure  13)  and  400  lbs. 
for  the  high  heat  flux  (Figure  12).  At  lower  altitudes,  the  consumption 
would  be  greater,  it  is  likely  that  a  turbo-cooler  system  1  can  be  designed 
for  less  weight. 

14.  CAPABILITY  LIMIT 

The  capability  limit  of  convection  cooling  is  defined  by  choking  at  the 
exit  of  the  cooling  gap.  Generally,  such  a  condition  is  to  be  avoided  because 
it  results  in  very  high  pressure  losses.  However,  when  performance  is  not 
a  prime  consideration,  a  design  with  choking  at  the  exit  may  be  tolerated. 

It  should  bo  recognized  that  the  limit  discussed  here  is  the  limit  for 
performing  cooling  at  a  cunulanl  su/face  temperature.  It  is  possible  to 
extend  this  limit  by  overcooling  the  radome  at  the  front  end  (inlet  of  the 
coolant).  However,  this  is  not  usually  desirable  since  it  increases  the 
cooling  requirements. 


The  determination  of  the  capability  limit  has  not  been  undertaken  in 
the  present  study  which  is  intended  to  provide  designs  for  small  pressure 


drops.  However,  it  is  an  important  phenomenon  which  should  be_  studied , 
in  the  future.  In  the  meantime,  a  criterion  is  suggested  which  can  be  used 
at  present  to  draw  some  useful  conclusions. 

The  criterion  suggested  is  a  Mach  number  of  .  3  at  the  inlet  of  the 
cooling  gap.  This  selection  is  based  on  the  judgment  that  above  this  Mach 
number,  compressibility  effects  start  to  become  appreciable.  In  most 
cases,  this  criterion  is  probably  conservative. 

The  value  of  Gq  corresponding  to  an  inlet  Mach  number  Mi  :  .  3  and 
a  given  value  of  b  can  be  determined  by  means  of  the  Mach  number  equa¬ 
tions  in  Section  10.  For  a  given  value  of  AP/Piand  a  given  y,  the  value 
of  Ni  may  be  calculated.  For  the  assumed  Mi*  the  value  of  the  quantity 
(|)  may  be  found.  Then  by  means  of  the  expression  for  6  in  Section  9  and 
the  cooling  curves  of  vu,  CTg,  the  value  of  Og  may  be  determined.  The 
results  for  the  "turbulent  heat  flux  variation"  and  rearward  cooling  flow 
are  shown  in  Figure  14, 

For  a  given  heat  flux  qg  and  a  given  wall  temperature  T^,  the  value 
of  0^  can  be  translated  in  terms  of  cooling  inlet  pressure  and  inlet  tem¬ 
perature  as  shown  in  Figure  15  for  the  conditions  of  the  example  In 
Figure  8.  It  is  pointed  out  that  the  values  of  AP/Pj  are  nominal  pressure 
drops  and  no  longer  true  values  because  the  effect  of  compressibility 
increases  the  pressure  drop.  The  curves  at  different  values  of  AP/P^ 
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are  intended  to  show  that  the  relationship  between  pressure  and  temperature 
is  not  affected  much  by  the  assumed  value  of  AP/Pj. 

The  relationship  in,  pi^ure  15  transferred  to  the  cooling  flow  data  of 
Figure  8  represents  a  limit  beyond  which  the  cooling  flow  curves  do  not 
exist  and  in  the  region  of  which  the  pressure  drop  will  be  greater  than  the 
nominal  value.  A  similar  procedure  for  the  case  of  the  constant  heat  flux 
variation  leads  to  the  limit  indicated  in  Figure  9.  It  is  always  true  that 
the  limit  for  the  case  of  the  constant  heat  flux  variation  is  less  severe 
than  the  limit  for  the  turbulent  variation. 

In  a  similar  manner,  the  variation  of  the  heat  flux  with  cooling 
temperature  Tj  at  various  values  of  cooling  pressure  Pj  can  be  determined 
as  shown  in  Figure  16  for  the  turbulent  flux  variation  and  a  value  of  surface 
temperature  =  2000R,  These  data  are  interpreted  as;  for  a  given 
and  a  given  Ti.  the  value  of  P|  represents  the  minimum  pressure  which 
can  be  employed  in  the  radome  to  perform  cooling.  Furthermore,  the 
pressure  loss  accompanying  the  cooling  will  be  very  large,  so  that  if 
performance  considerations  require  small  pressure  drops,  the  pressure 
Pi  must  be  even  greater  than  the  value  indicated. 

Representative  values  of  the  convective  heat  flux  in  turbulent  flow  at 
a  distance  of  5  feet  from  the  nose  of  a  20°  conical  radome  are  shown  in 
Figure  17.  Comparing  Figures  16  and  17,  it  appears  that  the  heat  fluxes 
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at  100,  000  feet  do  not  present  a  severe  problem,  However,  at  50,  000  feet, 
the  pi^essure  requirements  are  quite  severe.  For  example,  at  flight  Mach 
number  of  7,  Figure  17  indicates  a  value  of  heat  flux  around  50  BTU/sec-ft* . 
Entering  the  curves  of  Figure  16  at  this  value  of  at  a  temperature  Ti 
around  650R  (roughly  the  temperature  which  would  be  av-ailable  with  a  water 
heat  sink),  the  pressure  read  is  around  75  psia.  This  is  the  minimum  pres¬ 
sure  for  performing  cooling.  The  pressure  requirement  is  more  severe 
for  lower  wall  temperatures  and  higher  cone  angles. 

These  estimates  of  the  minimum  pressures  required  for  convection 
cooling  apply  to  the  case  of  negligible  thermal  resistance  of  the  radome 
shall.  Whore  the  resistance  is  not  negligible,  the  pressure  requirements 
are  even  more  severe. 

Since  the  external  pressures  on  the  radome  are  small  in  comparison 
with  the  internal  pressures  required  for  cooling,  it  appears  that  at  high 
heat  fluxes,  the  structural  limit  of  the  radome  will  dictate  the  capability 
limit  of  convection  cooling.  For  a  gi%  en  structural  limit,  the  cooling  limit 
can  be  increased  by  using  a  gas  with  better  heat  transfer  characteristics, 
such  as  helium,  Of  course,  the  use  of  such  a  gas  would  require  a  circulat¬ 
ing  system  of  cooling. 


APPENDIX  I 

GENERAL  COOLING  ANALYSIS 

It  is  assumed  that  the  heat  absorbed  by  the  coolant  is  entirely  a 
result  of  the  heal  transferred  from  the  outer  radome  shell.  There  is  no 
heat  transferred  to  or  from  the  coolant  from  the  inner  shell.  This  implies 
no  cooling  of  the  space  within  the  radome.  It  also  implies  no  radiation 
across  the  cooling  gap  or  across  the  space  inside  the  radome.  These 
effects  are  of  minor  importance.  Furthermore,  they  tend  to  decrease 
cooling  rcqviirements  so  that  neglecting  them  leads  to  conservative 
resultH, 

It  is  assumed  that  conditions  at  any  station  along  the  radome  are 
uniform  and  that  the  heat  flow  is  one-dimensional.  Since  the  radome  shell 
is  thin,  its  resistance  to  heat  flow  is  ignored.  The  cooiant  is  assumed  to 
be  a  gap.  The  fluid  properties  are  treated  as  constant,  with  the  premise 
that  an  average  value  is  used  in  application. 

The  analysis  is  made  for  a  constant  temperature  of  the  outer  radome 
surface.  With  this  condition,  the  heat  flux  for  a  given  flight  condition  at 
any  station  along  the  radome  is  a  function  only  of  the  location. 

Under  steady  state  conditions,  the  coolant  absorbes  all  the  heat  flux 
through  the  radome  shell  so  that  the  temperature  of  the  coolant  at  any 
station  y  is  given  by: 
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The  convective  coefficient  h  is  determined  from  the  normal  heat 
transfer  correlation  for  turbulent  flow: 


St  =a(Re)‘*^®(Pr)‘^^^ 

St  Stanton  number  {  ~~  ■^) 

Cp  w 

dh  W 

Re  Reynolds  number  ■^) 

Pr  Prandtl  number 
a  experimental  constant 

From  this  relationship,  h  may  be  expressed  as: 

a  Cp{M.d/dh)  W,*^ 

h  =  i  ( r  ) 


(3) 


(4) 


p  viscosity 

d  depth  of  cooling  gap 

dj^  hydraulic  diameter  of  cooling  ga= 

r  perimeter  of  shell 

Note  that  in  obtaining  (4)  and  in  all  following  analyses,  the  flow  area 
of  the  gap  Is  taken  as  rd,  the  justification  being  that  the  gap  depth  d  is 
small  compared  to  the  diameter  of  the  radome. 

Substituting  h  from  (2)  into  (4)  and  solving  for  d, 


,  a  ,  j  /j  2,  w  8  (Tw  “  Ti)  ,  ,  ^  ^ 


(51 


This  equation  expresses  the  required  depth  of  the  gap  to  perform  cooling. 
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In  treating  the  pressure  drop,  it  is  assumed  that  the  Mach  number  of 
the  cooling  flow  is  low  enough  so  that  the  total  and  static  temperature  and 
pressures  may  be  taken  as  the  same  with  small  error. 

The  pressure  drop  across  the  differential  length  of  the  cooling  run  di 
is  given  by 

■  P  ■  dh  1 

dP  pressure  drop 

P  pressure 

f  friction  coefficient 

M  Mach  number 

y  specific  heat  ratio 

The  Mach  number  is  related  to  the  flow  conditions  by 


YM* 


RT 


R  is  gas  constant 

g  acceleration  of  gra^'ity 

so  that  the  pressure  drop  may  be  written: 


where  the  di  is  written  in  terms  of  the  total  length  of  the  cooling  run  L  and 
the  dimensionless  station  y  (di  =  L  dy). 


I 

I 

I 
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The  friction  factor  is  related  to  the  flow  conditions  by  means  of _ 

.  Reynolds  friction-heat  transfer  analogy  - 

f  =  n(St) 

where  n  is  a  constant  having  the  theoretical  value  of  2i 
By  means  of  (3) 


f  = 


na 


(Pr) 


Using  this  in  (6) 


_  2na  .  2  ,  d 
P  d  P  = 2/3 


(Pr)' 


^h 


,1.2  ,RT  wW  >  j 


Substituting  for  d  from  (5)  and  for  T  from  (1), 

.pdP=^l^  (g-)  L(— dy 


(7) 


The  quantities  q  and  r  vary  with  y.  For  convenience,  they  are  expres¬ 
sed  in  terms  of  reference  values  qj^  and  rj^  as; 

q=  PqR 

r  =  prj^ 

The  reference  rj^  is  taken  as  the  average  value  based  on  the  total  heat 
transfer  surface  area. 


rj^L  =  S 

L  is  the  length  of  the  cooled  surface 
S  is  the  surface  area 
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A  dimensionless  quantity  c  is  now  introduced  defined  by 


Wcp(Tw-T,) 

with  these  substitutions,  Equation  (7)  becomes: 


g 


Integrating  this  equation  from  the  inlet  (y  =  0,  P  =  Pi)  to  the  exit 
(y  =  1 ,  P  =  Pz). 

-1 

2  a>  ^.4  'dh  '  '  g  '  's'  j  (1  -V)*  ’ 

o 


(8) 


A  pressure  drop  function  z  is  iiitrodus  ed  by 


Pi^ 


P2 


2Pi2 


p  “  7  p  ) 
-^1 


where  AP  is  the  pressure  drop  over  the  cooling  r  ui',. 

A  quantity  with  the  dimensions  of  a  heat  transfer  coefficient  ij  now 
Introduced  by 


B  = 


5/6.  z  .5/12 
'  2n  ' 


d  .-1/4  cpp  1/6  5/6  -1/6 

3h  'ri'i’  ^ 


so  that  (8)  may  be  written 

i 


1  2.4 

(tt)  =  ‘ 


,6f  p"p-^(ltuK)  , 

- - uy 

o 


(9) 
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where 


3(Tw-T,) 

The  quantity  X.  is  also  related  to  e,  P,  and  p.  From  the  definition  of  \, 


Wc„(Tw-T,) 


With  the  use  of  p,  this  is  written 


Now  dS  s  r  d  s  rLdy 


and  S  s  r_L 

Rr 

SO  that  ~  dy  s  P  dy. 


Hence,  X.  may  be  written 


X  =  «  J  P  p  dy 
o 

so  that  Equation  (9)  may  be  written 

,  .6  f*  ni  (l+a«Ti)  j 

(ff)  "<  PV  TT'- - -■  dy 

y  (I  -•  nl* 


whore  ’I  =  J  P  P  dy 
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Equations  (10)  and  (11)  relate  the  required  cooling  flow  W  (through  the 
quantity  t )  to  the  conditions  of  the  coolant  and  the  heat  flux  (through  the 
quaiitity  CT),  For  a  given  heat  flux  variation  (expressed  by  p)  and  a  given 
radome  shape  (expressed  by  p)«  11  is  found  from  (1 1).  It  is  then  used  in  (10) 
together  with  the  heat  flux  variation  and  the  radome  shape  to  determine  O', 
In  this  process,  of  course,  the  quantity  e  is  held  constant.  The  procedure 
results  in  "cooling  charts",  that  is,  curves  of  1  vs.  O'  for  constant  values 


The  temperature  rise  of  the  coolant  is  determined  from  Equation  (1)  as 


1 


where 


m  z  P  P  dy 


Also,  a  convenient  form  for  the  exit  temperature  is 


TT  =  l  +  a€ii,  (13) 

^  1 

The  depth  of  the  cooling  gap  .as  given  in  (5)  may  be  written  in  terms 
of  the  quantities  explained  above; 


L  =  D  X  6 


where 


,  _ 1  _  t  -  «  h 


Tfi  ^ £ 
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and  D  is  a  dimensionless  quantity  dependent  on  the  flow  conditions  of  the 


cooling  flow. 


RTi 

g 


1/6 


Through  its  dependence  on  p  p  and  t^,  the  cooling  gap  is  a  function  of 
the  location  along  the  radome. 

The  Mach  number  of  the  cooling  flow  is  found  from 


M  = 


W 

Prd 


In  terms  of  the  quantities  treated  abos-e,  this  may  be  written  as 


M  =  N  X  <t>  (15) 

where  ^ 

^  /l  z/2n  "sTt/Ti 
Y  d/dh  P/Pi 

where  the  values  of  p,  6,  T/Tj  and  P/P,  are  determined  by  the  location 
along  the  radome. 
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APPENDIX  II 

APPLICATION  TO  CONICAL  RADOME 

The  equations  derived  in  Appendix  I  are  applied  to  a  radoine  whose 
shape  is  the  frustrum  of  a  cone.  The  case  of  cooling  flow  direction  fronti 
the  nose  to  the  base  (rearward  cooling  flow)  is  treated.  The  external  heat 
flux  variation  treated  is  the  "turbulent  heat  flux  variation".  The  reference 
value  of  the  heat  flux  is  taken  at  the  base  of  the  radome.  Tlie  heat  flux 
variation  is  defined  by  the  equation: 


q/qp  = 

where  q  is  the  heat  flux  at  the  distance  x  from  the  nose 

q^is  the  heat  flux  at  the  base  distance  from  the  nose 
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The  distance  x  is  measured  from  the  npse  p£  the  radome  formed  by 

extending-the  frustrum  to  an  apexi  - - - -  -  - - 

In  terms  of  the  station  parameter  y  (=jt  /  L)i  the  local  perimeter  r  is: 


where 


r  =  2irR  =  ZirRp  ( 1  +  by) 
b  =  -  Rf 


Rt 


The  reference  value  of  r  is  defined  by: 


=  S  (Surface  area) 


so  that 


=2TrR„(l  +  b/2) 


Hence, 


_ r_  _  1  t  by 

~  R  "  1  +  b/2 


P  r 


(16) 


The  value  of  P  is 


1/5 


which  in  terms  of  y  is: 


P  =  { 


1  -t-b 
1  +  by 


l/5 

) 


(17) 


Using  (16)  and  (17)  in  Eqvjation  (11)  of  Appendix  I, 


f 

1  +  b/2  J 


1/5  py  4/5 

(1  +  by)  dy 

o 
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from  which 


_  _L  (i  +b) 

’1.  -  9b 


1/5 


(l  +  b/2)  L 


-9/5 
(1  +  by)  -  I 


] 


(18) 


From  (16)  and  (17) 


.  (l+b) 


3/5 


1  +b/2 

Using  this  in  Equation  (10)  of  Appendix  I, 


1  2.4  .6  (1+b) 


3/5 


if)  =. 


B 


B  (1+  b/2) 


1  QtQTl 
O  D 


dy 


(19) 


Note  that  the  subscript  B  is  used  with  c  and  O'  to  denote  that  the  value  of 
q  entering  into  these  quantities  la  the  value  q^. 

With  the  use  of  (18),  the  integration  in  (19)  can  be  performed,  A  closed 
analytical  solution  is  not  possible,  A  graphical  solution  can  be  handled 
easily,  The  solution  for  the  case  of  o  s  0  is  shown  in  Figure  2. 

For  the  special  case  of  b  r  0  (rylindcr),  the  expression  for  t|  becomes 
simply 

n  =  y 

In  this  case,  Equation  (19)  can  be  handled  analytically  to  give: 


‘^B  =  ‘b 


1/6 


(1  -  «b)* 


Cq  -  (I  -a)  ^ 


T"  J 


5/12 


(20) 
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From  this  equation,  a  correction  factor  to  for  the  effect  of  a  can  be 
readily-determined  (Figure  5). 

From  Equation  (12)  Appendix  I,  the  temperature  rise  is  given  by: 


AT 


=  «Tll 


Tw-Ti 

where  the  value  of  tIj  determined  from  (18)  is; 


-  5  I* 

■  9b  (1 


1  ■(•b)^^®  r  9/5  1 


(21) 


By  means  of  (16)  and  (17)  the  expression  for  Sin  (13)  Appendix  I 
becomes 


6  : 


1 


l-.^TI  (l  +  b/2) 


4/5 


V  +by)3/5  (i  +  b)  *''5 


(22) 


With  this  equation  and  (18),  the  variation  of  the  depth  of  the  cooling 
gap  along  the  radome  can  be  determined. 

The  values  of  <))  entering  into  the  determination  of  the  Mach  number  of 
the  cooling  flow  as  given  in  Equation  (15)  Appendix  I,  are: 

At  inlet: 

4'i  =  (l  +  b/2)  (23) 


At  exit: 


4*2 


(l  +  b/2) 
,562  1+1^ 


(24) 
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where  6 j  and  6^  are  the  value  of  6  determined  from  (22)  at  inlet  (ysO)  and 
- exit  (y  si),  respectively,  _  --  - 
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APPENDIX  m 

EFFECT  OF  CONDUCTIVITY  OF  RADOME  MATERIAL 


The  resistance  of  the  radome  material  to  heat  flow  causes  a  temperature 
drop  across  the  thickness  of  the  outer  shell  which  is  given  by; 

C(ATJ  =q 
AT^  =  -  Ti 

C  conductance  of  the  shell  (conductivity/thickness) 

temperature  of  the  outside  surface  of  the  outer  shell 
Tj^  temperature  of  the  inside  surface  of  the  shell 
q  external  heat  flux 

The  presence  of  the  resistance  modifies  Equation  (2)  of  Appendix  I  to; 


h  +'c 


(T^^-T)  =  q 


By  a  procedure  similar  to  that  followed  in  Appendix  I,  it  is  found  that 
Equation  (10)  of  Appendix  I  is  modified  to: 

■6{l+tt«Tl) 

7i 

o 


=•  j  ITT 


q  -  p  4^)3 


dy 


(25) 


where  i)'  s 


CdV  -  Ti) 


The  quantity  4^  is  not  exactly  constant  because  the  conductance  C  is  a 
function  of  the  mean  temperature  of  the  material.  Even  with  the  outside 


surface  at  the  constant  temperature  T.y(„  the  mean  temperature  varies 
because  of  variation  of  the  .Insidejemperature  Tj.  However,  this  effect 
is  not  of  prime  importance  and  to  illustrate  the  effect  of  the  thermal  con¬ 
ductivity  of  the  radome  material  t)'  is  treated  as  constant. 

For  the  conical  radome,  the  handling  of  Equation  (25)  may  be  performed 
along  the  lines  discussed  in  Appendix  11,  For  the  special  case  of  b  =  0,  the 
equation  can  be  handled  analytically  for  it  simplifies  to: 


2.4 


(i)  ■ 


(i-By-V' 


dy 


which  integrates  to; 


=  *B 


1/6 


1  5/12 


Cooling  curves  obtained  from  this  equation  for  a  °  0  are  shown  in 
Figure  6. 
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APPENDIX  IV 
TURBO-COOLER  SYSTEMS 

The  systems  considered  (Figure  18)  are  turbo-cooler  system  1  which 
uses  cooled  ram  air  as  a  heat  sink  and  turbo-cooler  system  2  which  uses 
water  as  a  heat  sink. 

In  System  1,  ram  air  for  cooling  is  passed  through  a  heat  exchanger 
where  it  is  cooled  by  ram  air  which  has  been  passed  through  a  cooling 
turbine  1.  The  cooled  air  is  then  further  cooled  in  turbine  2  from  which 
it  goes  to  the  cooling  load  (radome  and  possible  other  components  of  the 
aircraft).  The  air  then  passes  through  a  compressor  which  loads  the 
turbine  and  is  discharged  through  a  nozzle  for  thrust  recovery.  This 
"bootstrap"  arrangement  of  the  compressor  is  believed  to  result  in  the 
least  drag  for  the  system  compared  to  other  possible  arrangements.  The 
compressor  loading  turbine  I  is  also  used  in  a  bootstrap  arrangement. 

The  discharge  temperatures  and  pressures  calculated  for  this  system 
at  a  flight  condition  M  6,  100,  000  ft  are  shown  in  Figure  19.  The  data 
used  were: 

Turbine  efficiencies  =  .85 

Heat  exchanger  effectiveness  =  ,90 

Ram  recovery  to  heat  exchanger  =  ,  30 

Pressure  drop  fraction  through  heat  exchanger  -  .  20 
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It  is  pointed  out  that  the  ram  recovery  to  turbine  1  can  be  much  higher 
than,  to  the  heat  exchanger  since  this  turbine  can  be  designed  with  supersonic 
Mach  numbers  at  the  inlet.  Such  a  design  is  useful  in  increasing  the  down¬ 
stream  pressure  and  consequently  reducing  the  si^e  of  the  heat  exchanger. 

In  turbo-cooler  system  2.  ram  air  for  cooling  is  passed  through  a  cool¬ 
ing  turbine  and  then  to  a  water  evaporator  for  further  cooling.  After  passing 
through  the  cooling  load,  it  goes  to  the  compressor  which  is  in  bootstrap 
arrangement  with  the  turbine. 

The  water  consumption  required  for  various  discharge  temperatures 
are  shown  in  Figure  20  based  on  the  following! 

Turbine  efficiency  -  ,85 

Ram  recovery  to  turbine  =  .60 

Pressure  drop  fraction  across  evaporator  =  .  10 

Latent  heat  of  vaporization  of  water  “  1000  BTU/lb. 

It  is  noted  that  a  high  ram  recovery  at  the  turbine  is  used  because  the 
turbine  Is  designed  for  supersonic  inlet  Mach  numbers. 
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Dimensional 


SYMBOLS 


C 

Cp 

d 

dh 

g 

h 

L 

P 

AP 

q 

qc 

qr 

r 

'■r 

R 

R 

S 


T 


Tw 


conductance 

specific  heat 

depth  of  cooling  gap 

hydraulic  diameter 

acceleration  of  gravity 

convective  heat  transfer  coefficient 

length  of  cooling  run 

pressure 

pressure  drop 

net  heat  flux 

convective  heat  flux 

radiant  heat  flux 

perimeter  of  radome 

reference  perimeter  (=  S/L) 

radius  of  radorno 

gas  constant 

surface  area 

temperature  of  coolant 

surface  temperature 
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AT  teriiRerature  rise  of  cpolant 


W _ cooling  flow _  _ 

X  distai:^ce  along  surface  from  nose 


5/6  ,  5/12  .  -1/4  6/6  -1/6 

«  =  ‘  <s'  <r'  ^ 


Y.= 


RTi 


Non-dimensional 


a  constant  in  heat  transfer  correlation 


b  =  J_ 

Rf 


D  = 


l/U,  d  vJ/4 


1/6 


e  emissivlty 

M  Mach  number 

n  constant  in  Reynolds  heat  transfer -friction  analogy 


N  = 


A 


a/2n 

d/dh 


■>/~'r7T7 

p/Pi 


Pr  Prandtl  number 
Re  Reynolds  number 

St  StarJ-'m  number 
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y _ 

station  alone  r adorn e 

— 

-  -  ---  ■ 

a  = 

1-1/2-^) 

-  - 

tt  = 

Tw-  Ti 

Ti 

p  = 

V 

specific  heat  ratio 

6  = 

d 

DL 

€  = 

qs 

Wcp(Tw-Ti) 

P  = 

r/rR 

O'  = 

q 

4,  = 

m/n 

4;  = 

_ 

C(T^-T,) 

Subscripts 

1 

inlet  of  cooling  gap 

2 

outlet  of  cooling  gap 

B 

base  of  radome 

F 

front  of  radome 
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B. 


RADOME  COOLING  ANALYSIS 


c.  COOLING  EFFECTS  OF  LOCALIZED  MASS  ADDITION 

SUMMARY 

An  engineering  calculation  based  on  the  current  state -of-the-art 
is  presented  to  estimate  some  effects  of  local  coolant  addition  on  the 
surface  temperature  of  a  blunt-nosed  body  in  steady  supersonic  flight. 

A  review  of  the  current  state  of  knowledge  concerning  the  cooling  effects 
of  local  mass  addition  is  presented  as  aii  introduction. 


V/CD  TR  59-22 


378 


SYMBOLS 

G  mass-flow-rate  (Ib/sec) 

M  Mach  number 

P  Prandtl  number  assumed  constant  and  equal  to  0.  72  for  air 

T  temperature  (*^R) 

u  streamwise  velocity  (ft/aec) 

X  streamwise  distance  along  body  surface  measured  from  injection 

slot  (ft) 

a  cone  half-angle  (degrees  or  radians) 

i  effectiveness  factor  (non-dimensional) 

absolute  viscosity  (slugs/ft.  sec) 
p  density  (slugs/ft^ ) 

Subscripts 

aw  adiabatic  surface  (different  from  equilibrium  surface) 

e  local  inviscid  conditions 

j  coolant 

max.  maximum  value 

r  reference  condition  for  evaluation  at  some  reference  temperature 

(see  note  following  equation  4) 
c  stagnation  conditions 
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w 


surface  conditions 


surface  conditions  under  equilibrium 
undisturbed  flight  conditions 
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1.  INTRODUCTION 


The  purpose  of  this  paper  is  to  present  an  engineering  estinnate  of 
some  effects  of  localized  cooling  or  mass  addition  on  radome-type  bodies 
under  typical  flight  conditions.  First,  however,  a  review  of  some  per¬ 
tinent  available  information  will  be  given. 

The  literature  concerning  the  effects  of  local  mass  addition  on  sur¬ 
face  temperatures  and  heat  transfer  is  not  extensive.  Much  of  this  work 
has  dealt  with  cooling  by  means  of  liquid  films,  for  example,  as  such 
films  arc  applied  to  combustion  chamber  linings.  Tn  these  studies,  the 
persistance  of  the  film  in  its  liquid  state  has  usually  been  considered  to 
be  an  important  factor  (see  for  example  References  I  to  3).  Less  work 
has  been  done  with  gaseous  injection  or  with  Injected  liquids  which  are 
Immediately  vaporized  to  the  gaseous  state.  Pertinent  in  this  regard  are 
References  4  to  10, 

The  present  paper  is  concerned  only  with  the  gaseous  injection  case, 
and  more  particularly  with  air-to-air  injection  effects.  The  boundary 
layer  flow  is  considered  to  be  turbulent,  since  mass  addition  has  a  strong 
destabilizing  effect,  and  since  a  conservative  estimate  of  the  heat  loads 
is  desired.  Bodies  of  revolution,  specifically  blunted  cones,  are  dealt 
with  primarily  and  are  expected  to  yield  results  which  will  be  reasonably 
valid  for  other  similar  shapes. 
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The  manner  in  which  mass  is  added  to  a  local  region  may  have  a 
significant  influence  on  the  propagation  of  the  cooling  effect  and  on  its 
subseqvient  effectiveness.  Studies  have  been  made  of  the  following  types 
of  procedure; 

Case  1,  Mass  addition  through  a  atrip  of  porous  material  located  • 
at  the  leading  edge  of  a  flat  plate.  Theoretical  analyses  of  compressible 
laminar  flow  are  given  in  References  5  and  6,  Comparable  analyses  for 
bodies  of  revolution  have  not  been  made,  In  this  case  injection  velocities 
are  quite  small.  In  fact  it  is  demonstrated  in  Reference  6  that  a  major 
part  of  the  cooling  effect  would  be  obtained  by  replacing  the  porous  strip 
by  a  solid  strip  kept  cool  by  some  other  moans  such  as  internal  com  ec- 
tive  cooling.  The  cooled  strip  thus  acts  as  a  heat-sink.  The  primary 
effect  of  the  porous  injection  is  to  keep  the  leading  edge  atrip  cool; 
although  the  masH  addition  gives  an  additional  cooling  effect  which,  v/hile 
secondary,  may  be  significant  if  the  coolant  mass  flow  Is  sufficiently 
large.  For  this  reason  theoretical  analyses  such  ao  that  of  Ref.  11  which 
permit  a  treatment  of  discrete  cooled  strips  along  a  surface,  but  without 
mass  addition,  can  still  be  of  use  in  the  present  case  to  pro\ide  first- 
order  cooling  effects  of  a  sequence  of  local  cooling  regions.  The  analysis 
of  Reference  11  applies  to  turbulent  incompressible  flow  on  a  flat  plate. 
Useful  adaptation  of  its  results  are  gt^  en  in  References  4  and  12. 


Cooling  strips  located  downstream  of  the  leading  edge  as  well  as  multiple 
strips  can  be  treated  by  this  method.  Comparable  cases  with  true  mass 
addition  through  porous  strips  have  not  been  treated.  Experimental  data 
on  the  effects  of  porous  strips  are  not  available. 

Case  Z,  Maas  addition  through  a  single  slot  with  the  coolant  flow 
directed  tangent  to  the  surface  in  the  same  direction  as  the  main  stream. 
Experiments  in  this  category  for  low-speed,  constant-density,  turbulent 
flow  over  flat  plates  with  air-to-air  injection  have  been  described  in 
References  4,  10  and  12.  Early  work  of  Weighardt  is  described  in  all 
these  references.  Additional  experimental  results  are  given  in  Refer¬ 
ence  10.  Theoretical  correlations  based  on  the  heat-sink  analysis  cited 
previously  under  Case  I  are  presented  in  References  4  and  12. 

In  the  aforementioned  low-speed  experiments,  the  momentum  of  the 
injected  coolant  Jet  (pjUj)  was  always  smaller  than  the  outer  flow  momen¬ 
tum  (PeU(,).  In  fact  it  was  concluded  that  the  alteration  of  the  original 
boundary  layer  velocity  distribution  because  of  mixing  with  the  coolant 
had  a  negligible  influence  on  the  thermal  properties  in  a  region  "far" 
from  the  slot  (say  on  the  order-  of  50  or  more  slot-vddths  downstream 
of  the  slot).  It  is  this  far-region  which  can  be  correlated  analytically. 
Fortunately,  it  is  »hin  far-region  which  governs  the  main  decay  of  the 
cooling  effect  and  is  therefore  of  prime  interest. 
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The  region  very  near  the  slot  is  dominated  by  the  boundary  layer 
within  the  coolant  jet  alone.  It  can  be  analyzed  by  considering  a  con¬ 
ventional  boundary  layer  to  exist  at  the  surface,  the  flow  conditions  at 
the  outer  limit  of  this  boundary  layer  being  equal  to  the  velocity,  pressure 
and  thermodynamic  state  of  the  coolant  stream  alone.  The  intermediate 
region  between  this  near-the-slot  region  and  the  aforementioned  far- 
from-the-slot  region  has  not  been  treated  theoretically  up  to  now. 

However,  in  practice  it  is  suitable  to  consider  that  the  surface  tempera¬ 
ture  up  to  the  far-region  will  be  maintained  at  the  temperature  of  the 
coolant.  This  implies  that  in  the  region  near  the  slot  the  coolant  stream 
completely  blocks  external  heat  transfer,  and  moreover  assumes  that 
there  is  no  additional  heat  transfer  from  the  surface-interior  through  the 
surface  tothe  coolant.  This  simplification  is  sufficiently  accurate  for 

I 

engineering  purposes. 

I 

I 

A  different  type  of  tangential  slot  Injection  is  described  in  Reference  9. 
Helium,  chosen  for  a  special  reason,  is  utilized  as  the  coolant  when  air 
is  the  mainstream  gas.  In  this  system  the  purpose  is  to  minimize  mass¬ 
mixing  of  the  coolant-fHm  with  the  mainstream  by  minimizing  the  differ¬ 
ence  in  velocity  of  the  two  streams,  over  a  range  of  velocities  if  neces- 
S8,ry,  Thus,  the  integrity  of  the  low-temperature  insulating  layer  is 
maintained  for  a  significant  distance  and  the  heat  transfer  through  the 
coolant  takes  place  primarily  by  a  more  static  form  of  conduction.  In 
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Reference  9  it  was  desired  to  keep  the  stagnation  pressure  of  the  coolant 
on  the  same  order  as  that  of  the  inainstream.  Therefore,  since  the  local 
static  pressures  in  the  two  streams  would  be  equal,  it  was  necessary  to 
have  the  stagnation  enthalpies  of  the  coolant  and  air  about  equal  to  enforce 
equality  of  the  velocities.  Since  the  heat  capacity  of  helium  is  about  5 
times  that  of  air,  the  stagnation  temperature  in  the  air  could  be  about 
5  times  that  of  the  helium  for  matching  velocities.  In  this  method  the 
point  must  be  considered  that  the  thermal  conductivity  of  helium  is  on 
the  order  of  7  times  that  of  air,  a  property  which  works  to  the  disadvant¬ 
age  of  the  insulating  system. 

In  Reference  9,  the  helium-film  method  was  applied  to  the  cooling  of 
a  nozzle  throat.  Velocities  were  matched  between  the  Mach  number  0,4 
and  3.0  stations.  Effective  cooling  was  achieved  with  helium  mass  flows 
of  3  to  4%  of  the  main  air  flow.  Air  injection  at  6  and  12%  of  the  main  air 
mass  flow  was  appreciably  less  effective;  velocity  matching  was  not 
achieved  with  air. 

Some  additional  effects  of  tangential  injection  obtained  by  injection 
near  the  stagnation  point  of  a  blunt  body  of  revolution  (Reference  8)  will 
be  cited  at  the  end  of  the  discussion  of  Case  3, 

Case  3.  Mass  addition  through  a  single  slot  with  the  coolant  flow 
injected  in  a  direction  other  than  that  of  the  main  stream.  Some 


experimental  data  of  coolant  injection  perpendicular  to  a  flat  plate  in 
turbulent  low-speed  flow,  utilizing  a  single  slot  in  an  air-to-air  system, 
is  presented  in  Reference  10.  This  data  generally  indicates  a  decrease 
in  effectiveness  over  that  achieved  with  tangential  injection;  although  with 
non-tangential  injection,  consideration  must  be  given  to  whether  the 
injected  jet  disturbs  appreciably  the  flow  outside  the  boundary  layer, 
that  is,  the  consequent  inviscid  flow  pattern.  No  information  on  this 
factor  is  given  in  Reference  10,  but  presumably  the  pressure  distribution 
over  the  plate  was  not  severely  altered  by  the  injection,  An  idea  of  the 
relative  effectiveness  of  the  tangential  and  normal  injection  systems  can 
be  obtained  by  considering  the  following  results  of  Reference  10  giving 
the  temperature  distribution  on  an  insultnted  plate  "far”  downstream  of 
the  injection  slot; 

tangential  ,  Twe  -  Te  ^15  tu  30  A j *^j  \  *  /n 


injection  '  i\  -  To 


P  "f.  X 


injection ' 


Twe  ~  Te 

Tj  -  T. 


'V^Pe  "c  X  J 


where  all  quantities  are  defined  in  the  list  of  symbols.  The  numerical 
coefficients  in  (1)  and  (2)  are  Reynolds-number-dependent.  More 
precisely  that  of  (1)  is  given  as  0,83  (pj  Uj  d^/p j)  for  (p^Ugx/pj  Ujdj)>40, 
and  in  the  range  1000  <  (p.  u.d,/p.)  <  10,000.  The  results  of  Weighardt, 

J  J  J  J 
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cited  for  example  in  Reference  10,  give  an  exponent  of  0.8  rather  than 
0.7  in  expression  (1)  for  tangential  injection. 

It  is  seen  from  (1)  and  (2)  that  for  a  given  distance  x  downstream  of 
the  slot  and  for  equal  coolant  and  external  flow  conditions  the  temperature 
factor  (left-hand  side  of  (1)  )  for  tangential  injection  is  on  the  order  of 
3  to  5  times  higher  than  that  for  normal  injection;  that  is,  the  surface 
temperature  is  closer  to  the  coolant  temperature  Tj^ 

The  cooling  effect  of  a  single  jet  of  coolant  directed  upstreann  with 
respect  to  the  main  flow  and  located  at  the  nose  of  a  body  of  revolution 
has  been  studied  in  References  7  and  8  at  Mach  numbers  of  about  6,  Jets 
of  this  kind  generally  stagnate  against  the  oncoming  mainstream  and  then 
are  blown  back  over  the  surface  of  the  body  aiding  the  formation  of  a 
layer  of  low-energy  air  which  has  an  insulating  effect.  Both  air  and  liquid 
water  which  subsequently  vaporized  were  used  as  coolants  in  Reference  7, 
Nitrogen  and  helium  wore  used  in  Reference  8.  When  a  liquid  is  used  as 
coolant,  its  heat  of  vaporization  may  have  an  important  additional  cooling 
effect  by  acting  as  a  heat-sink  which  absorbs  an  appreciable  part  of  the 
energy  contained  in  a  streamtube  of  air  approaching  the  body.  In  the 
tests  of  Reference  8  it  was  found  that  helium,  a  light  gas  with  a  specific 
heat  about  5  times  higher  than  air,  was  much  more  effective  than  nitrogen 
for  a  given  mass -flow-rate  of  coolant.  This  comparatively  good  cooling 
effect  of  helium  or  other  light  gases  usually  is  found  in  other  types  of 
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mass  addition  systems  as  well.  | 

In  cooling  by  means  of  a  jet  directed  upstream,  it  may  be  necessary 
to  take  into  account  the  influence  of  the  jet  on  the  surrounding  flow  field 
not  only  in  the  viscous  region  but  outside  as  well.  Jets  of  large  momen¬ 
tum  or  mass-flow  may  distort  the  shock  shape  or  oncoming  streamlines, 
thereby  altering  the  effective  shape  of  the  body.  For  excunple,  the  up¬ 
stream  jet  may  effectively  "sharpen"  a  blunt  body  reducing  the  pressure 
in  the  forward  nose  region,  thus  reducing  the  pressure  drag  as  well  as 
the  heat  transfer  over  the  body. 

The  experimental  cooling  results  obtained  at  Mach  6  in  Reference  7 
using  an  upstream  jet  of  air  at  the  i;o3e  of  a  cone  will  be  utilized  later  in 
this  report  to  provide  the  order  of  magnitude  of  an  empirical  "effective¬ 
ness  factor"  for  localized  mass  addition  on  bodies  of  revolution.  This 
empirical  factor  is  roughly  analogous  to  the  numerical  coefficients  in 
(1)  and  (2)  for  example. 

In  Reference  8  a  slot-injection  system  was  also  examined  by  placing 
a  small  button-like  deflector  in  front  of  the  jet  at  the  nose  of  the  body. 

Thus  the  coolant  was  injected  tangent  to  the  blunt  nose  of  the  body.  The 
"sharpening"  effect  of  the  jet  was  diminished  In  this  way,  and  the  pressure 


decrease  at  the  nose  was  much  less  pronounced.  However,  it  is  inter¬ 
esting  tu  observe  that  this  tangentially  directed  cooling  wac  significantly 


less  effective  than  the  open  jet  for  a  given  mass -flow-rate  of  coolant  for 
both  nitrogen  and  helium. 

For  the  types  of  slot  injection  categorized  under  Case  3»  no  work  has 
been  reported  of  the  cooling  effects  of  local -mass -addition  positions 
located  away  from  the  most  forward  nose  station,  or  of  a  series  of 
discrete  cooling  positions.  Furthermore,  the  influence  of  the  detailed 
velocity  and  momentum  characteristics  of  the  injected  jets  on  their  cool¬ 
ing  effectiveness  has  not  been  studied. 

As  previously  mentioned,  the  purpose  of  this  paper  is  to  provide  an 
engineering  estimate,  within  the  current  state-of-ihe-art,  of  the  cooling 
effect  of  one  or  more  local  air  injection  slots  or  orifices  on  blunled  bodies 
of  revolution  characteristic  of  radome  or  other  similar  nose  shapes.  For 
this  purpose  only  blunted  cones  will  be  considered  here  as  a  representa¬ 
tive  shape  insofar  as  cooling  effects  are  concerned.  Moreover  the 
detailed  nature  of  the  blunted  foremost  region  will  not  be  considered, 
since  this  rather  small  region  can  be  cooled  with  relatively  little  difficulty 
by  cuolanl  added  in  its  immediate  vicinity  or  by  special  means  such  as 
internal  convective  cooling.  Rather,  emphases  will  be  placed  on  the 
cooling  of  the  conical  skirt. 

The  following  assumptions  will  be  employed  in  addition; 

1.  Steady  conditions  of  continuous  supersonic  flight 

2.  The  cones  are  sufficiently  blunt  that  the  stagnation  pressure 
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in  the  inviscid  flow  over  the  skirt  is  equal  to  the  stagnation  pressure 
behind  a  detached  normal  bow  shock.  This  will  also  be  the  case  if  a 
sharp  cone  is  "blunted"  by  a  sufficiently  large  jet  injected  upstre  am  at 
its  vertex. 

3.  The  static  pressure  over  the  conical  skirt  is  not  appreciably 
disturbed  by  the  coolant  and  is  equal  in  value  to  the  static  pressure  on  a 
sharp  cone  of  the  same  cone  angle. 

4.  The  cooling  effect  of  an  injection  point  or  slot  can  be  represented 
as  a  heat-sink  whose  functional  form  can  be  deduced  analytically,  but 
whose  strength,  expressed  in  terms  of  an  "effectiveness  factor",  must 
be  determined  empirically, 

5.  The  ratio  of  the  effect  of  a  series  of  streamwise- spaced  injection 
slots  to  the  effect  of  a  single  slot  can  be  deduced  for  two-dimensional  low- 
speed  flow  (see  Figure  9  of  Reference  4).  This  ratio  will  be  assumed  to 
be  the  same  for  supersonic  flow  over  bodies  of  revolution,  although  this 
has  not  been  proved.  This  assumption  is  in  keeping  with  the  current  state- 
of-the-art  and  is  expected  to  yield  a  reasonable  concept  of  the  order  of 
magnitude. 

6.  The  effects  of  heat  loss  from  the  surface  by  radiation  are  neglected. 

7.  The  specific  heat  at  constant  pressure  Cp  is  assumed  constant. 

8.  When  a  scries  of  cooling  slots  is  considered,  the  slots  are 
assumed  to  be  so  spaced  that  the  same  value  of  the  maximum  allowable 
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surface  temperature  is  reached  immediately  before  each  slot,  and  the 


total  mass-flow-rate  of  coolant  from  all  the  slots  in  a  given  series  is 
equally  distributed  among  the  individual  slots.  It  will  be  noted  that  under 
these  conditions  the  slots  will  not  be  equally  spaced. 

9.  The  heat  loss  to  the  interior  of  the  body  is  assumed  to  be 
negligible  in  the  steady  state,  since  no  other  cooling  devices  except  local 
mass  addition  are  assumed  to  be  active  here. 

10.  In  the  numerical  calculations,  the  following  values  are  considered: 
altitudes  sea  level  to  150,000  ft. 

flight  Mach  numbers  3  to  7 


cone  half-angle 
cone  base-diameter 


20“ 
3  ft. 


length  of  cone-generator  4.  39  ft. 
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2.  engineering  analysis  and  calculation 

For  calculating  the  surface  temperature  of  a  body  in  steady  flight 
when  no  heat  is  transmitted  to  the  interior  of  the  body  by  conduction  or 
other  cooling  media,  we  consider  the  body  to  act  as  a  perfect  insulator 
as  far  as  heat  transmission  tothe  interior  is  concerned.  Under  these 
conditions,  the  surface  of  the  body  assumes  the  temperature  of  the  air 
in  the  boundary  layer  directly  adjacent  to  it.  When  no  other  influences 
such  as  external  cooling  media  or  radiation  are  present,  the  resulting 
surface  tomperiiture  is  usually  termed  the  ^'adiabatic  surface  temperature" 
Taw*  This  temperature  is  close  in  value  to  the  stagnation  temperature  Tg 
of  the  flow,  although  it  may  be  .as  much  as  10  or  15%  below  Tg,  For 
constant  Cp,  the  value  of  T^w  given  by  the  following  relation: 

T  -  T 

- £-  =  r  (recovery  factor)  (3) 

Ts-  T„ 

where  r  ^  0.  9  for  turbulent  boundary  layers. 

When  cooling  or  heating  media  arc  present  at  the  exterior  of  the  body 
or  when  radiation  heat  transfer  occurs,  the  resulting  surface  temperature 
may  be  changed  *'rom  the  value  'J'aw'  '■i*®  altered  temperature  may  be 
termed  the  "equilibrium  surface  I.empe raluro"  T^p» 

It  is  shown  in  Reference  7  that  on  a  conical  surface,  when  one  coolant 
injection  point  is  located  near  the  vertex  of  the  cone  the  equilibrium  surface 
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temperature  may  be  expressed  as  follows: 

Ts-  T^e  =  f  ^  Gj  / Ty  V*’*  ^  /  Pe  ^e 

Ta-  Tj  \^2^sina  J  \t^J  I 

i'i) 

(Note:  The  reference  temperature  Tj.  here  is  analogous  to  the  "reference 
temperature"  of  Rube  sin -Johnson  and  Eckert  (see  Reference  7  for  example). 
It  is  used  in  boundary  layers  without  mass  addition  to  take  into  account 
empirically  some  compressibilility  effects,  and  depends  on  surface  tem¬ 
perature  and  inviscid  flow  conditions.  For  present  purposes  it  will  not  be 
evaluated  explicitly  (see  Equation  6),) 

An  aquation  analogous  to  (4)  is  derived  in  Reference  7  for  tv/o- 
dimensional  flow  as  well  as  for  conical  flow.  The  two-dimensional 
relation  of  Reference  7  is  shown  to  be  reducible  in  form  to  that  of  (1)  of 
this  paper. 

From  a  series  of  tests  in  Reference  7  for  upstream  jet  injection  on 
cones  the  following  value  of  the  effectiveness  factor  (  is  obtained, 

*  =  0.045  (5) 

Although  this  value  may  vary  somewhat  with  Mach  number  and  Reynolds 
number,  as  well  as  with  the  precise  method  of  coolant  injection,  it  is 
assumed  to  apply  in  the  present  case  for  order  of  magnitude  purposes. 

(The  test  rojfrtitions  of  Reference  7  were  Mach  0,  stagnation  pressure 


^ -0. 86 
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600  psia,  stagnation  temperature  1700°R,  test  Reynolds  number  per  foot 
3.  8  X  10^,  cone  half-angle  25*',)  The  required  mass  flows  calculated 
using  (5)  can  be  considered  to  vary  inversely  with  c  if  new  data  should 
become  available. 

For  calculation  purposes  here,  it  is  sufficient  to  assume  that  in  (4) 
(Tr/Te)’°'^  =  1  (6) 

With  (5)  and  (6)  we  can  now  proceed  to  calculate  the  value  of  Gj 
required  if  a  given  maximum  value  of  T^e  prescribed  to  exist  at  the 
end  of  the  cone,  that  is,  at 

x=4.  39  ft.  (7) 

It  should  be  noted  that  the  surface  temperature  along  the  cone  will 
vary  in  the  following  qualitative  manner; 


Calculations  show  that  over  the  altitude  and  Mach  number  range 
specified,  (4)  can  be  approximated  as  follows: 


Gj/K  -  0.08 

J 


*max. 


1.86 


(«) 
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where  K  is  a  factor  which  varies  with  altitude  as  follows: 

Table  1 


Altitude  (ft. ) 

K 

0 

47. 

50, 000 

7.5 

100, 000 

1.0 

150,000 

0.  17 

Values  of  Gj  are  calculated  from  (8)  for  the  case  of  Mq,  =  6  and 
100,000  ft,  (k  =  1.0),  These  are  presented  in  Figure  1,  A  range  of 
values  400  ^  Tj  ^  2  000°R  and  values  of  Twe,  max,  “  1500°R  and  2000°R 
were  assumed.  To  make  estimates  for  other  Mach  numbers,  it  must  be 
remembered  that  Tg  in  (8)  depends  on  Mqo.  However,  it  will  be  found 
that  Gj  increases  with  increasing  M^j,. 

To  obtain  the  effect  of  using  several  slots  with  the  total  coolant  rate 
distributed  equally  among  them,  the  proportionate  coolant  flow  for  a 
given  temperature  fartnr  f  ^  ^  *  ^we,  max,  |  was  obtained  directly  from 

\  Tg  -  Tj  J 

Figure  9  of  Reference  4.  The  proportional  scaling  down  of  the  mass  flow 
is  not  sensitive  to  variations  in  the  temperature  factor. 

From  the  results  of  this  calculation  the  expected  trends  are  noted; 
the  required  mass  flow  of  coolant  increases  with  decreasing  altitude,  with 
increased  Mach  number  and  with  a  decrease  in  the  number  of  slots  utilized. 
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B. 


RADOME  COOLING  ANALYSIS 


d.  COMPARISON  OF  TRANSPIRATION.  CONVECTIVE 

AND  FILM  COOLING 

In  Part  A  of  this  Chapter  it  was  pointed  out  that  one  of  the  important 
parameters  which  determined  the  feasibility  of  a  cooling  system  is  the  rate 
at  which  coolant  mast  be  supplied.  If  the  coolant  is  carried  along  with  the 
vehicle,  large  coolant  flow  rates  over  long  periods  of  time  cannot  be  tolerated 
because  of  weight  and  space  requirements.  Alternatively,  if  ram  air  is  used 
as  the  coolant,  the  size,  weight  and  complexity  of  the  machinery  necessary 
to  reduce  the  temperature  of  the  ram  air  increases.  Further,  large  coolant 
flow  rates  require  large  internal  pressures  which  may  be  unacceptable  from 
the  strength  standpoint, 

A  comparison  of  the  coolant  flow  rates  required  using  a  transpiration 
cooling  system,  a  convection  cooling  system  and  a  slot  cooling  system 
has  been  made  utilizing  the  analyses  presented  in  Sections  a,  b  and  c. 

Such  a  comparison  is  presented  in  Figure  1  for  the  spherically  blunted 
cone  described  in  the  Introduction.  The  data  are  presented  in  the  form 
of  curves  of  coolant  weight  flow  versus  coolant  air  temperature  at  a  typical 
flight  condition  of  M^q  =  6  and  an  altitude  of  100,000  feet.  The  wall 
temperature  is  taken  to  be  2000®R.  The  curve  for  transpiration  cooling 
was  obtained  assuming  a  uniform  porosity  material  with  a  pressure  drop 
of  1  psi  per  cubic  foot  per  minute  per  inch  of  thickness.  Three  curves 
are  presented  for  the  convection  cooling  case.  The  lower  curve  corres¬ 
ponds  to  the  ideal  case  of  infinite  coolant  pressure,  i.  e,  minimum  weight 
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concerned  with  slot  cooling  is  still  in  a  quite  primitive  form.  In  the 
present  slot  cooling  analysis,  it  is  necessary  to  employ  an  empirical 
cooling  effectiveness  parameter  which  can  only  be  obtained  from  experi¬ 
ment.  The  experiments  from  which  the  cooling  effectiveness  parameter 
was  obtained  for  this  investigation,  were  essentially  of  an  exploratory 
nature.  There  is  little  doubt  that  the  cooling  effectiveness  measured  in 
those  experiments  could  be  considerably  improved  upon  by,  say,  proper 
shaping  of  the  slots. 

It  is  important  to  note  that  the  selection  of  a  method  of  cooling  is  by 
no  means  determined  solely  by  coolant  weight  flow  considerations.  The 
above  results  should  be  interpreted  rather  as  the  fluid-mechanical  part 
of  the  analysis  of  a  radome  cooling  study.  There  are  many  other  con¬ 
siderations  which  have  to  be  made  in  evaluating  the  proper  system  to  use 
for  a  given  application.  For  example,  the  particular  trajectory  that  the 
vehicle  is  flying  may  very  well  bo  an  overriding  consideration.  Thus,  if 
the  vehicle  is  flying  a  ballistic  trajectory,  a  heat  sink  or  ablation  scheme 
may  be  the  appropriate  one  to  use. 

The  strength  and  electrical  characteristics  of  the  radome  material 
must  also  be  carefully  considered  when  the  cooling  analysis  is  made.  In 
all  methods  using  a  coolant,  the  interior  of  the  radome  must  be  pres¬ 
surized)  For  high  coolant,  flow  rateg,  the  preasure  differential  across 
the  radome  wall  may  become  intolerable  from  the  strength  standpoint. 
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At  first  glance,  it  might  appear  that  since  transpiration  cooling  requires 
a  smaller  internal  pressure  than  convection  cooling,  the  former  might 
be  preferred  under  high  weight  flow  conditions.  However,  at  a  given 
temperature,  a  porous  wall  has  considerably  less  strength  than  a  solid 
wall.  It  may  therefore  be  preferable  to  use  convection  or  slot  cooling. 

This  problem  is  further  complicated  by  the  fact  that  the  average  wall 
temperature,  for  a  given  external  skin  temperature,  is  higher  for  con¬ 
vection  cooling  than  for  transpiration  cooling  so  that  the  supposed  high 
strength  of  the  solid  wall  may  not  really  exist.  Under  very  high  coolant 
flow  rate  conditions,  the  internal  pressures  required  for  transpiration 
and  convection  cooling  may  be  so  high  that  a  slot  scheme  might  be  more 
appropriate, 

It  can  be  seen  from  these  discussions,  that  the  proper  choice  of  a 
cooling  system  must  take  into  consideration  all  of  the  factors  discussed 
above,  Thus  suppose  that  the  vehicle  trajectory  is  such  that  one  of  the 
three  methods  discussed  above  must  be  chosen.  If  the  peak  heating  load 
occurs  at  a  sufficiently  high  altitude  so  that  the  internal  pressure  is 
tolerable,  then  transpiration  cooling  may  be  the  better  system  to  use, 
providing  that  there  are  no  other  design  factors  which  have  lu  be  com¬ 
promised  with.  On  the  other  hand,  if  the  peak  heating  load  occurs  at  a 
low  altitude  with  the  associated  high  internal  pressures,  it  would  be  neces¬ 
sary  to  m£ike  a  detailed  study  of  the  structural  problem  to  decide  which  sys 
tern  to  use. 
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It  is  also  noted  that  each  of  these  cooling  systems  have  an  effect  on 
the  performance  of  the  vehicle  which  may  be  significant,  especially  for 
long  range  aircraft.  Thus,  it  is  known  that  transpiration  cooling  reduces 
not  only  the  heat  transfer  to  the  body  but  also  the  skin  fidction.  In  the 
convection  cooling  case,,  it  may  be  possible  to  discharge  the  heated  coolant 
in  such  a  manner  as  to  gain  some  thrust.  Similarly,  in  the  slot  cooling 
method,  appropriate  designing  of  the  shape  and  location  of  the  slots  may 
result  in  a  small  amount  of  thrust, 

As  mentioned  in  Part  A  of  this  Chaptez',  the  investigations  reported 
herein  were  carried  out  for  only  one  body  shape  using  air  as  the  coolant. 
Although  the  qualitative  trends  predicted  above  should  hold  for  other  close¬ 
ly  related  shapes  and  other  coolants,  it  is  believed  that  further  study  is 
warranted  to  define  more  clearly  the  limits  of  applicability  of  the  various 
cooling  techniques.  For  example,  the  slot  cooling  method  is  extremely 
effective  in  the  immediate  neigh  >orhood  of  the  slot.  It  may  therefore  com¬ 
pare  much  more  favorably  with  the  other  methods  of  cooling  when  applied 
to  bodies  of  small  fineness  ratio.  It  appears  that  in  order  to  draw  any 
more  specific  conclusions  regarding  the  choice  of  a  cooling  ayntem,  it  is 
necessary  to  consider  a  specific  configuration  traveling  a  particular  tra¬ 
jectory. 
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CHAPTER  n  -  PART  C 

THE  EFFECT  OF  UPSTREAM  TRANSPIRATION  COOLING  ON 
THE  COMPRESSIBLE,  TURBULENT  BOUNDARY  LAYER 

a.  Analytical  Investigation  - 
by  Harold  S.  Porgament 
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C .  THE  EFFECT  OF  UPSTREAM  TRANSPIRATION 
COOLING  ON  THE  COMPRESSIBLE,  TURBULENT 
BOUNDARY  LAYER 

a.  ANALYTICAL  INVESTIGATION 

SUMMARY 

An  analysis  of  the  compressible  turbulent  boundary  layer  over  a  cone 
with  upstream  transpiration  cooling  has  been  made,  and  the  results  applied  to 
a  free  stream  Mach  number  range  of  5  to  7,  Modifications  of  existing  studies 
(Refs,  I  and  2)  have  been  used  to  determine  the  skin  friction  and  other 
important  properties  in  both  the  porous  and  non-porous  regions.  From  this 
knowledge,  and  the  use  of  the  momentum  and  energy  integral  equations,  an 
engineering  solution  for  the  adiabatic  wall  temperature  downstream  of  the 
junction  is  obtained.  The  effectiveness  of  this  cooling  technique  is  shown  to 
be  measured  by  the  rate  of  increase  of  adiabatic  wall  temperature  along  the 
body.  Curves  are  presented  which  show  this  increase  as  a  function  of  flight 
condition  and  injection  rate.  The  coolant  mass  flow  requirements  are  also 
shown  for  a  few  cases. 

It  is  concluded  that  the  use  of  upstream  transpiration  is  a  feasible 
method  for  cooling  radomes.  Further  studies  will  indicate  more  specifically 
the  range  of  flight  conditions  and  possible  configurations  for  which  this  cool¬ 
ing  method  is  applicable. 
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SYMBOLS 


a  parameter  defined  by  Eq.  (ZO) 

A  parameter  defined  by  Eq.  (Alb) 

A*  parameter  defined  by  Eq.  {CZ) 

B  parameter  defined  by  Eq.  (A16),  also  different  parameter 

defined  by  Eq.  (Z7) 

C£  local  skin  friction  coefficient 

Cp  specific  heat  at  constant  pressure 

f(o)  parameter  defined  by  Eq.  (18) 

4»rTr|  elliptic  integral  of  first  kind 
g 

8c 
h 

H 
k 
K 

I'm,  n 
i 
M 
P 

Pr 
P^t 


exponential  term  defined  by  Eqs,  (AZZ)  and  (AZ3) 
conversion  factor  (3Z,  ) 

film  coefficient  (. 


Ibf-sec* 

J - ) 


(Taw  -  Tw) 
stagnation  enthalpy 
thermal  conductivity 

mixing  length  parameter,  i  =  ky  -  also,  proportionality 
constant  for  Cf'ox"^' ® 

parameter  defined  by  Eqs.  (A3Za)  and  (A32b) 

mixing  length 

Mach  number 

pressure 

Prandtl  number 

turbulent  Prandtl  number 
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q  heat  transfer 

r  distance  from  axis  of  cone  to  surface 

R  specific  gas  constant 

RCjj  Reynolds  number  based  on  length 

Rbq  Reynolds  number  based  on  momentum  thickness 

T  absolute  temperature 

u  velocity  in  x  direction 

V  velocity  in  y  direction 

Wj[  total  mass  flow  of  coolant 

X  coordinate  measured  along  cone  surface 

y  coordinate  measured  normal  to  cone  surface 

a  parameter  defined  by  Eq.  (A3 2c) 

p  parameter  defined  by  Eq.  {A32d) 

Y  ratio  of  specific  heats 

6  boundary  layer  thickness 

«  cmissivity 

eddy  thermal  conductivity 
eddy  viscosity 

q  dimensionless  momentuin  thickness,  defined  by  Eq,  (22) 

0  momentum  thickness 

p  coefficient  of  viscosity 

^  dimensionless  length,  defined  by  Eq.  (23) 

p  density 
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or  Stefan -Boltzmann  constant,  also  parameter  defined  by  Eq.  (A32e) 

T  shear  stress 

4)  dimensionless  enthalpy  thickness,  defined  by  Eq,  (32) 

«|)m,  n  parameter  defined  by  Eqs.  (A32a)  and  (A32b) 
enthalpy  thickness 

u  exponent  in  temperature-viscosity  relation,  see  Eq.  (A21) 

Subscripts 

a  value  at  edge  of  laminar  sub-layer 

aw  adiabatic  wall  value 

r.  coolant  value 

NT  value  for  no  transpiration 

o  value  at  end  of  porous  section 

r  reference  value 

s  stagnation  value 

w  wall  value 

1  value  at  edge  of  boundary  layer 

oo  free  stream  value 

Superscripts 

quantity  averaged  with  respect  to  time 
'  instantaneous  fluctuating  quantity 

dimensionless  quantity,  see  Eq.  (A17) 

•r  dimensionless  quantity,  see  Eqs.  {Al9)  and  (A20) 
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1 .  INTRODUCTION 


The  aerodynamic  heating  that  accompanies  high  speed  flight  usually 
causes  the  outside  surface  of  a  missile  to  reach  extreme  temperatures. 

One  of  the  methods  to  reduce  the  surface  temperature  is  that  of  injecting  a 
cool  fluid  through  a  porous  wall.  The  principal  effect  of  porous  injection  is 
that  the  coolant  absorbs  most  of  the  heat,  thus  reducing  considerably  the 
temperature  rise  of  the  material.  There  are  other,  secondary  effects, 
however,  One  of  these  is  that  the  introduction  of  the  low  energy  coolant 
decreases  the  energy  level  in  the  boundary  layer,  thus  decreasing  the  aero¬ 
dynamic  heat  input.  Also,  the  injected  fluid  serves  to  decrease  the  velocity 
gradient  at  the  wall,  which,  of  course,  indicates  a  smaller  local  skin  fric¬ 
tion  coefficient,  (However,  since  injection  induces  earlier  transition  from 
laminar  to  turbulent  flow,  it  is  possible  that  the  overall  drag  will  increase.) 

Since  the  heat  transfer  is  decreasing  along  the  body,  it  is  not  necessary 
(or  practical)  to  make  the  entire  radomo  of  a  porous  material,  Only  the 
front  portion  need  bo  cooled  by  this  method  with  the  expectation  that  the 
downstream  effect  is  sufficient  to  cool  the  rear.  The  figure  on  page  420 
shows  the  configuration  considered  in  this  report. 

It  is  always  possible  to  keep  the  porous  section  at  a  low  temperature 
by  adding  enough  coolant.  The  real  problem  to  be  solved  is  how  much  mass 
need  be  injected  into  the  boundary  layer  per  unit  time  for  a  given  flight 
condition,  such  that  the  surface  temperature  downstream  of  injection  is  kept 
below  a  prescribed  maximum  value.  Then,  for  a  specified  trajectory,  the 
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total  amount  of  coolant  can  be  computed  and  the  feasibility  of  this  method 
of  cooling  shovn. 

The  use  of  a  porous  section  has  certain  disadvantages  which  could 
reduce  the  usefulness  of  this  method  of  cooling.  The  major  disadvantage 
is  that  the  porous  region  acts  as  a  "blind  spot"  to  the  transmission  and 
reception  of  radar  waves.  Thus,  it  must  be  reduced  to  the  minimum  pos¬ 
sible  size  that  will  still  cool  the  rear  of  the  radome  effectively. 

The  criterion  for  the  allowable  size  of  "blind  spot"  is  the  ratio  of  the 
cross-sectional  area  of  the  base  of  the  radome  to  the  cross-sectional  area 
removed  from  "sight"  by  the  porous  material.  No  exact  figures  for  the 
minimum  ratio  are  presently  available,  but  recent  estimates  indicate  that 
a  ratio  greater  than  from  50-100:1  should  not  interfere  with  the  operation 
of  the  radar. 

Other  difficulties  to  be  encountered  with  the  use  of  a  porous  material 
are!  method  of  manufacture,  strength  of  the  material,  and  attachment  to 
the  non-porous  section.  If  these  difficulties  could  be  overcome  and  the  size 
of  the  porous  section  does  not  have  to  be  made  so  small  that  its  effective¬ 
ness  is  curtailed,  this  scheme  shows  promise  for  radome  cooling. 

It  should  be  pointed  out  here  that  no  rational  analysis  presently  exists 
for  the  turbulent  case,  which  is  considered  in  this  report.  This  is  because 
of  the  lack  of  fundamental  information  concerning  the  mechanics  of  turbulent 

■I'Private  Communication,  Jack  Richmond,  Antenna  Laboratory,  Ohio  State 
University,  Columbus,  Ohio 
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shear  flows.  All  analyses  of  this  type  of  flow  require  experimental  data 
which  can  be  incorporated  in  semi-empirical  theories. 

In  the  problem  of  the  turbulent  boundary  layer  on  a  partially  porous 
wall  no  experimental  data  exist  for  the  boundary  layer  properties  near  the 
discontinuity  in  injection  (x  -  Xq)  which  is  precisely  the  region  of  interest. 
Because  of  this  unfortunate  state  of  knowledge,  crude  assumptions  concern¬ 
ing  the  boundary  layer  behavior  must  be  made  with  the  expectation  of  later 
experimental  evaluation.  Thus,  in  order  to  get  an  engineering  solution, 
the  momentum  and  energy  integral  equations  are  used  and  the  variation  of 
the  skin  friction  coefficient  downstream,  of  injection  is  assumed. 

It  is  knov/n  that  the  effects  of  transpiration  will  decrease  with  increas¬ 
ing  X)  and  that  eventually  the  boundary  layer  profiles  will  approach  those 
for  no  upstream  cooling.  With  this  in  mind  there  are  several  assumptions 
that  can  be  made  for  C£  in  the  non-porous  region. 


For  the 


non-porouB  wall) experiments  have  shown  that  the 


relation  between  skin  friction  and  momentum  thickness  can  be  expressed  by; 

c, 

Using  this  in  the  momentum  Integral  equation  gives  the  relation  between 


0  and  X  as, 


0<^x 


and  thus, 


C£ 
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The  sketches  below  indicate  some  of  the  possibilities  for  the  variation 


The  most  conservative  assumption  (largest  cf)  would  be  that  the  skin 
friction  instantaneously  reverts  to  its  zero  transpiration  value  at  0  =  0^, 
(dotted  path).  This  indicates  a  discontinuity  in  C£  at  x  =  x^,  and  is  certainly 
conservative  since  the  adjustment  to  the  zero  transpiration  C£  ■■  0  relation 
is  not  expected  to  take  place  until  some  distance  downstream  of  x  =  x^.  This 
estimate  was  made  by  Epstein  (Ref.  8)  in  his  turbulent  flow  analysis.  A  less 
conservative  method  is  to  assume  continuity  of  C£  and  some  kind  of  asymp¬ 
totic  approach  to  the  zero  transpiration  value.  It  is  clear  that  there  are 
many  reasonable  assumptions  that  meet  this  requirement  (e.g.,  solid  path 
above). 

A  more  exact  analysis  of  the  equivalent  problem  for  laminar  flow  can 
be  made  and  several  reports  have  been  written  on  the  subject  (Refs.  I,  3 
and  6  ).  In  References  3  and  6  a  discontinuity  in  C£  at  x  ~  x  results,  while 
in  Ref.  1.  C£  is  assumed  continuous.  Howe  compares  the  different  expres¬ 
sions  for  C£(x)  and  it  is  shown  that  the  results  of  Ref.  1  are  the  most  con¬ 
servative  of  the  three. 

We  will  assume  hero  that  the  solution  of  Ref,  I  for  Cf(x)  (see  Figure  3) 
can  be  applied  to  the  turbulent  case.  Remember,  this  is  only  an  assumption^ 
made  with  the  hope  of  providing  more  realistic  results  than  those  obtained 
by  the  method  of  Reference  8,  and  must  certainly  be  verified  experimentally. 

This  report  then  will  analyze  the  effect  of  upstream  transpiration  cool¬ 
ing  on  the  surface  temperatures  and  heat  flux  to  the  body.  The  only  coolant 
to  be  considered  is  air,  although  the  analysis  could  be  adopted  to  some  other 


fluids  with  a  small  modification.  The  results  obtained  from  such  an  analysis 
depend  on  whether  the  flow  is  laminar  or  turbulent.  This  in  turn  depends 
upon  the  flight  condition,  surface  roughness,  pressure  gradient,  etc.  Also, 
as  indicated  previously,  the  injection  of  fluid  into  the  boundary  layer  tends 
to  decrease  the  stability  and  induces  turbulence  at  lower  Reynolds  numbers 
than  the  zero  transpiration  case.  Thus,  analyses  of  both  laminar  and  tur¬ 
bulent  flow  are  important  since  either  condition  could  prevail  along  a  given 
trajectory. 

Only  turbulent  flow  over  a  cone  will  be  considered  in  this  report.  It 
will  be  assumed  that  this  coirdition  exists  from  the  apex  so  that  the  problem 
of  transitional  flow  need  not  be  treated.  This  does  not  seem  unreasonable 
since  at  the  flight  conditions  where  turbulent  flow  is  expected  (relatively 
high  densities  and  Mach  numbers)  only  a  small  portion  of  the  cone  should  be 
able  to  sustain  laminar  flow,  due  to  the  aforementioned  destabilizing  effect 
of  injection.  The  case  of  completely  laminar  flow  over  a  flat  plate  with 
upstream  transpiration  has  been  treated  in  Ref.  1.  An  outline  of  the  method 
used  there  will  be  given  in  a  following  section. 

The  turbulent  flow  analysis  can  be  most  conveniently  handled  by  treating 
the  porous  and  non-porous  sections  separately.  The  problem  of  transpiration 
cooling  in  compressible  flow  over  a  flat  plate  has  been  treated  by  Rubesin  in 
Ref.  il.  It  will  be  shown  how  these  results  may  bo  applied  to  supersonic 
flow  over  a  cone  with  but  a  slight  change  in  the  basic  equations.  When  this 
is  done,  the  important  physical  quantities  in  the  porous  sections  can  be 
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compvited.  Then,  since  it  is  necessary  to  find  the  variation  of  adiabatic  wall 
temperature  in  the  non-porous  region,  the  aforementioned  assumption  for 
the  skin  friction  is  made.  This  allows  the  solution  of  the  momentum  integral 
equation,  which  along  with  the  energy  integral  equation  enables  the  determina¬ 
tion  of  the  adiabatic  wall  temperature  around  the  radome.  It  is  then  possible 
to  compute  the  heat  flux  to  the  body  for  cooled  walls. 

These  results  are  then  applied  to  a  number  of  steady  state  flight  con¬ 
ditions  in  order  to  indicate  the  range  in  which  upstream  transpiration  cooling 
is  effective. 
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The  problem  to  be  solved  can  be  simply  stated  as  follows:  What  is  the 
adiabatic  wall  temperature  in  the  range  from  Xq  to  L?  This  is  the  tempera¬ 
ture  the  downstream  surface  will  reach  (neglecting  radiation)  if  steady  flight 
is  achieved  and  the  wall  is  perfectly  insulated. 

This  computation  is  made  by  assuming  the  Crocco  relation  (which 
connects  velocity  and  temperature  distributions  through  the  boundary  layer) 
to  hold  in  the  downstream  region.  Actually,  the  Crocco  relation  applies 
strictly  to  a  region  of  constant  wall  temperature,  but  since  it  will  only  be 
used  here  to  relate  integrated  quantities  (momentum  and  enthalpy  thicknesses] 
it  is  felt  that  the  error  incurred  by  using  it  for  zero  heat  transfer  will  not  be 
significant.  The  relation  can  bo  written  in  the  following  form  (for  a  perfect 


gas), 


Ts,  Tg,  ^  Tbj  >  u, 


(1) 


The  momentum  and  enthalpy  thicknesses  are  defined  respectively  as 
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(2) 


a  = 


PlUl 


(I 


T 

^}dy 

^8l 


(3) 


o 

Consistent  with  the  assumption  of  the  Crocco  relation,  the  thermal  (6^)  and 
hydrodynamic  boundary  layer  thicknesses  are  considered  equal.  This  is 
usually  considered  satisfactory  for  air.  The  combination  of  Eqs.  (1),  (2) 
cuid  (3)  gives, 


i2  =  0(1 

Tsi 


(4) 


It  is  obvious  that  once  the  momentum  and  enthalpy  thicknesses  are 
known  in  the  downstream  section,  the  adiabatic  wall  temperature  can  be 
determined  as  a  function  of  x. 

For  A  cone  the  momentum  and  energy  integral  equations  are  respectively, 


e 

^f 

'^w 

(5) 

dx 

+  — 
X 

11 

t-l, 

II 

Pi  “1* 

dil 

n 

dx 

+  X 

pi^i 

Hi” 

(6) 

Eq.  (5)  can  be  solved  if  c£  is  known  as  a  function  of  x  or  0.  However,  it 
is  clear  that  since  Eq.  (5)  is  of  the  first  order  there  will  be  one  arbitrary 
constant  which  must  be  evaluated  from  the  "initial  conditions",  i.e.,  the 
value  of  0  at  X  =  x^.  Thus  it  can  be  said  that  0  is  matched  (assumed 
continuous)  at  the  junction  of  the  porous  and  non-porous  sections. 
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The  solution  to  Eq.  (6)  for  an  adiabatic  wall  (q^  ~  0}  is, 

Qx  =  Constant  =  (7) 

The  equations  for  the  porous  section  will  then  be  used  to  compute  n^. 

Therefore,  the  general  method  of  auialysis  can  be  described  as  follows: 
solving  the  pertinent  equations  for  both  the  porous  and  non-porous  sections 
and  matching  important  parameters  at  the  junction. 
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3.  POROUS  SECTION 


As  shown  in  Section  U  one  of.the  quantities  that  must  be  computed  in 
the  porous  section  is  the  momentum  thickness  at  the  end  of  transpiration. 
Since  a  variable  in  this  study  is  the  length  of  the  porous  region,  a  curve  of 
6  vs.  X  is  needed.  This  can  be  obtained  from  the  solution  of  the  momentum 
integral  equation  for  a  cone,  which  is,  * 


dx  X  2  PiUj 


(8) 


A  solution  to  the  problem  of  porous  cooling  of  a  flat  plate  has  been 
obtained  by  Rubesln  (Ref.  2).  If  one  considers  the  comparison  between  the 
aquations  for  a  cone  and  a  flat  plate  for  no  injection,  it  can  be  shown  (Ref,.  4), 
that  the  flat  plate  equations  (used  to  compute,  e.g, ,  skin  friction)  can  be 
applied  to  a  cone  if  one>half  the  cone  Reynolds  number  (based  on  length)  is 
substituted  for  the  flat  plate  Reynolds  number.  This  means  that  when  the 
conditions  at  the  edge  of  the  boundary  layer  and  the  surface  are  the  same 
for  both  the  cone  and  the  flat  piste,  the  skin  friction  coefficient  for  the  cone 

i 

is  the  same  as  that  for  the  flat  plate  for  one -half  the  cone  Reynolds  number. 
Thus  at  corresponding  x  locations,  the  local  skin  friction  ie  larger  on  a 
cone  than  on  a  flat  plate.  It  might  be  expected  that  injection  into  the  boundary 
layer  through  a  porous  wall  should  not  seriously  affect  this  relation.  Before 

i 

this  analogy  is  investigated  further,  the  analysis  made  in  Ref.  2  will  be  out¬ 
lined.  j 


■I'Note  that  the  variable  x  is  used  to  denote  distance  along  the  surface  for 
both  the  porous  and  non-porous  sections. 
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The  principal  assumptions  made  by  Rubesin  are; 

1.  The  coolant  fluid  (air)  is  the  same  as  the  boundary  layer  fluid  and 
enters  the  boundary  layer  at  the  temperature  of  the  surface-of  the  plate. 

2.  The  boundary  layer  is  composed  of  a  laminar  sub-layer  and  a 
fully  turbulent  outer  layer  (with  velocity,  temperature,  shear  and  heat 
flux  assumed  continuous  at  interface). 

3.  In  the  fully  turbulent  region,  the  transport  of  heat  is  proportional 
to  the  transport  of  momentum  (Reynolds  analogy). 

4.  The  variation  of  the  dependent  variables  with  respect  to  x  (in  the 
boundary  layer  equations)  is  assumed  negligible  compared  with  their  varia¬ 
tions  with  respect  to  y.  (This  reduces  the  boundary  layer  equations  to  a 

set  of  ordinary  differential  equations).  Notice  the  similarity  to  Couette  flow. 

The  details  of  this  analysis  may  be  found  in  Appendix  A. 

Once  the  flat  plate  has  been  analyzed,  we  are  in  a  position  to  show 
the  similarity  of  the  equations  to  those  for  the  cone.  If  it  is  assumed  that 
the  boundary  layer  thickness  is  much  less  than  the  radial  distance  from  the 
axis  of  the  cone  to  the  surface,  the  only  difference  in  the  boundary  layer 
equations  appears  in  the  equation  of  continuity. 

Flat  Plate 

9  .  .  9 

8y  (P  u)  +  0y  (pv+p*v')  =  0  (9) 

( 
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Cone 


^  0 

<P  vl)  +  (p  V  r  f  p'v'r)  =  0  ('0) 

a 

With  the  assumption  that  the  —  terms  are  negligible,  we  see  that  the 

8x 

continuity  equations  for  the  cone  and  the  flat  plate  are  identical,  since  r 
is  not  a  function  of  y.  Thus,  the  velocity  and  temperature  distributions, 
as  determined  from  the  solution  to  the  boundary  layer  equations,  are  the 
same  for  the  cone  and  the  flat  plate.  This  means  that  the  momentum  thick¬ 
nesses  are  identical. 

The  moinentum  equation  can  be  rewritten  as. 


or 


Rep 


Pw  ^w 
Pl^l 


(H) 


d(Ree  •  Re^) 
Ro  d  Re  =  -- 

(-^  +  ’^w^w , 
2  p,u, 


To  continue  the  demonstration,  it  is  assumed  (as  for  the  flat  plate)  that 
the  demoninatnr  of  the  right  hand  side  of  Eq.  (12)  is  approximately  constant. 
Integration  of  Eq,  (12)  then  gives, 
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_  Rbq  •  ROjj 

2  ^  Pw\v 

2  piui 


(U) 


or 

RCjj  Rcq 

2  piUj 

The  validity  of  the  approximation  <fl.  +  =  constant)  may  be 

2  Piui 

D  V 

shown  by  an  apoateriori  examination  of  the  results.  Since  is  tzdcen 

PiUl 

to  be  constant,  it  is  clear  that  for  high  injection  rates  (with  correspondingly 
low  values  of  c^).  the  above  approximation  is  good.  Figure  1.  which  was 
computed  from  the  equations  derived  in  Appendix  A.  shows  the  variation  of 
C£  with  RCjf  for  a  number  of  Mach  nxunbers  and  injection  rates  (note: 

F  s  ).  For  practical  application  of  this  cooling  technique,  it  is 

PlUl 

probable  that  values  of  will  be  greater  than  0.  005,  with  a  Reynolds 

PiUl  ^ 

number  at  the  end  of  injection  about  10  ,  This  gives  skin  friction  coefficients 
which  are  at  least  an  order  of  magnitude  less  than  the  injection  rates.  Thus 

Cm 

the  assumption  ol  taking -A 'i-F  to  be  constant  in  order  to  integrate  Eq.  (13)  is 
shown  to  be  reasonable. 

Comparing  Eqs.  (14)  and  (A28)  then  shows  that  the  similarity  between 
the  results  for  the  cone  and  flat  plate  is  the  same  as  for  no  injection.  That 
is,  the  results  for  the  flat  plate  may  be  applied  to  a  cone  if  one-half  the 
cone  Reynolds  number  is  used. 

The  momentum  thickness  is  then  computed  from. 


Pw^w  . 

P|Uj  ' 


(15) 
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In  order  to  evaluate  Eq.  (A33),  the  wall  temperature  must  be  known. 

It  has  been  shown  (Ref.  5)  that  (for  no  radiation)  the  outside  wall  tempera¬ 
ture  must  be  equal  to  the  temperature  of  the  coolant  entering  the  boundary 
layer.  Thus  a  heat  balance  in  the  porous  region  gives 

^(^awNT  "  ~  Pw^w  *^pt^w"  ^c) 

where  Taw^jx  adiabatic  wall  temperature  for  no  transpiration  and 

Tc  is  the  coolant  temperature  inside  the  radome.  If  Taw|,jX 
assumed  to  bo  constant  along  the  cone,  it  is  apparant  that  both  the  injection 
rate  and  wall  temperature  cannot  be  held  constant  since  h  is  a  function  of  x. 

In  order  to  keep  a  constant  wall  temperature,  the  porosity  must  vary  withh 
(which  is  roughly  proportional  to  This  means  that  either  the  internal 

pressure  must  vary  or  the  material  has  a  controlled  variable  porosity. 

Since  neither  of  these  alternatives  appear  (at  the  present  time)  to  be  feasible, 
the  more  practical  case  seems  to  be  a  constant  injection  rate  and  varying 
wall  temperature.  Thus  mi.ist  be  computed  al  each  point  under  considera¬ 
tion  in  the  porous  region. 

The  method  for  computing  Is  described  in  Part  B-a.  In  this  Part, 
£i.>me  of  Rubesin*  8  results  (Ref.  Z)  for  the  Stanton  number  ( — - )  are 

PlUi  Cp 

used  in  making  the  heat  balance  indicated  in  Eq.  (16),  Figure  3  of  Part  B-a 
plots  the  results  in  a  convenient  non-dimensional  form  from  which  the  wall 
temperature  can  be  calculated. 

An  example  is  shown  in  Appendix  B  which  indicates  how  the  skin  friction 
coefficient  is  determined  for  a  given  flight  condition. 
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4.  NON-PORUUS  SECTION 

It  was  shown  in  Section  2  that  once  the  initial  conditions  (Oq,  Oq*  ) 
are  known  for  the  non-porous  region,  the  energy  and  momentum  integral 
equations  can  be  solved  provided  a  reasonable  assumption  for 
cf  =  C£(x)  or  C£  =  Cf(0)  is  made.  As  indicated  previously,  the  assumption  to 
be  used  comes  from  a  solution  to  the  same  problem  considered  here,  except 
for  laminar  flow  (Ref.  1). 

In  Ref.  I  an  existing  solution  for  the  laminar  flow  in  the  porous  re¬ 
gion,  is  used  (e.g. ,  Low,  NACA  TN  3404)  to  determine  the  important 
quantities  (c£,  8,  f2)  at  the  end  of  injection.  These  are  assumed  continuous 
at  this  point  and  can  therefore  be  used  as  initial  conditions  for  the  solution 
to  the  problem  in  the  non-porous  region. 

To  begin  the  downstream  solution,  the  velocity  distribution  at  x  =  Xq 
must  match  that  at  the  end  of  Injection.  Therefore,  non-similarity  of 
profiles  is  to  be  expected  since  they  must  change  from  those  characteristic 
of  transpiration  to  the  characteristic  of  flow  along  a  solid  surface  with  no 
upstream  cooling.  Because  this  makes  the  solution  of  the  boundary  layer 
equations  quite  difficult,  an  integral  approach  was  adopted  for  the  down¬ 
stream  section,  and  the  boundary  layer  profile  was  assumed  to  be  approxi¬ 
mate  by  seventh  degree  polynomial  in  terms  of  y/6, 

7 

an(x)(f)*'  (17) 
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The  coefficient  is  proportional  to  the  skin  friction  coefficient.  It  is  shown 
that  all  other  coefficients  can  be  expressed  in  terms  of  ajby  the  use  of 
boundary  conditions  at  y  =  0  and  y  s  6,  This  leads  to  an  ordinary  differential 
equation  in  an  6  and  x  which  can  be  solved  simultaneously  with  the  momentunr 
equation  to  give  the  variation  of  skin  friction  coefficient  with  x.  The  actual 
matching  of  profiles  at  the  junction  is  accomplished  by  equating  the  slopes  at 
the  wall  (skin  friction)  and  the  boundary  layer  thicknesses,  which  serve  as 
the  initial  conditions  to  be  used  in  the  solution  of  the  differential  equations. 

The  results  that  we  are  interested  in  are  presented  in  Figure  of  Ref.  I 
and  are  reproduced  here  in  Figure  3.  The  parameter  f{o)  in  the  figure  is  { 


defined  as, 


f(o)  =  -2 

Pi  o 


Notice  that  the  ordinate  is  tho  ratio  of  the  local  skin  friction  to  the  skin 
friction  for  zero  transpiration.  Therefore,  at  large  distances  from  the 
porous  region,  it  would  be  expected  that  the  ordinate  approaches  unity 
since  the  effect  of  upstream  transpiraliun  would  be  negligible.  This,  of 
course,  does  not  depend  upon  whether  the  flow  Is  laminar  or  turbulent, 

Now,  the  problem  we  are  trying  to  solve  is  how  the  skin  friction 
increases  from  its  initial  value  at  the  end  of  injection  to  its  zero  transpira¬ 
tion  level  far  downstream,  for  turbulent  flow.  It  Is  felt  that  the  solution  to 
the  laminar  problem  in  Its  non-dimensional  form  can  be  applied  directly  to 


turbulent  flow,  because  the  rate  at  which  the  skin  friction  recovers  from  the 
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where 


0 


Now,  for  the  turbulent  boundary  layer  with  no  transpiration, 


F=o 


=  Kx 


-1/5 


=  Kx 


-1/5  ,-l/5 


so  that  Eq.  (19)  becomes 


=  (I  -  ae 


1/3 


)  Kx, 


-1/5  -1/5 


Substituting  in  Eq.  (21)  gives. 


£1  +  ^ 
d4  ^  e. 


4/5  -1/5 


K| 


I  -  a  o 


-l.4(M) 


ITT] 


Let 


B  = 


Xo 


4/5k 


Then  multiplying  Eq.  (26)  by  S, 


d  ,  4/5  4/5  -1.4(S-l) 

;j|-(ti4)  =  B4  -  a  BS  e 


1/3 


Integrating  gives, 


4 


5  9/5 

9  B4 


1 


/>& 


-aB 


1/3 

4/5  -1. 4(8-1) 
Be  ds 


'^1 

_il  ^ 

Letting  1(4)  equal  the  integral  in  Eq.  (29),  and  inserting  the  limits 
in. 


(22) 

(23) 

(24) 

(25) 

(26) 

(27) 

(28) 

(29) 

results 
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(30) 


n  -  l/e  _  5  4/5  I  a  I  (4) 

B  '9'^  'I'" 

T|  -  1  /  ^ 

Once  1(1)  is  determined  (by  numerical  methods)  ■  —  ■  ■  can  be  plotted,  as 

B 

shown  in  Figure  4.  Since  the  momentum  thickness  is  now  known  as  a 
function  of  x,  the  Crocco  integral  and  the  energy  equation  Ccin  be  combined 
to  give  the  adiabatic  wall  temperature. 

The  Crocco  relation  in  non-dimensional  form  is. 


where 


X  Oo  /,  , 

nd  -  ~) 

Ts. 


«o 


(31) 

(32) 


The  energy  equation  for  an  adiabatic  wall  is 


d<t> 


.  J  =0 


(33) 


Integrating  gives, 

-  c  onatant  =  '!'  q  So  ~  ^ 

Then, 

I 

i  -  -  a  1(1  -  ) 

but  at  4  =  i 

=  0o(l  -  —2.) 


(34) 


(35) 


where  is  the  wall  temperature  at  the  end  of  the  porous  section. 
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Finally; 


Tl(l  =  4(1  (36) 

^81  ^  Ts, 

The  left  hand  side  of  Eq.  (36)  is  plotted  in  Figure  5  vs.  $  for  different 
values  of  initial  temperature  ratio.  This  can  be  used  along  with  Figures  4 
cind  2  to  get  the  variation  of  adiabatic  wall  temperature  along  the  body  for  a 
given  flight  condition  and  coolant  inlet  temperature. 


5.  EFFECTS  OF  CONVECTIVE  AND  RADIATIVE  HEAT  TRANSFER  IN 
NON- POROUS  SECTION 

If  the  nun-porou8  wall  is  not  insulated  but  is  instead  assumed  to  remain 
at  a  temperature  below  that  of  the  adiabatic  wall,  then  it  is  of  importance 
to  compute  the  convective  heat  transfer  to  the  wall.  This  can  be  represented 
as. 


Oconv.  <”) 

In  the  usual  aerodynamic  heating  problem,  with  no  transpiration,  the 

adiabatic  wall  temperature  is  somewhat  less  than  the  stagnation  temperature 
at  the  edge  of  the  boundary  layer  (for  Pr  <  !)•  In  this  case,  however,  the 
adiabatic  wall  temperature  is  considerably  less  than  this  stagnation  tempera¬ 
ture  (due  to  the  effect  of  upstream  transpiration),  and  approaches  it  asymp¬ 
totically  (see  Figure  6).  Thus,  a  reduction  in  heat  transfer  is  obtained 
downstream  of  the  porous  region  if  it  is  assumed  that  the  film  coefficient 
remains  the  same  as  in  the  zero  transpiration  case.  Since  h  depends  largely 
on  the  properties  at  the  edge  of  the  boundary  layer,  this  assumption  is 
probably  good.  Fur  turbulent  flow  over  a  cone,  h  can  be  expressed  by, 


h  = 


0.  8  0. 2 

0. 00828  (u|  Pf )  M  r  Btu 

(Prj.)0'^7  '  ■  '  8oc-ft*-°R 


(38) 


Thus,  the  convective  heat  transfer  to  the  body  can  be  computed. 

If  it  is  assumed  that  the  missile  is  in  steady  flight  and  the  effects  of 
radiation  are  included,  the  surface  reaches  its  radiation  equilibrium  tempera* 
ture  (if  the  inside  wall  is  insulated).  This  means  that  the  convective  heat 
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flruc  to  the  body  equals  the  heat  radiated  from  the  wall.  The  expression  for 
radiant  heat  trcinsfer  into  free  space  is, 

qrad.  =  0*  (39) 

When  equilibrium  is  achieved,  the  following  expression  is  used  to  calculate 
the  wall  temperature, 

h(Ta^  -  Tw)  =  (Tc  (40) 
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6 .  RESULTS  AND  CONCLUSIONS 


Figures  I  and  2  give  the  important  results  for  the  porous  section.  It 
can  be  shown  that  these  curves  are  only  slightly  dependent  upon  altitude, 
which  therefore  does  not  appear  as  a  parameter.  Curves  of  Cf  vs.  Re^ 
indicate  the  large  reduction  in  C£  with  increasing  injection  rate.  Figure  2 
presents  the  variation  of  wall  temperature  in  the  porous  region  as  a  function 
of  injection  rate  and  Mach  number.  Notice  that  as  x  — >  0  the  temperature 
approaches  that  of  an  adiabatic  wall  for  no  transpiration.  This  temperature 
(for  the  Mach  number  range  under  consideration)  is,  of  course,  much  higher 
than  the  melting  point  of  most  materials,  and  therefore  special  means  of 
cooling  must  be  used  for  this  small  area,  This  could  be  accomplished  by 
cutting  a  slot  at  the  tip  and  injecting  coolant  into  the  stream. 

Figure  6  shows  the  rate  at  which  the  adiabatic  wall  temperature  in  the 
non-puruus  section  approaches  the  value  which  would  be  achieved  for  no 
upstream  cooling.  This  is  the  measure  oi  effectiveness  for  this  cooling 
technique. 

Before  discussing  these  results  11  siiould  be  noted  that  there  is  a  slight 
Inconslstancy  in  the  presentation  of  the  Curves.  The  ordinate  is  non- 
dimensionalized  with  respect  to  the  stagnation  temperature  at  the  edge  of  the 
boundary  layer.  This  is  done  because  this  ratio  appears  in  the  Crocco 
relation  from  which  those  curves  are  obtained  (see  Section  IV).  However, 
it  is  known  that  with  no  transpiration,  an  adiabatic  wall  will  reach  a  tempera¬ 
ture  somewhat  lower  than  the  stagnation  temperature.  Thus  the  maximum 
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temperature  that  can  be  reached  (for  large  values  of  i)  is  about  10%  less 
than  is  indicated  in  Figure  6.  Therefore,  the  calculated  values  are  higher 
than  the  true  temperatures,  and  in  this  sense  are  conservative. 

At  each  flight  condition,  the  effect  of  injection  rate  and  transpiration 
length  can  be  seen.  Relatively  large  values  of  F  (greater  than  O.Ol)  are 
needed  to  obtain  a  sustained  depression  of  the  adiabatic  wall  temperature, 
while  changing  the  initial  transpiration  length  effects  the  curves  very  little 
(of  course,  the  actual  length  is  twice  as  large  for  Xq  =  I*  at  a  given  4). 

The  effectiveness  of  this  method  of  cooling  is  seen  to  increase  with 
increasing  Mach  number  and  decrease  with  altitude.  However,  for  the 
practical  application  of  upstream  transpiration  cooling,  one  must  he  con¬ 
cerned  with  the  mass  flow  of  coolant  needed  to  give  a  required  downstream 
temperature.  For  a  constant  injection  rate  (p^v^/piu^)  the  mass  flow  is 
found  to  increase  with  both  increasing  Mach  number  and  decreasing  altitude. 

A  calculation  was  made  to  show  the  difference  between  the  more  con¬ 
servative  method  of  Ref.  8  and  the-present  analysis.  The  result  is  given 
in  Figure  6B.  Notice  that  the  difference  in  adiabatic  wall  temperatures  is 
largest  near  6  =  i  «  which  is  to  be  expected  since  the  asBXimptions  for  the 
skin  friction  approach  each  other  for  large  values  of  (;  (see  Introduction). 

Figure  7  given  an  indication  of  the  mass  flow  requirements  for  a 
particular  configuration.  This  calculation  was  only  made  at  100,000  ft. 

At  a  given  Mach  number,  a  decrease  in  altitude  means  that  a  larger  mass 
flow  is  needed  to  give  the  same  cooling  effectiveness. 
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(») 

Recall  that  all  calculations  in  this  report  have  been  made  for  a  coolant 
temperature  of  600°R.  A  reduction  of  this  temperature  will  increase  the 
effectiveness  of  the  scheme. 

The  only  conclusion  pertaining  to  radome  cooling  that  can  be  drawn 
from  an  analytical  study  such  as  this  is  that  the  use  of  a  porous  plug  in  the 
front  of  a  radome  may  be  a  feasible  method  of  protecting  the  surface. 

The  following  part  (C-b)  deals  with  the  application  of  the  curves  and 
equations  presented  here  to  a  possible  radome  configuration.  In  that  part, 
the  mass  flow  required  to  keep  the  radome  at  a  given  maximum  temperature 
for  variations  in  Mqq  ,  altitudei  coolant  temperature  and  injection  rate  will 
be  computed.  This,  in  turn,  will  prescribe  the  method  of  obtaining  the 
coolant  (e. g. ,  ram  air  inlet-refrigeration,  carried  on  board,  etc.).  An 
examination  of  the  weight  and  volume  of  this  system  V'lll  then  determine  to 
a  large  extent,  its  feasibility  for  cooling  a  particular  radome. 

It  should  be  emphasized  that  experimental  results  are  needed  (as  in  all 
turbulent  flow  problems)  to  verify  the  accuracy  of  the  results  obtained. 
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TABLE  1 

VALUES  OF  FOR  (fl) 

2  P=o 


^03 

Altitude 

50,000 

100, 000 

150,000 

5 

- 

.00153 

6 

- 

. 00143 

- 

7 

.000828 

.00137 

.00220 

(1)  See  Appendix  C  for  method  need  to  determine  K. 
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APPENDIX  A 


The  result  that  we  are  looking  for  is  a  relation  between  C£  and  Re^ 
and  C£  and  Reg.  The  first  step  is  to  determine  the  velocity  and  tempera¬ 
ture  distributions  in  both  the  laminar  sub-layer  and  fully  turbulent  region. 
The  boundary  layer  equations  are  (using  assumption  (4)i  page  424 


^(■pv+'pTTT)  =0 


,  du  d  du  - 7—;. 

(p  V  +  ^  (p  37  "  pu»v‘) 


(p  V  +  p‘v»)  ^(Cp  T  +  ^  iy  ^  ^  *  P 


(Al) 

j 

(AZ) 

(A3) 


Note  that  Eq.  (Al)  can  be  integrated  directly  to  give, 


pv  +  p*v*  s  constant  {A4) 

with  the  boundary  conditions 

y  =  0;  pv=p^v^  p'v'=  0  (A5) 

Thus,  pv  +  p'v'= 

The  concepto  of  eddy  viscosity  and  eddy  thermal  conductivity  are  intro¬ 
duced  here.  The  definitions  are. 


p  u*v* 

*  M  ^ 

dy 


(A7) 
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p  Cq  v’T* 

€„  =  -  1_P -  (A8) 

”  df 

dy 

Npw,  a  turbulent  Prandtl  number  may  be  defined  which  relates  the  turbulent 
transfer  of  momentum  and  energy. 


Prt  = 


When  Eqs.  (A6)  through  (A9)  are  introduced  into  (A2)  and  (A3),  there  results, 


du  d  du 

dy  “  dy  ^l^'*‘*M^dy 


(AlO) 


P  V  {c„  T  +  Hi)  H  ^)  ■^.-(C_T)+  (p  +  Cw)  Xv  (All) 

w  dy  P  2  dy  Pr  Pr^^ '  dy  '  p  '  M'  oy  '  2  ' 


Eqs.  (AlO)  and  (All)  can  now  be  solved  for  velocity  and  temperature 
distributions  through  the  boundary  layer. 

An  assumption  that  will  simplify  the  solution  considerably  is  that 
r*  =  Prt=  1.  When  this  is  asserted,  it  will  be  noticed  that  Eqs.  (AlO)  and 
(All)  have  the  -same  form,  and  if  u  Is  a  solution  to  (AlO),  then, 


Cp  i  — -  =  au  I-  b 


(2) 

(A12) 


in  a  solution  to  (All),  sliu.o  it  is  linear.  The  constants  a  and  b  are  evaluated 


from  the  boundary  conditions; 


(1)  Since  the  fluctuating  components  no  longer  appear,  all  quantities  now 
refer  to  average  values. 

(2)  It  should  be  noted  that  this  is  also  a  statement  of  the  Crocco  relation. 
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y  =  6  ;  T  =  Ti  u  =  ui 

y  =  0  ;  1’  =  IV  "  ^  ° 


Thus  Eq.  (A12)  becomes 


■  =  I  f  B  u  ~  u* 
*  w 


where, 


V-1 

A*=  2 


M,* 


(I2I) 

Ti 


I  +  Mi^ 


B  = 


-  I 


(Iw) 

T, 


u  = 


{AI3) 


{A14) 

(AIS) 


(A16) 

(A17) 


Eqs.  (AlO)  and  (All)  are  now  integrated  (note  that  in  the  sub-layer 
Cm<<K»  while  in  the  turbulent  core,  t*  <<  *  to  give! 

Sublayer  (Assuming  }x  =  in  the  integration) 


y  -  T  <*> 


PlUj 


(I ,  !.wj:w 

PlUl 


(A18) 


(A19) 


(A20) 

(A21) 
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du 


2  UU 

Turbulent  Case  (Assuming  the  Prandtl  mixing-length  theory  -  ‘m"P'  -ay* 
and  letting  i  =  Ky) 


Kp^^^dn 

y  =  Ya  exp  I  ,  ;  - 


or 


(A22) 


(A23) 


y  =  yaH 

It  should  be  noticed  that  the  skin  friction,  which  appears  in  both  profiles, 
is  still  an  unknown. 

Combining  Eqs.  (2),  (AIS)  and  {A23)  gives  a  relation  between  0  and 


(1) 


-Va  flTTlR 

2  p, 


w 


g(i) 


(A24) 


This  can  be  put  in  the  form, 
Reg  K 


in  — 
Va 


Pi  _ 


Pw'^w/ Pi  Oj 
Cf/2 


4  / 

PlUl 


(A25) 


From  the  momentum  equation,  a  relation  between  and  Re,^  can  be  obtained 


The  momentum  equation  can  bo  written  as, 
+  Pw^w  _ 

2  Pi  U|  d  Re^ 
Substituting  (A25)  into  (A26)  gives: 


(A26) 


(1)  The  derivation  of  this  equation  is  described  in  detail  in  Ref.  2. 


a.  -g-  ( V  A  t 

PiUl  dRCj^  I  KV  Cj72 


(A27) 


Cf  P  ^ 

Integrating  (A27)  by  assuming  {-^  +  ■  )  is  approximately  a  constant  gives, 

^  Pi  ui 


Re,  =  J1 


K  V‘  “7772 — 


(A28) 


T-  +  Pw^w^Pi 


Re,  =  ^ 

X  V 


and  finally. 


8<») 

V  2  2  pjui 


(A29) 


Va  V  2  2  PiUj  5» 


Pi 


/^W^w  ~ 
/  PlUl 


(A30) 


u  +  T 


The  numerical  values  of  K  and  must  be  determined  experimentally. 
These  values,  in  turn,  depend  on  the  type  of  experimental  data  taken;  that 
is,  whether  K  and  y^^^  were  obtained  from  experiments  relating  C£  and  Re^ 
or  those  relating  C£  and  Re,.  The  results  obtained  from  each  are  slightly 
different  (some  incompressible  results  are  given  in  Ref.  2),  but  the  differ¬ 
ence  is  neglected  in  this  analysis. 

The  relation  between  0  and  x  is  then  easily  shown  to  bo. 


+  ^ 

Pi'll  ’ 


{A31) 
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Aftev  integrating  the  right  hand  side  of  (A29)«  the  following  result  is 
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B  -  +  4A^ 


=  2A* 

(A32c) 

B  +v4»*  +  4A* 

^  "  2A* 

(A32d) 

Cf/2 

cr  =  _i - 

(A32e) 
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APPENDIX  B 


Flight  Conditions:  Mqq  a  7.  0  alt.  r.  100,000  ft. 

=  .01  Xo  =  0.  5  ft. 

Pl^l 

Tj.  =  600°R 

Toa  =  «0°R  P„  =  22-6  W  P«.  '•"Ol"'  ^ 

=  .0926  T.  =  4540°R 

T 
*  8 

From  cone  tables, 

Pi  -  Po«  IK 

- —  =0.148  Pi=l37^ 

Y  2  ” 

2  ■‘*’■00  oo 


M,  =  4.7  6 


Thus,  ^=.181  Tj=8l9°R 

^  B 

p  -  „?L-  ;=  .00314 

HTi  ft* 

ui  =  Ml  ^  YKc^^i  ~  6680  fpp 


-4  lb 

|Ji,  =  .  168  X  10  ,_Q1- 

*  ft-sec 

Pri  =  ,  685 


From  Part  E  -  Chapter  I 


■aw^T 


=  Pr 


1/3 


+  (I  - 


D  J./3. 
Pr  ) 


Ti 
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k 


2 

m 


P  +  O' 
p  +  a 


p  + a- 

Since  Odepends  on  c^/Z,  this  is  as  far  as  we  can  carry  the  solution  before 
making  an  assumption  for  C£/2.  A  trail  and  error  solution  yields  a  value 
of  Cf/2  equal  to  0.93  x  10“^. 
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./ft;: 


APPENDIX  C 

Cf  -1/5 

DETERMINATION  OF  K  FOR  (^)  =  Kx 

2  F=o 


Experiments  have  shown  that  a  good  representation  of  vs.  8  for  no 
injection  for  a  flat  plate  is  (Ref.  7), 


,-r/4 


where  A'  = 

Pi  ^PfUl 


(Cl) 

(C2) 


Note  that  quantities  with  subscript  r  arc  to  be  evaluated  at  the  reference 
temperature  (Tj.),  where, 


Tj,  -  0.  5  +  0.  ll  Tbj  +  U.  28  T, 


(C3) 


Using  Eqs.  (Cl)  and  (C2)  to  solve  the  momentum  Integral  equation  gives, 


4/5  -1/5 


=  I,  125  (A*)  X 


and 


K  =  1. 125 (A*) 


4/5 


(C4) 


(C5) 
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CHAPTER  II  -  PART  C 


THE  EFFECT  OF  UPSTRE.AM  TRANSPIRATION  COOLING  ON 


THE  COMPRESSIBLE.  TURBULENT  BOUNDARY  LA'^ER 


b.  Applications  of  Analytical  Results  - 
by  Harold  S.  Pergarnent 
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c.  THE  EFFECT  OF  UPSTREAM  TRANSPIRATION 
COOLING  ON  THE  COMPRESSIBLE.  TURBULENT 
BOUNDARY  LAYER 

b.  APPLICATION  OF  ANALYTICAL  RESULTS 


SUMMARY 

The  results  of  the  analytical  investigation  of  Part  C-a  of  this  chapter  have 
been  applied  to  a  typical  radome  configuration  for  a  number  of  flight  conditions. 

It  is  shown  that  a  (in  some  cases  considerable)  reduction  in  the  radiation 
equilibrium  temperature  can  be  effected  with  the  proper  amount  of  mass 
injection. 

An  analysis  of  a  typical  trajectory  has  been  made  in  order  to  determine 

I 

i 

the  total  coolant  requirements  for  a  given  decrease  in  surface  temperature. 

It  is  seen  that  for  large  reductions  in  temperature,  the  amount  of  air  required 
may  make  this  cooling  scheme  impractical.  (This,  of  course,  only  refers 
to  the  trajectory  considered  here  which  has  a  largo  exposure  time  to  severe 
heating. )  However,  it  is  pointed  out  that  a  weight  penalty  may  be  acceptable 
if  a  low  melting  point  radome  can  be  used. 
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SYMBOLS 


a  -  parameter  defined  by  Eq.  (7)  : _ _ : 

h  heat  transfer  (film)  coefficient 

H  parameter  defined  by  Eq.  (9a) 

k  thermal  conductivity 

L  thickness  of  radome  shell 

M  free  stream  Mach  number 

Pr  Prandtl  number 

q  heat  transfer  rate 

t  time 

T  absolute  temperature 

u  component  of  velocity  parallel  to  surface 

V  component  of  velocity  normal  to  surface 
wi  total  mass  flow  of  coolant 

X  distance  from  nose  measured  along  surface 
z  coordinate  measured  normal  to  suriace 
n  thermal  diffusivity 

(  emissivity 

O'  Stefan -Boltzmann  constant 

p  density 

p  viscosity 

Cp  specific  heat  at  constant  pressure 
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Subscripts 

aw  adiabatic  wall  value 

i  value  at  beginning  of  particular  time  interval 

r  reference  value 

w  wall  value 

I  value  at  edge  of  boundary  layer 


•/'.vo 'm 


1.  INTRODUCTION 

In  Part  C-a  of  this  Chapter, an  engineering  estimate  of  the  effect  of  up¬ 
stream  transpiration  cooling  on  the  turbulent  boundary  layer  was  made, 
and,  in  particular,  the  reduction  in  adiabatic  wall  temperature  was  computed. 
The  purpose  of  this  part  is  to  correlate  more  closely  the  required  mass  flow 
of  coolant  with  the  surface  temperature  reached  (including  radiation)  at 
particular  points  downstream  of  the  porous  section,  for  a  wide  range  of 
flight  conditions.  Then  the  total  amount  of  coolant  needed  over  a  trajectory 
can  be  estimated  and  the  feasibility  of  this  method  of  cooling  examined  in 
greater  detail. 

Calculations  were  made  for  both  equilibrium  flight  and  flight  along  a 
trajectory.  When  a  body  flies  at  equilibrium  conditions  the  surface  (locally) 
will  reach  a  temperature  that  results  (for  an  insulated  wall) from  a  balance 
of  the  aerodynamic  heat  input  and  the  radiative  heat  transfer  from  the  surface 
at  that  point.  This  is  known  as  the  "radiation  equilibrium"  temperature. 

Over  a  trajectory,  however,  since  the  flight  conditions  are  a  function  of 
time,  some  heat  is  stored  by  the  wall  at  each  instant  of  time.  Thus  the 
surface  reaches  a  lower  temperature  than  it  would  for  equilibrium  flight. 

A  typical  radome  configuration  (shown  in  Figure  1)  was  used  for  this  analysis. 

The  results  presented  here  are  based  on  the  investigation  made  in  PartOe 
of  this  Chapter.  The  only  coolant  considered  is  air  and  the  boundary  layer 
fluid  is  assumed  to  act  as  a  perfect  gas. 
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2.  EQUILIBRIUM  ANALYSIS 

The  equatioii  frQiR^hicKthe  radiation  equilibrium  temperature  is  calculat¬ 
ed  is  determined  by  making  a  heat  balance  between  the  convective  and  radia¬ 
tive  heat  transfer,  and  can  be  w’ritten  (for  a  given  point  on  a  body)  as, 

MTaw- Tw)  =  O'*  (D 

The  heat  transfer  (film)  coefficient,  h,  is  assumed  to  remain  unchanged 
from  its  value  for  no  upstream  transpiration  and  is  computed  from  the  follow¬ 
ing  equation’’^ 

^  0.00828(u;  Pr)^’  ^  Btu  ^2) 

(Pr  jO.667  ^  3ec-ft^-°R 

where  the  subscript  r  indicates  the  property  is  to  be  evaluated  at  some 
reference  temperature. 

The  adiabatic  wall  temperature  (T^w)  is,  of  course,  lower  than  the  zero 
injection  case  (the  amount  of  the  decrease  being  dependent  on  the  mass  flow 
of  coolant  as  seen  in  Figure  2)  with  the  result  that  the  equilibrium  tempera¬ 
ture  is  also  reduced.  The  results  of  Part  C-a  show  the  variation  of  adiabatic 

wall  temperature  along  the  body  for  different  flight  conditions  and  injection 
PwVw 

rates  (  uj  >• 

The  method  for  calculating  Tj^^  is  the  same  as  that  of  Part  C-a  exceptthat 
here  only  two  points  on  the  body**  are  considered,  the  rear  and  the  midpoint. 


«  See  Part  E,  Chapter  I. 

’l<>!<Note  that  the  cone  analyzed  in  this  part  has  a  semi -vertex  angle  of  20° 
while  in  Part  C-a  a  15°  cone  was  used. 
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It  is  felt  that  the  maximum  value  of  ~Z.y!f  for  which  the  analysis  is  still 

PlUl 

valid  is_about  O.  10,  Thus  for  each  flight  condition  a  curve  could  be  obtained 
of  adiabatic  wall  temperature  at  a  specified  point  on  the  body  vs,  the  weight 
flow  required  to  get  that  temperature  (Figure  2).  Then  Equation  (1)  is  used 
to  compute  the  equilibrium  temperature  for  a  given  value  of  the  emissivity  (t ), 


TRAJECTORY  ANALYSIS 


_ When  the  Mach  number  and  altitude  of  the  missile  are'  considered  “to  be _ 

functions  of  time,  an  additional  term  appears  in  the  heat  balance;  that  is,  the 
heat  stored  by  the  body  at  each  instant  of  time.  Then,  one  must  solve  the 
heat  conduction  equation  for  the  wall  of  the  radome  in  order  to  determine  the 
outside  surface  temperature.  Assuming  that  a  one -dimensional  treatment  is 
valid  at  each  point  along  the  body  gives  the  following  differential  equation: 

^  -  i  il 

95,2  Q  at  '  ' 

with  the  boundary  conditions, 

z  =  0  =  qnet=  *  T (4) 

dT 

Z  =  L  =  0 

and  the  initial  condition, 

t-0  T  =  T(z)  (5) 

Because  of  the  non-linear  boundary  conditions,  this  equation  lo  usually 
solved  by  numerical  methods,  and  would  probably  have  to  be  programmed 
on  a  high  speed  computer.  However,  if  it  is  assumed  that  the  wall  is  iso- 
thermal  ,  the  solution  is  simplified  '•onfiiderably.  The  following  equation 
may  then  be  written,, 

MTaw-lVO  *  T^=  pcp  L  (6) 

‘i'No  great  generality  is  lost  by  this  assumption  since  we  are  not  particularly 
interested  in  the  temperature  distribution  through  the  material. 
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where  H  =  h  +  O' «  T?  (9a) 

and  is  the  temperature  at  the  beginning  of  the  time  interval  and 

(t  -  tj)  is  the  length  of  the  time  interval.  If  one  chooses  a  short  time 
interval  (for  the  trajectory  shown  In  Figure  4,  5  second  intervals  were 
chosen  up  to  t  =  100  sec.,  100  second  intervals  from  100  to  400  seconds, 
and  5  second  intervals  until  the  end  of  the  trajectory)  Equation  (9)  can  be 
used  with  good  accuracy  for  the  transient  response  of  the  wall  temperature 
over  a  trajectory. 

lbr« 

m 

The  values  of  p,  Cp  and  L  used  in  the  calculations  are  226  > 

Htu 

0,2Tr —  o-p  .0167  ft.,  respectively. 
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4.  RESULTS  AND  CONCLUSIONS  I 

All  the  results  obtained  in  this  report  are  specifically  for  the  cone 
—  shown  in  Figure  1.  It  was  thought  that  the  numbers  obtained  for  a  typical 

■  i 

radome  configuration  would  be  indicative  of  the  effectiveness  of  upstream 
transpiration  cooling.  However,  one  must  still  be  careful  in  extrapolating 
to  other  body  shapes. 

As  mentioned  before,  the  important  parameter  to  be  studied  is  the  mass 

flow  of  coolant  needed  to  keep  the  wall  temperature  below  a  specified  mtixi- 

rnum  over  an  entire  trajectory.  This  will  then  determine  the  feasibility  of 

upstream  injection  as  a  method  for  cooling  radome s. 

Figure  2  shows  the  variation  of  adiabatic  wall  temperature  with  mass 

flow  for  a  number  of  flight  conditions.  It  is  this  quantity  that  actually  shows 

the  effectiveness  of  this  method  of  cooling  (Pt.  C-a).  Notice  that  as  the  altitude 

is  increased  there  is  a  considerable  reduction  in  the  required  mass  flow  to 

give  a  desired  adiabatic  wall  temperature.  As  mentioned  previously,  the 

P  V 

curves  extend  on  the  abscissa  only  to  the  point  where  ■  'f'.  ■  e  0.  10.  For 

Pl«i 

example,  at  150,000  feet  the  ambient  density  is  quite  low  and  therefore  the 
maximum  mass  flow  for  which  the  analysis  is  acceptable  is  only  of  the  order 
of  0. 10  lbs  sec.  This,  of  course,  does  not  mean  that  more  mass  cannot  be 
injected  at  these  conditions,  but  rather  that  the  results  obtained  by  this 
larger  mass  addition  cannot  be  predicted  accurately  with  this  analysis. 

Also,  it  should  be  pointed  out  that  when  is  approximately  unity,  the 

problem  turns  to  one  of  injecting  through  a  slot  and  not  a  porous  wall. 
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As  expected,  a  comparison  of  points  at  x  =  2'  and  x  =  4*  shows  the 

. 

adiabatic  wall  temperature  to  be  considerably  reduced  when  the  porous  I 

region  is  approached.  ‘  ’  -  1 

When  radiation  is  taken  into  account,  the  temperature  is  less  them 
Tjiw*  amount  depending  on  the  magnitude  of  the  wall  temperature  (since  | 
qy  =(r«T^^).  Figure  3  shows  the  variation  of  radiation  equilibrium  tem¬ 
perature  with  mass  flow  for  coolant  supply  temperatures  of  500°R  and  1000°R. 
(A  discussion  of  the  method  of  obtaining  these  supply  temperatures  may  be 
found  in  Part  D  of  this  Chapter. ) 

In  Figure  3a  it  can  be  seen  that  there  is  little  difference  in  the  result¬ 
ing  wall  temperature  for  a  change  in  the  emissivity  of  the  surface  from  0.  7 
to  0.3,  (This  seems  to  be  the  range  of  emissivities  for  many  radome 
materials.)  Two  additional  parameters  have  been  varied  in  Figure  3bi 
the  distance  at  which  the  wall  temperature  is  computed  and  the  coolant  tem¬ 
perature.  It  will  be  noticed  that  the  curve  for  x  =  2*  crosses  that  for  x  =  4' 
near  the  zero  weight  flow  condition.  This  occurs  because  the  adiabatic  wall 
temperature  for  no  transpiration  is  the  same  at  x  ^  2'  and  x  =  4',  and  the 
value  of  h  is  higher  at  x=  2’  (since  h'^x"®*^).  Thus  at  w^  =  0,  the  wall 
temperature  is  greater  closer  to  the  nose  of  the  body.  It  is  seen  that  the 
effect  of  reducing  the  coolant  temperature  to  300°R  (approximately  that  of 
liquid  nitrogen)  is  negligible  at  the  back  of  this  body.  Of  course,  the  smaller 
the  distance  from  the  porous  section,  the  greater  the  effect  of  the  coolant 
temperature. 
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The  typical  radome  trajectory  shown  in  Figure  4  was  analysed  in  order 
to  determine  the  effect  of  injection  on  the  wall  temperature.  Figure  5  gives 
the  results  of  these  calculations.  The  upper  curves  show  that,  for  no  cooling,  j 
the  wall  temperature  is  higher  at  smaller  values  of  x.  The  lower  curves 
were  computed  by  assuming  that  enough  mass  could  be  injected  to  keep  the 
adiabatic  wall  temperature  to  1500°R  (an  arbitrary  selection).  The  wall  tem¬ 
perature  was  then  foiind  by  the  method  described  in  Section  3.  It  will  be 
observed  that  for  some  flight  conditions,  it  is  necessary  to  go  beyond  the 

range  of  applicability  indicated  previously  (i.e.,  i  0. 10)  in  order  to 

Pi  “1 

reduce  tho  adiabatic  wall  temperature  to  ISOO^R.  Therefore,  the  integrated 
weight  flow  noted  on  Figure  5  should  only  be  taken  as  approximate.  (However, 
it  is  felt  that  this  is  the  correct  order  of  magnitude  of  the  mass  requirement. ) 

In  general,  one  would  reject  any  cooling  scheme  that  required  the 
addition  of  372  lbs.  of  air  (not  to  mention  the  weight  of  the  container  needed 
to  carry  it)  to  an  existing  missile  system.  However,  one  must  note  that  with 
this  mass  addition,  a  considerable  decrease  in  the  wall  temperature  has  been 
effected  (about  a  50%  drop  in  the  peak  temperature).  So  much  of  a  decrease, 
in  fact,  that  it  may  be  possible  to  ronn'lHer  a  different,  lower  melting  point, 
material  (e.g.,  fiberglass)  for  the  radome  with  possibly  less  complications 
than  arise  in  the  manufacture  of  a  high  melting  point  ceramic.  Therefore, 
if  one  were  initially  designing  a  missile  system,  it  may  be  satisfactory  to 
accept  a  weight  penalty  in  order  to  use  a  radome  which  is  easier  to  manu¬ 
facture.  This  could  be  the  most  useful  aspect  of  upstream  tr^iinspiration 
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cooling.  Naturally,  the  coolant  requirements  decrease  with  an  increase  in 
the  allowable  surface  temperature. 

Also,  it  must  be  pointed  out  that  the  trajectory  studied  here  has  a  long 
exposure  time  to  high  Mach  number  flight,  which,  of  course,  is  the  reason 
for  the  relatively  large  amount  of  coolant  needed.  Those  trajectories  which 
either  do  nut  produce  this  severe  aerodynamic  heating  condition  or  have  a 
shorter  exposure  time  will  require  less  coolant  since  the  necessary  reduc¬ 
tion  in  surface  temperature  will  not  be  as  great. 

The  possibility  that  the  coolant  can  be  taken  aboard  during  the  trajectory 
should  not  be  overlooked.  If  a  suitable  ram  air  intake  along  with  an  effective 
refrigeration  system  is  designed,  this  method  of  obtaining  the  coolant  would 
probably  result  in  a  smaller  weight  penalty  than  if  the  air  was  stored  at 
take-off.  Some  of  the  relative  advantages  of  each  method  are  discussed  in 
Part  D  of  this  Chapter,  which  also  considers  the  problem  of  upstream 
transpiration  cooling  for  laminar  flow.  If  the  flow  over  the  body  is  laminar 
the  coolant  requirements  should  be  less  than  In  the  turbulent  case  for  the 
same  trajectory  since  the  convective  heat  transfer  is  less. 

In  conclusion,  it  appears  that  in  order  to  decide  on  the  usefulness  of 
this  method  of  radome  cooling,  a  particular  configuration  traveling  a  specific 
trajectory  must  be  analy/.ed  in  a  similar  manner  to  the  case  considered  in 


this  report, 
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D .  EFFECT  OF  UPSTREAM  TRANSPIRATION  COOLING  IN  LAMINAR 
FLOW  ON  THE  DOWNSTREAM  WALL  TEMPERATURE  OVER  THE 
SURFACE  OF  A  CONE 

SUMMARY 

An  engineering  analysis  is  presented  for  the  purpose  of  evaluating  the 
effect  of  upstream  transpiration  cooling  on  the  heat  transferred  to  a  down¬ 
stream  impermeable  wall  surface  in  laminar  flow.  The  solution  of  the 
problem  for  the  flat  plate  in  laminar  flow  is  used  for  the  determination  of  wall 
temperatures  on  a  conical  radome  configuration.  The  investigation  considered 
two  cases:  i)  radiation  equilibrium,  and  ii)  transient  trajectory  conditions 
for  application  to  advanced  hyper suniu  inissiles. 

The  appendix  contains  a  discusiiion  of  several  methods  of  supplying 
coolant  mixtures  for  transpiration  cooling  at  the  temperatures  required  to 
cool  the  wall.  Numerical  results  for  several  mixtures  of  water-air, 
hydrogen-air  and  nitrogen-air  are  presented, 
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SYMBOLS 


I 

a  =  pCpT 

f(0)»-2f5LZS-  ^/R^ 
Poo"® 
h 

^ai*  •'wi 

hfg 

Hay  B  +  0'«Ty,| 

L 

Moo 

^£,x 
Paj'  Pwj 

PRp 

%ot 

Q 

Rx 

Taw 

Tc 

Ta 

Tr 


parameter  for  wall  material  properties  and  thickness 

specific  heat  at  constcmt  pressure 

injection  parameter 

heat  transfer  coefficient 

enthalpy  of  air  and  water  at  state  1 

enthalpy  of  air  and  water  at  state  2  at  their  respective 
partial  pressures 

heat  of  vaporization 

effective  average  heat  transfer  coefficient 

length  of  cone 

free  streain  Mach  number 

ordinate  of  Figure  1 

partial  pressures  of  air  and  water  respectively  at 
state  2 

Prandtl  number  at  reference  temperature 
convective  heat  flux 
not  heat  flux 

heat  load  required  to  cool  stagnation  air 
Reynolds  niunber  based  on  length  x 
adiabatic  wall  temperature 
injection  coolant  fluid  temperature 
temperature  at  outer  edge  of  boundary  layer 
reference  temperature 
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Tt 

total  temperature 

"^sat 

saturation  temperature 

T 

stor 

storage  bottle  temperature  -  — 

t 

time 

Ue 

velocity  at  outer  edge  of  boimdary  layer 

^*00 

free  stream  velocity 

velocity  of  injected  coolant  at  surface 

w 

weight  flow  rate 

weight  flow  rate  of  air 

weight  flow  rate  of  water 

X 

coordinate  along  surface  of  cone 

Xq 

length  of  porous  section  along  surface  of  cone 

mole  fractions  of  air  and  water  at  state  2 

« 

emissivity  of  wall  material 

0 

half-cone  angle 

T 

thickness  of  cooled  wall 

f^r 

coefficient  of  viscosity  at  reference  temperature 

O' 

Stefan-Boltzmann  constant 

Ps 

density  of  injected  coolant  at  surface 

Poo 

free  stream  density 

Pr 

density  at  reference  temperature 

WAUD  'm  59-?2 


490 


1.  INTRODUCTION  - 

It  has  been  shown  that  the  method  of  injecting  a  coolant  fluid  through  a 
porous  wall  can  reduce  the  extreme  surface  temperatures  on  radomes  for 
application  to  missiles  in  high  speed)  high  altitude  flight.  This  technique  was 
suggested  as  a  method  for  reduction  of  wall  temperatures  on  impermeable 
surfaces  dovmstream  of  the  porous  section.  Since  the  coolant  injection  into 
the  boundary  layer  provides  a  source  of  low  energy  fluid  which  mixes  with  the 
high  energy  flow  the  resultant  mixture  in  the  boundary  layer  downstream  of  the 
porous  section  is  at  a  reduced  energy  level.  As  a  consequence,  there  is  a 
significant  reduction  in  the  aerodynamic  heat  input  over  a  finite  length  of 
surface  downstream  of  the  porous  section.  The  effectiveness  of  the  reduction 
is  dependent  upon  the  rate  at  which  additional  high  energy  air  enters  and  mixes 
In  the  thickening  boundary  layer  thereby  eliminating  the  effect  of  the  coolant 
fluid.  This  report  presents  the  method  of  analysis  for  laminar  flows  and  the 
case  with  turbulent  flow  is  analyzed  in  Part  C. 

The  porous  material  with  the  required  manifolding  and  piping  has  the 
disadvantage  of  acting  as  a  "blind  spot"  to  the  transmission  and  reception  of 
radar  waves  (see  Part  C-c  of  this  Chapter).  Thus,  It  is  impractical  to 
consider  an  entire  radome  to  be  cooled  by  the  method  of  transpiration  cooling. 
With  this  method  of  cooling,  the  stagnation  point  can  be  maintained  at 
reasonable  temperature  levels  with  large  coolant  flows.  In  order  to  provide 
sufficient  additional  flow  of  a  coolant  fluid  such  that  the  total  effect  of  injected 


coolant  in  the  boundary  layer  over  the  remainder  of  the  radome  conceivably 
can  solve  the  problem  of  reducing  the  high  tempex’atures  of  the  walls,  a  porous 
nose  section  can  be  considered.  Then  for  this  application  the  problem  is  to 
determine  the  reqxiired  amount  of  coolant  to  be  injected  in  order  to  maintain 
the  downstream  radorae  wall  temperature  below  a  prescribed  (allowable)  value. 

In  this  analysis  the  assumption  of  all  laminar  flow  appears  as  a  possi¬ 
bility  for  an  advanced  hypersonic  velocity  missile  flying  along  a  trajectory 
discussed  in  Reference  1.  Since  it  is  not  known  whether  the  effect  of  porous 
injection  on  the  boundary  layer,  for  the  high  altitudes  of  interest,  will  result 
in  transition  from  a  laminar  to  turbulent  flow  this  assumption  requires 
experimental  investigation. 

For  the  problem  of  a  partially  porous  wall  forming  the  apex  and  forward 
surface  of  a  cone,  it  can  be  assumed  that,  for  cone  radii  which  are  not  small, 
the  flat  plate  analysis  is  applicable.  The  solution  for  the  porous  wall  tempera¬ 
ture  with  various  coolant  flows  can  be  obtained  as  described  in  Reference  2. 
Then  the  determination  of  the  temperature  along  the  downstream  impermeable 
section  can  be  carried  out  following  the  method  described  in  Reference  3  for 
the  adiabatic  wall  temperature. 

The  analysis  presented  in  this  rcpoit  considers  the  effect  of  upstream 
transpiration  cooling  on  the  wall  temperature  on  the  downstream  impermeable 
conical  body.  The  coolant  is  considered  to  be  air  but  other  coolant  fluids  may 
be  considered  with  modifications  to  the  equations  of  Reference  3.  The  results 
are  presented  for  a  number  of  steady  state  flight  conditions  (radiation  equili- 


:!  ,  r,  '  V 


492 


brium)  and  the  transient  wall  temperature  response  along  a  typical  advanced 
hypersonic  missile  trajectory. 
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2.  ANAl^YSIS 

The  configuration  considered  is  shown  in  the  acc(^pahyihg  sketch. 


The  analysis  presents  a  method  for  determination  of  the  wall  temperature 
at  station  x  for  a  given  amount  of  injected  coolant  per  unit  area,  P^v^.  The 
inner  wall  of  the  downstream  impermeable  surface  is  assumed  to  be  insulated. 

In  steady  flight,  if  radiation  is  neglected,  the  temperature  of  the  wall 
reaches  the  adiabatic  wall  temperature.  The  curves  presented  in  Figure  I 
(from  Ref.  3,  Fig.  6)  present  the  non-dimensionalized  temperature  ratio  vs. 
non-dimensional  length,  £  ~x^>  several  injection  parameters,  f(0).  The 
adiabatic  wall  temperature  can  readily  be  determined  for  a  given  coolant 
temperature,  flight  condition  (Mach  number  and  altitude)  and  injection 
parameter  from  the  ratio 

Taw  =N£,^(Tt-Tc)  +  Tc  (1) 

where  Nf^x  ordinate  of  Figure  1.  For  the  completely  impermeable 

cone,  the  adiabatic  wall  temperature  is  given  by 

Taw  =  Tt(PR,)''^  +  (I  -  Pr/'^)  Te  (la) 
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For  th«  steady  state  condition  where  the  local  convective  heat  input  to 
the  wall  is  in  balance  with  the  local  radiative  heat  flux  away  from  the_wall 
to  free  space*  the  equilibrium  wall  temperatures  are  obtained  from 
h(Taw-Tw)  =  (6) 

The  adiabatic  wall  temperature  is  somewhat  less  than  the  stagnation  tem¬ 
perature  at  the  edge  of  the  boundary  layer  for  the  uncooled  wall.  For  the 
case  under  consideration  here*  with  transpiration  cooling  upstream*  the 
adiabatic  wall  temperature  can  be  considerably  decreased  as  shown  in  Fig.l. 

I 

Hence*  a  reduction  in  heat  transfer  and  wall  temperature  is  obtained  down¬ 
stream  of  the  porous  region. 

A  simplified  approximate  method  to  solve  the  one -dimensional  heat  flux 
problem  for  the  determination  of  the  transient  wall  temperature  was  presented 
in  Reference  1.  The  accuracy  of  the  method  has  been  shown  to  be  good  for 
walls  which  do  not  have  large  variations  in  the  temperature  distribution 
through  the  thickness.  The  calculation  is  carried  out  with  average  constant 
values  of  the  adiabatic  wall  temperature  and  heat  transfer  coefficient  for  time 
intervals  ^t  =  t-t^.  The  equation  for  the  outer  wall  temperature  at  any  time  is 

h-v  -aHav'^^  ^av 

Tvnr  =  (Twi  ■  TT  "^aw*  av^  ®  ^  H-  ^aw*av 

bV 

where  Tw],  is  the  wall  temperature  corresponding  to  the  end  of  the  previous 
time  interval  t^.  The  adiabatic  wall  temperature  is  obtained  from  Equation  (1) 
or  Equation  (la)  and  is  the  mesm  value  over  the  time  t  and  t^.  Similarly*  the 
average  for  h  is  formed  from  Equation  (5)  and  then 
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3.  RESULTS  AND  DISCUSSION 


A  representative  radome  configuration  shown  in  Fig.  1,  Part  C-b  was 
selected  to  illustrate  the  effect  of  upstream  injection  on  wall  temperatures  in 
laminar  flow,  ihe  nose  cone  porosity  and/or  pressure  distribution  are 
assumed  to  be  combined  so  as  to  provide  an  injection  velocity  at  the  wall 
varying  inversely  with  /  x  . 

It  is  necessary  to  remove  a  possible  ambiguity  in  the  consideration  of 
the  limiting  case  of  zero  injection.  The  notation  f(0)  =  0  indicates  that  the 
wall  is  impermeable  (in  this  case,  the  nose  cone)  which  is  cooled  to  the  tem¬ 
perature  of  the  coolant,  Tc*  without  any  consideration  of  the  cooling  mechan¬ 
ism  for  achieving  this.  In  this  case,  the  nose  section  now  acts  as  a  heat 
sink  and  provides  a  strongly  cooled  boundary  layer  which  then  affects  the 
downstream  region  in  similar  manner  to  the  result  with  the  Injection  of  a 
coolant  fluid.  The  completely  impermeable  radome  is  also  considered  with¬ 
out  any  cooling  so  that  the  wall  reaches  either  the  adiabatic  temperature 
(in  the  absence  of  radiation)  or  is  at  the  radiation  equilibrium  temperature 
for  the  ^.teady  state  condition;  along  the  trajectory,  the  wall  attains  the  tem¬ 
perature  given  by  the  transient  solution.  In  Table  I  the  results  of  the  compu¬ 
tation  of  the  wall  temperature  at  x  =  Z  ft.  and  4  ft.  are  presented.  Note  that 
for  f{0)  =  0,  the  wall  temperatures  are  decreased  due  to  the  cool  boundary 
layer  formed  over  the  heat  sink.  The  effect  of  a  change  in  Tg  from  500°  to 
1000  R  at  M  =  10  shows  a  small  cooling  effect  at  x  =  Z  ft.  and  for  practical 
purposes  has  lost  all  effect  at  x  =4  ft. 
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The  solution  for  requires  that  a  value  of  be  assumed  in  order  to 
determine  the  reference  temperature  Ty  to  permit  evaluation  of  flow  properties. 
For  one  case  x  =  4  ft, ,  at  M  =  10  and  100,  000  ft.  ,the  insensitivity  to  the 
assumed  was  shown  by  assuming  =  2820^R  and  finding  from  equation  (6) 
a  value  =  24l31°R.  This  latter  value  was  then  used  to  determine  Ty  and  the 
resultant  again  found  from  equation  (6)  to  be  2489°R. 

The  reduction  in  adiabatic  wall  temperatures  obtained  from  equation  (1) 
for  M  =  3,  5,  7,  10  at  100,  000  ft,  altitude  at  two  locations  x  s  2  ft, ,  4  ft.  are 
shown  in  Figure  2.  The  further  downstream  location,  x  =  4  ft.  ,  experiences 
a  lesser  effect  than  those  sections  close  to  the  porous  region,  while  with 
increasing  Mach  number  there  is  a  greater  difference  between  the  x  =  2  ft.  and 
X  =  4  ft.  position.  This  is  accounted  for  by  the  increased  high  energy  flow 
mixing  into  the  boundary  layer  diluting  the  coolant  to  a  greater  extent  at  higher 
Mach  numbers. 

The  radiation  equilibrium  wall  temperatures  -with  coolant  temperature 
Tq  =  500°R  were  computed  from  equation  (6)  with  equation  (1)  for  M  -  10  at 
altitudes  of  50,000  ft,  ,  100,000  ft.  and  150,000  ft.  and  are  presented  in 
Figure  3,  The  reduction  in  temperature  for  the  ranges  of  total  coolant  weight 
flow  remain  approximately  the  same  since  the  mass  flow  ratios  were 
essentially  constant  and  limited  to  f(0)  =  -1,  so  that  at  the  same  station  x,  the 
temperature  ratio  from  Figure  1  is  the  same.  The  effect  of  changing  the 
coolant  temperature  Tj.  from  500°R  to  1000®R  is  also  shown  on  the  figure  for 
an  altitude  of  100,000  (the  effect  at  other  altitudes  is  similar).  With 
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increasing  length  along  the  radome,  it  is  seen  Aat  the  coolant  effects  are 
less  significant  and  the  differences  with  coolant  supply  temperature  tend  to 
vanish. 

For  a  constant  altitude  of  100,  000  ft.  and  =  500°R,  the  effect  of  Mach 
number  variations  from  3  to  10  are  shown  for  the  case  of  radiation  equilibrium 
wall  temperatures  in  Figure  4.  The  results  are  plotted  for  the  two  stations 
X  =  2  ft.  and  4  ft.  over  a  small  range  of  w  corresponding  to  the  f(0)  values  of 
Figure  1.  The  crossing  of  the  curves  of  x  -  2  ft.  and  4  ft.  for  M  -  3  and  5 

results  from  the  greater  decrease  in  the  convective  heat  input  at  x  =  2  ft. 

-1  /2 

The  heat  transfer  coefficient  decreases  witii  length  varying  aw  x  *,  however, 
there  is  a  stronger  influence  due  to  injection  which  suppresses  the  adiabatic 
wall  temperature  faster  at  x  »  2  ft.  compared  to  that  at  x  s  4  ft. with  increased 
coolant  flow,  w,  which  dominates  the  equation  and  reduces  T^.  The  required 
amount  of  coolant  flow  rate  injected  through  the  porous  surface  has  been 
computed  from  equation  (3).  The  results  are  summarized  in  Table  II. 

In  order  to  illustrate  the  effect  of  the  upstream  injection  on  the  transient 
wall  temperature  response,  found  from  equation  (7),  a  typical  advanced 
hypersonic  missile  trajectory  was  selected  as  shown  in  Figure  4,  Part  C-b. 
Since  the  heat  capacity  of  the  wall  provides  in  effect  a  sink  for  the  heat  input, 
the  finite  time  required  to  absorb  the  heat  causes  a  lag  in  the  temperature 
response  so  that  the  equilibrium  temperature  is  never  reached. 

In  I'igures  5a  and  5b,  the  effect  of  the  upstream  injection  on  wall  tempera¬ 
ture  for  the  uncooled  cone  and  vdth  cooling  for  values  of  f(0)  s  0,  -0.  5,  -1.0 
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at  X  2  ft.  and  f(0)  =0,  -l.O  at  x  =  4  ft.  is  shown.  Where  tlie  nose  acts  as  a 
heat  sink  the  surface  is  maintained  at  500°R.  The  reduction  in  peak  tempera-^ 
ture  due  to  the  cooling  without  injection  (heat  sink  case)  is  greater  at  x  =  2  ft. 
than  at  X  =  4  ft.  (peak  of  140°  compared  to  LTy,  of  20°).  The  change  in 
heat  transfer  due  to  the  mass  addition  in  the  upstream,  boundary  layer  results 
in  further  decrease  in  the  peak  wall  temperature  of  120°  at  x  =  2  ft.  and 
65°  at  X  =  4  ft.  It  is  observed  that  there  is  a  shift  in  peak  wall  temperature 
to  later  times  as  a  result  of  the  decrease  in  the  aerodynamic  heating. 

The  amount  of  coolant  required  to  cool  the  wall  for  the  trajectory  con¬ 
sidered,  with  the  results  shown  in  Figures  5a  and  5b,  was  computed  from 
equation  (3)  for  each  time  instant  and  then  Integrated  nvimerically  over  the 
total  time  for  total  coolant  weight.  The  results  of  the  computation  are  shown 
in  Figure  6;  the  total  coolant  weight  flows  are  0.44  pounds  for  f{0)  s  5  and 
0.  89  pounds  for  f(0)  s  -1,0, 
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_ APPENDIX _  _  _ 

SOURCES  OF  COOLANT  FLUIDS  FOR  RADOME  COOLING 

1 .  General  PiBCussion 

In  order  to  utilize  transpiration  cooling  as  a  method  of  cooling  radomes 
for  high  speed  missiles,  it  is  necessary  to  consider  the  means  of  providing  a 
source  of  supply  for  the  coolant  fluid.  The  requirementii  of  minimum  storage 
space  and  weight  makes  it  essential  to  evaluate  the  devices  for  the  supply  of 
the  coolant  as  an  integral  part  of  tlie  complete  missile.  The  choice  between 
the  self-contained  storage  supply  or  an  external  ram-air  supply  for  the  coolant 
is  usually  dependent  on  the  propulsion  system.  For  air-breathing  engines,  an 
air  inlet  is  necessarily  included  in  the  missile  design  so  that  ram-air  can 
readily  be  supplied  for  cooling  purposes.  The  applications  of  rocket  engines 
are  frequently  for  trajectories  beyond  the  atmosphere  and  protection  of  a 
radome  is  then  necessary  for  short  time  periods  with  stored  coolants.  It  is, 
therefore,  necessary  to  consider  the  missile  as  a  complete  system.  For  the 
intended  applications  with  porous  materials,  the  injected  coolant  must  be 
clean  to  prevent  clogging.  There  should  be  a  sufficient  available  internal 
pressure  to  inject  tlie  coolant  through  the  porous  wall  whose  external  pressure 
is  fixed  by  the  configuration  and  flight  condition. 

There  is  uncertainty  concerning  the  extent  of  any  significant  interference 
problem  with  radar  transmission  and  reception  through  a  wet  coolant  mixture 
flowing  over  the  radome  surface.  Available  information  indicates  that  the 
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protected  surface  cannot  be  covered  by  a  flow  of  liquid.  However,  a  cloud-like 
mixture  in  the  air-flow  (so-called  wet  mixtures)  may  be  permissible.  For 
this  report  only  dry  mixtures  (superheated  steami  for  example)  are  analyzed. 
However,  one  should  not  overlook  the  possibility  of  cooling  by  upstream 
svarface  evaporation,  utilizing  the  latent  of  vaporization  of  a  liqxiid  coolant 
injected  through  a  porous  wall.  The  downstream  flow  will  then  be  a  mixture 
of  air,  evaporated  coolant  and  droplets.  At  the  low  pressures  on  the  external 
radome  surface  there  will  be  a  rapid  change  from  the  liquid  to  the  gas  phase. 

For  the  stored  coolant  supply  systems  there  is  not  much  latitude  for 
the  designer  to  select  any  other  system  than  the  high  pressure  storage  bottles 
of  coolants,  e.g.,  helium,  nitrogen,  hydrogen,  liquid  air,  water,  hydrogen 
peroxide,  etc.  However,  in  a  completely  integrated  system,  if  there  are 
cooling  requirements  for  other  components  (such  as  electronic  gear, 
combustion  chambers  and  nozzles)  the  choice  may  be  made  of  a  coolant  which 
can  be  vaporized  during  the  cooling  of  one  component  arc?  then  injected  through 
the  porous  wall. 

For  the  radonie  cooling  on  a  missile  with  an  air  breathing  propulsion 
system,  the  ram-air  supply  provides  the  primary  source  of  cooling  air. 
However,  for  the  range  of  Mach  niunbers  of  interest,  there  is  need  for  a 
cooling  system  to  reduce  the  stagnation  temperatures  of  the  ram-air  to  useable 
levels  before  it  is  useful  as  a  coolant.  Devices  such  as  a  turbo  cooler, 
(described  in  Part  B-b  of  Chapter  U),  refrigerator  systems,  and  liquid  or 
low-temperature  gas  sprays  to  form  cool  mixtures,  are  techniques  to  supply 
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coolants  at  the  reqtiired  temperatures.  The  feasibility  of  each  system  depends, 
of  course,  on  the  heat  load  to  be  absorbed  as  a  result  of  the  flight  conditions. 

2.  Ram-Air  Coolant  Supply  System  for  Application  to  Conical  Radomes 
In  order  to  illustrate  the  application  of  several  ideas  previously  dis¬ 
cussed,  a  ram-air  coolant  supply  system  was  considered.  The  idealized 
characteristics  of  a  variable  geometry  inlet  were  utilized  in  order  to  determine 
the  maximum  available  pressure  at  various  Mach  numbers  and  altitudes. 

The  assumed  total  presstire  recovery  vs.  Mqq  is  shown  in  Figure  7  and  was 
used  to  determine  the  maximum  available  pressure  for  such  a  coolant  supply 
as  shown  in  Figure  8.  The  external  pressures  which  exist  over  the  outer 
surface  of  a  15°  and  20°  cone  into  which  the  coolant  must  be  injected  are  shown 
in  Figure  9.  The  maximum  pressure  difference,  AP,  required  to  overcome 
the  pressure  drop  acroais  the  porous  wall  and  inject  the  coolant  fluid  can  then 
readily  be  obtained.  The  pressure  drop  is  a  function  of  the  porosity  and  type 
of  porous  material  (sintered  metal,  rolled  wire  mesh,  porous  ceramics,  etc. ). 

The  simple  example  of  determining  the  weight  flow  requirement  for  a 
coolant  air  supply  at  1000°R  was  analyzed.  For  this  purpose,  a  pressurized 
water  heat  exchanger  was  assumed  with  sufficient  heat  absorbed  to  cause 
boiling  at  the  pressure  level  of  the  water.  The  assumption  of  a  boiling  system 
makes  full  utilization  of  the  latent  heat  of  vaporization  of  water,  hf^.  The 
ratio  of  weight  flow  rate  of  water  to  the  weight  flow  rate  of  coolant  air  is 
given  by 

= - ^ -  (11 

^air  J^pt'^sat‘^stor^‘'‘^fgJ  w 
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The  heat  load  Q  remits  from  reduction  of  the  stagnation  temperature  of  the 
air  to  the  air  coolant  supply  temperature  desired.  The  temperature  rise  of 
the  water  is  computed  from  the  storage  temperature  T^^^^  to  the  saturation 
temperature  corresponding  to  the  pressure  at  which  the  water  system  is 
pressurized. 

The  requirements  of  such  a  system  described  above  are  shown  in 
Figure  10  for  various  Mach  numbers  at  altitudes  of  40, 000  ft. ,  100,  000  ft. 
and  140,  000  ft.  The  water  storage  temperature  was  selected  to  be  lOO^F. 

The  effect  of  changing  the  pressure  of  the  water  system  on  the  weight  ratio 
is  small,  as  shown  for  the  100,000  ft.  altitude.  The  increase  in  the  weight 
of  water  required  to  supply  coolant  air  at  560°R  as  compared  to  1000°R  is 
also  shown  for  the  three  altitudes. 

A  more  efficient  utilization  of  water  would  be  in  a  spray  system  where 
water  stored  under  pressure  would  be  injected  into  the  high  temperature 
ram-air  to  supply  a  mixture  as  the  coolant  fluid  for  injection  through  the 
porous  material.  For  this  study  only,  a  resulting  mixture  of  the  superheated 
steam  was  considered.  It  was  assumed  that  the  water  atomized  from  the 
liquid  state  would  absorb  sufficient  heat  from  the  air  to  change  into  the  gas 
phase.  The  final  temperature  of  the  steam-air  mixture  is  the  coolant  fluid 
supply  temperature  so  that  for  a  given  temperature  the  weight  ratio  of  water 
(steam)  to  air  is  found  from  an  energy  balance 

W*  *»wi’<l»w2Jp^2 
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The  enthalpies  of  the  air  and  water  at  the  final  state  2,  ha^*  ^W2' 
evaluated  for  the  partial  pressures  of  the  mixture,  pa2  »nd  Pw2*  partial 

pressures  are  found  from  the  mole  .fraction.for_the_air.-and  water  as 

Pa2  =  P2*a2  '  ^^2  =  P2*W2 

where  P2  is  the  pressure  of  the  mixture  at  the  final  state  and  x^^  are 
the  mole  fractions  of  air  and  water.  The  mole  fractions  can  be  determined 
from  the  macc  ratios  of  air  and  water  m^/m^,  and  their  respective  molecular 
weights  BO  that 


mg 

mw  Mg 


*a  ~  ^  “  *w  (3*^) 

Finally  the  ratio  of  the  water  flow  rate  per  pound  of  mixture  is  formed  from 


'"'mix  ”  l+Wg/Ww 

In  Figure  11,  the  results  of  the  determination  of  the  weight  ratio  versus 
Mach  number  is  shown  for  coolant  supply  mixtures  of  lOOO'^R  and  750°R  for 
a  cone  half  angle  of  20°.  .'■''igure  9  is  used  to  estimate  the  pressure  on  the 
external  surface  of  the  cone.  Corresponding  to  this  pressure,  the  saturation 
temperature  is  determined  as  »  first  approximation  to  the  minimum  coolant 
mixture  supply  temperature  (this  results  in  a  superheated  steam).  The 
pressure  drop  across  the  porous  wall  was  held  at  a  constant  value  corres¬ 
ponding  approximately  to  the  maximum  difference  between  the  available 
pressure  of  the  ram.-alr  from  Figure  8  and  the  surface  pressure  on  the  cone  at 


,1 
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M„=3. 

Similar  calculations  vrere  carried  put  to  illustrate  the  use  of  high 
pressure  storage  bottles  of  hydrogen  and  nitrogen  which  are  mixed  with  ram- 
air  to  form  a  gaseous  mixture  and  the  results  are  shown  in  Figure  12.  For 
these  mixtures,  a  lower  coolant  temperature  can  be  supplied  to  the  porous 
wall  section  than  for  the  steam  air  mixtures.  The  use  of  very  low  temperature 
gas  coolants  without  mixing  with  air  should  not  be  overlooked.  For  such 
systems  there  are  Increases  In  weight  and  storage  requirements.  The  useful¬ 
ness  of  such  applications  can  be  determined  from  other  studies  (e.g. ,  that) 
reported  on  the  preceding  pages).  The  purpose  of  mixing  these  low  tempera¬ 
ture  gases  with  air  is  that  the  possibility  is  offered  of  supplying  a  coolant 
mixture  at  a  reduction  in  the  weight  of  stored,  pressurized  gas  of  50  to  90% 
(see  Figure  12). 
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TABLE  I 

Radiation  Equilibrium  Wall  Temperature b  for 


Impermeable  Case  -  Cooled  and  Uncooled 


Uncooled  wall 
(no  heat  sink). 


°R) 

X  -  2' 

X 

II 

Cooled  wall 


(heat  sink  at 


T^,=iT^^=500''R) 
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TABLE  n 


Coolant  Weight  Flow  Rate  , 


Altitude  (ft. } 

Moo 

m. 

•w(#/8ec) 

50,000 

10 

0 

0 

II 

10 

-0.5 

.279  X  10"^ 

II 

10 

-1.0 

.531  X  10"2 

100,000 

All 

0 

0 

II 

3 

-0.5 

.  192  X  10"2 

ft 

5 

-0.5 

.229  X  10'2 

It 

7 

-0.5 

.255  X  10'2 

II 

10 

-0.5 

.285  X  10'2 

II 

3 

-1.0 

.  385  X  10-2 

II 

5 

-1.0 

.461  X  10“2 

11 

7 

-1.0 

.525  X  10"^ 

II 

10 

-1.0 

.567  X  10-2 

150,000 

10 

0 

0 

II 

10 

-0.5 

.  113x  10"^ 

11 

10 

-l.O 

.226  X  10“^ 
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CHAPTER  II  -  PART  E 


EFFECTS  OF  THE  SEPARATED  REGION  ON  THE  HEAT  TRANSFER 
AND  FLOW  ABOUT  A  CHIN  RADOME  CONFIGURATION 


by  A.  G.  Hammltt 


*  Senior  Research  Associate,  Department  of  Aeronautical  Engineering, 
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E.  EFFECTS  OF  THE  SEPARATED  REGION  OF  THE  HEAT  TRANSFER 
AND  FLOW  ABOUT  A  CHIN  RADOME  CONFIGURATION 

SUMMARY 

The  effects  on  aerodynamic  heating  of  the  separated  flow  region 
about  a  chin  radome  installation  have  been  investigated  for  both  the  laminar 
and  turbulent  case.  The  possibility  of  injection  of  cool  gas  into  the  separated 
region  has  been  investigated  in  the  laminar  case  and  the  effects  of  the 
distance  of  the  radome  from  the  nose  considered.  Injection  into  the  separated 
turbulent  region  is  shown  to  be  ineffective,  but  injection  into  the  boundary 
layer  of  the  separated  region  would  be  effective. 
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SYMBOLS 


C 

5 

h 

K 

i 

M 

mi 

P 

Pr 

Re 

St 

T 

u 

X 

Y 

6 

6*^ 

n 

Os 

P 


Constant  in  linear -viscosity  relation 
Specific  heat  at  constant  pressure 
Height  of  step 

Constant  in  separation  pressure  ratio  equation 

Length  of  separated  region 

Mach  number 

Mass  injection  rate 

Pressure 

Prandtl  number 

Reynolds  niunber 

Stanton  number 

Temperature 

Velocity 

Distance  from  step  to  leading  edge 
Distance  from  separation  point  to  leading  edge 
Specific  heat  ratio 

Thickness  of  boundary  layer  for  momentum  Integral 
Displacement  thickness  of  boundary  layer 
Non-dimensional  mass  flow  parameter 

Distance  from  surface  divided  by  boundary  layer  thickness 
Turning  angle  at  separation  point 
Coefficient  of  viscosity 

Non-dimensional  length  of  separated  mixing  layer 
Density _ 


Subscripts 

1 

I 

h 

i 

S 


Cunditions  ahead  of  separation  point 
Conditions  outside  boundary  layer 
Height  of  step 
Conditions  for  injected  flow 
Separation 


Superscripts 


>1< 


Non-dimensionalized  by  quantity  at  edge  of  boundary  layer 
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1. 


INTRODUCTION 


The  chin  radome  configuration  showix  in  Figure  1  is  a  possible  radome 
location  in  an  airplane  or  missile.  This  configuration  would  involve  a 
separated  flow  area  in  front  of  the  radome.  The  purpose  of  this  study  is  to 
investigate  the  effects  of  this  separated  region  on  the  aerodynamic  heating 
of  the  radome  in  this  configuration. 

An  important  parameter  in  any  such  study  is  the  location  of  transition. 
Separation  of  the  flow  from  the  body  ahead  of  the  radome  would  be  expected 
and  there  will  be  important  changes  in  this  separated  region  depending  on 
whether  transition  occurs  ahead  of,  during,  or  after  the  separated  region. 

In  this  study,  the  transitional  case,  the  one  with  transition  occurring  in  the 
separated  region,  will  not  be  treated;  but  considerations  limited  to  the 
wholly  laminar  and  wholly  turbulent  cases. 

In  order  to  simplify  the  problem  further,  the  chin  radome  configuration 
will  be  approximated  by  one  of  plane  two-dimensional  symmetry.  The 
finite  aspect  ratio  of  the  actual  configuration  will  considerably  alter  the 
actual  flow  conditions;  but  the  assumption  of  plane  two- dimensionality  is  an 
important  simplification  which  should  give  an  initial  approximation  to  the 
actual  result. 
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2.  ANALYSIS 

a..  Laminar  Caae 

The  laminar  caee  can  be  treated  in  the  general  way  outlined  in 
Reference  1.  Recent  experimental  work  reported  In  Reference  2  has 
provided  some  verification  of  this  approach.  The  work  of  Reference  1  is 
applied  to  the  case  of  no  Initial  boundary  layer  before  the  point  of  separation. 
This  case  is  considered  since  it  is  the  only  one  for  which  similar  mixing 
layer  profiles  exist  and  for  which  good  solutions  are  available.  For  the 
case  of  the  chin  radome,  the  assumption  of  no  initial  boundary  layer  seems 
unreasonable.  An  analysis  of  separated  laminar  mixing  layers  with  initial 
boundary  layer,  based  on  a  momentum  integral  technique,  Is  given  in 
References  3  and  4,  The  incompressible  case  is  the  only  one  for  which  a 
solution  is  given,  ,Slnce  the  limiting  conditions  of  Pr  »  1  and  p  =  CT 
the  boundary  layer  equations  in  terms  of  a  mass  flow  coordinate  or  stream 
function  are  the  same,  the  compressible  solution  for  the  mass  flow  in  the 
mixing  layer  is  the  same  as  the  Incompressible  result.  Since  the  mass  flow 
in  the  mixing  layer  is  the  ln:iportant  parameter  of  the  analysis  of  Reference  1, 
the  incomprcisslblo  solution  is  sufficient  for  the  present  purpomeii. 

In  References  3  and  4,  the  parameter  i  is  introduced  as  a  measure 
of  the  length  of  the  mixing  layer.  Along  the  mixing  layer,  the  velocity 
profile  changes  from  the  initial  separation  profile  to  the  final  mixing  profile. 
The  profile  at  any  station  is  a  function  of  €  alone.  For  the  case  of  the 
wholly  laminar  interaction  on  a  flat  plate  step  configuration,  the  parameter  ^ 
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at  the  face  of  the  step  can  be  predicted. 

According  to  Reference  5,  the  pressure  ratio  for  laminar  separation 
can  be  expressed  as 


Ps  -  Pi 
Pi 


[<Mi^-l)  Re^ 


where  K  is  about  1.3.  For  most  cases,  the  pressure  rise  at  separation  is 
small  BO  that  the  associated  turning  is  small  and  the  two  can  be  related  by 
the  linearized  equation 


Ps  -  Pi  -  Y 


(1) 


Assuming  that  the  streamline  near  the  wall  can  be  approximated  by  a  sharp 
turning  at  the  separation  point,  Figure  lb,  the  angle  Og  by  h/1. 

Equation  (1)  gives 


(2) 


A  plot  of  x/1  as  a  function  of  and  M  is  shown  in  Figure  2. 

At  low  M,  the  separated  distance  is  a  larger  part  of  the  total  distance  to 
the  nose  than  at  higher  M. 


By  definition  of  References  3  and  4,  I  = 


'10 


Re^ 


'I 


Here,  C  is  introduced  in  applying  the  definition  to  the  compressible  case. 
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From  Reference  6 


~r—  =  1.73  +  1.192  (  Y-l)  uf 


is  the  boundary  layer  thickness  for  the  incompressible 

profile 

~  =  i  COSH  (1-Ti)  +  i 
U|  2  2 


The  ratio  -  for  this  profile  is 

6  10 


6  _  2  8  ^ 


The  cos  function  profile  is  considered  the  basis  for  a  compressible 
profile  having  the  same  velocity  mass  flow  characteristics  in  deriving  the 
above  relation. 

Substituting  Equations  (3)  and  (4)  into  the  definition  of  ^  gives 


4--  - 


^  m2 

+  —  Ml 


1.  73  +  1. 192  (  Y  -l)Mf  I  1  +  m,2  ! 


The  value  of  4  as  a  function  of  given  in  Figure  3. 

This  same  type  of  analysis  can  be  used  for  any  particular  nose 
shape.  The  flat  plate  may  be  considered  a  standard  and  an  equivalent  x/h 
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assigned  which  wj.ll  give  a  boundary  layer  similar  to  that  found  on  the 
actual  body. 

The  boundary  layer  velocity  profiles  as  a  function  of  the  mass  flow 
parameter  ^  for  various  §  are  shown  in  Figure  4.  Since  these  profiles 
are  plotted  in  terms  of  4  .  they  are  good  for  all  M.  A  more  accurate 

profile,  that  of  Reference  1,  which  should  correspond  to  §  =  no 

is  shown  over  the  ^  negative  section  to  give  a  reference  on  the  accuracy 
of  the  solution  of  References  3  and  4.  A  comparison  of  these  profiles  shows 
that  the  present  solution  can  only  be  used  to  determine  the  trends  and 
not  the  exact  values. 

Once  the  velocity  is  known  as  a  function  of  ^  for  various  | 
the  reattachment  pressure  ratio  can  be  found  as  a  function  of  |  for  various 
mass  injections  and  the  recovery  temperature  In  the  separated  region  as  a 
function  of  mass  Injection  can  be  determined.  The  details  of  euch  an 
analysis  is  presented  in  Part  F  of  this  chapter. 

The  recovery  pressure  ratio  as  a  function  ol  |  for  no  mass 
injection  is  shown  in  Figure  5,  Comparing  with  the  more  accurate  result 
for  ^  =  CO  shows  that  the  relatively  small  velocity  error  introduced  by 

the  mixing  layer  solution  loads  to  large  errors  in  reattachment  pressure  and 
the  results  a.re  interesting  more  for  trends  than  actual  values. 

The  effect  of  injection  on  wall  recovery  temperature  is  shown  la 
Figure  6.  At  low  values  of  §  ,  the  injection  needed  to  limit  the  wall 
temperature  is  greatly  reduced  over  that  for  |  =  oo  .  The  preser.t 
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curves  are  for  Pr  =  1  and  comparison  with  tlie  more  accurate  result  for 
^  =  GO  and  Pr  =  0.72  shows  the  limitations  involved. 

In  Figure  7,  the  results  for  different  t  have  been  corrected  so  that 
the  ^  =  1000  curve  agrees  with  the  t  =  oo  Pr  =  0.72  curve.  This 

correction  has  been  done  by  scaling  the  r^  and  4  values  linearly  so  that 
the  intercepts  agree.  These  scale  factors  are  then  applied  to  all  other 
points.  This  correction  is  rather  arbitrary;  but,  lacking  better  results 
Figure  7  is  the  best  available  for  estimating  purposes. 

b.  Turbulent  Case 

In  Reference  1,  the  method  which  was  applied  to  the  laminar  mixing 
layer  was  suggested  for  the  turbulent  layer.  The  predictions  of  heat  transfer 
based  on  this  assumption  is  that  the  heat  transfer  in  the  separated  region  be 
considerably  more  for  an  attached  boundary  layer.  Experiments  have  not 
borne  out  this  conclusion,  Reference  2. 

An  estimate  of  the  mixing  rate  for  the  turbulent  mixing  zone  in 
the  separated  region  in  front  of  a  step  can  be  obtained  from  the  data  of 
References  8,  9  and  10,  at  several  Mach  numbers.  If  the  heat  transfer  rate 
is  assumed  to  be  given  by  the  total  heat  of  the  recirculating  flow  in  the 
separated  region,  the  average  heat  transfer  rate  in  the  separated  region  is 
about  as  follows: 
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M 

^^separated 

®^attached 

2.3 

2.4  (10*2) 

1.0  (10-^) 

2.92 

1.2(10-2) 

.9  (10-3) 

3.85 

2.2  (10-2) 

.8  (10-3) 

The  lower  value  of  M  =  2.92  is  probably  caused  by  the  fact  that  as  much 
detailed  information  is  not  available  as  at  the  other  Mach  numbers.  The 
St  for  the  attached  boimdary  layer  are  estimated  from  Reference  11.  Since 
the  experiments  of  References  2,  12  and  13  show  lower  heat  transfer  in  the 
separated  region,  this  metliod  of  analysis  must  be  in  error.  There  are  two 
limiting  assumptions  which  may  be  made  for  the  heat  transfer  in  the  separated 
region.  The  first  assumption,  that  made  in  Reference  1,  is  that  the  limiting 
mechanism  for  heat  transfer  is  the  mixing  layer  and  that  the  heat  transfer 
between  the  wall  and  the  separated  region  is  so  good  that  the  temperature 
of  the  separated  region  is  the  wall  temperature.  The  other  possible  limiting 
assumption  is  that  the  mixing  layer  does  not  limit  the  heat  transfer  so  the 
separated  region  is  at  the  recovery  temperature  and  the  limiting  mechanism 
is  at  the  wall. 

The  laminar  separated  layer  seems  to  be  approximated  by  the  first 
assumption  while  the  turb\ilent  does  not.  The  turbulent  mixing  layer  seems 
capable  of  transmitting  more  heat  than  the  experimental  evidence  shows 
reaches  the  body  so  this  probably  is  not  the  heat  transfer  limiting  mechanism. 
For  the  turbulent  case,  the  wall  boundary  layer  is  probably  the  limiting 
mechanism.  This  reasoning  leads  to  the  assumption  that  the  separated 
region  is  at  essentially  free  stream  temperature. 
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Enough  data  are  not  available  on.  the  detailed  flow  in  the  separated 
region  to  make  an  accurate  determination  of  the  heat  transfer  at  the  wall. 

A  rough  estimate  might  be  made  by  determining  the  maximum  mass  flux 
of  the  recirculating  flow  in  the  separated  region.  Based  on  the  step  experi¬ 
ments  of  References  8,  9  and  10,  the  mass  fluxes  as  a  function  of  distances 
from  the  step  face  are  shown  in  Figure  8,  non-dimensionalized  by  the  free 
stream  mass  flux.  If  the  boundary  layer  along  the  wall  is  turbulent, 

Reynolds  number  is  not  a  major  parameter,  and  the  relative  St  between  the 
free  stream  and  separated  region  would  be  about  the  same.  Based  on  this 
maximum  mass  flux  ratio  at  different  M,  the  heat  transfer  in  the  separated 
region  might  be  estimated  to  be  about  0.  3  or  greater  of  free  stream  heat 
transfer  for  the  region  near  the  step  face.  Experiments  (Reference  2,  12  and 
13)  have  shown  this  ratio  to  be  0.  3  to  0.  5.  This  interpretation  seems  to  give 
a  result  of  correct  order  of  magnitude. 

There  appears  to  be  a  fundamental  difference  between  the  resistance 
to  heat  flow  of  the  mixing  layer  and  the  separated  region  boundary  layer 
between  the  laminar  and  turbulent  case.  A  reason  for  this  difference  might 
be  that  a  turbulent  boundary  layer  has  a  laminar  sublayer  which  provides  an 
important  part  of  the  resistance  to  heat  flow  of  the  total  h-nn-:b.r'/  layrT. 

The  turbulent  mixing  layer  lacks  this  laminar  part  and,  therefore,  takes  full 
advantage  of  the  increased  transport  properties  of  the  turbulent  layer.  The 
boundary  layer  on  the  wall  of  the  separated  cavity  m.ight  be  laminar  under 
some  conditions,  but  is  probably  turbulent  with  a  laminar  sublayer.  The 
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lanrinar  case,  therefore,  has  a  laminar  mixing  layer  and  boundary  layer 
while  the  turbulent  case  has  a  fully  turbulent  mixing  layer  and  a  turbulent 
boundary  layer  with  laminar  sublayer.  This  difference  shifts  the  principle 
resistance  to  heat  flow  from  the  mixing  layer  in  the  laminar  case  to  the 
botmdary  layer  in  the  turbulent  case. 

If  tlie  assumption  that  the  turbulent  mixing  layer  is  not  the  important 
barrier  to  heat  flow  is  correct,  then  it  is  not  reasonable  to  attempt  to  limit 
the  temperature  in  the  separated  region  by  mass  injection.  The  good  mixing 
across  the  turbulent  layer  will  make  it  necessary  to  inject  large  quantities 
of  mass  to  limit  the  temperature  in  the  separated  region.  It  would  seem  that 
mass  injection  for  the  turbulent  region  could  be  used  to  greater  advantage, 
although  with  greater  mechanical  complication,  if  it  were  injected  into  the 
boundary  layer  of  the  separated  region. 

The  advantages  of  injecting  Into  the  boundary  layer  of  a  separated 
region  as  opposed  to  that  of  an  attached  boundary  layer  arc  two-foltl.  The 
proper  coordinates  for  evaluating  mass  injection,  according  to  the  theory  of 
Reference  14  and  the  experiments  of  Reference  7  seem  to  be 

and  i!L 

h  St 

A  given  injection  rate 

h  " 
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decreases  t'ae  St  in  a  given  ratio.  Therefore,  the  advantages  of  injecting 
in  the  separated  region  boundary  layer  are  that  less  injection  is  required 
to  give  the  same  non-dimensional  injection  rate  and  the  value  of  the  Stanton 
number  for  no  Injection,  based  on  free  stream  mass  flux, is  already  reduced. 
If  we  assume  that  St,  based  on  the  local  flux  is  the  same  for  separated  and 
unseparated  regions,  then 

^  Ps 

hoo  Stoa  pQQ  Uqq 


migCp 

mi,  _  hg  St,  Ps 

P  00  “oo 


For  St,  =  StpQ  and 


hg  hgQ 


Then  .„d 

"m  Pen  '^00  m<x>  Poo  ^oo 

so  for  an  injection  rate  reduced  by  the  ratio  of  the  mass  fluxes,  the  heat 
transfer  is  also  reduced  by  the  ratio  of  the  mass  fluxes, 

Ihis  condition  is  Illustrated  in  Figure  9.  Here  the  curve  of 
reduction  of  heat  transfer  as  a  function  of  Injection  rate  for  an  attached 
boundary  layer  is  shown  an  given  in  Reference  7.  The  estimated  band  where 
the  region  for  separated  flow  would  fall  is  also  shown  on  this  same  figure 
based  on  a  separated  region  mass  fJiix  of  between  0.  3  and  0.  6  of  irne  stream 
value. 
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3. 


CONCLUSIONS 


a.  The  aerodynamic  heating  of  the  chin  radome  configuration  is  not 
as  severe  as  for  a  configuration  which  is  not  protected  by  a  region  of 
separated  flow. 

b.  For  the  laminar  separated  region,  Injection  of  cool  gas  into  the 
separated  region  offers  an  effective  way  to  limit  the  recovery  temperature. 

c.  For  turbulent  separated  region,  injection  of  cool  gas  into  the 
separated  region  Is  not  an  effective  way  to  limit  the  recovery  temperature. 

c.  Injection  of  cool  gas  into  the  boundary  layer  of  the  turbulent 
separated  region  would  be  an  effective  way  to  reduce  the  heat  transfer  rate. 
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Chin  radome 


A*  Chin  Radome  Configuration 


B.  Idomlised  Chin  Radome  Model  Ueed  in  Anolyaie 


Figure  1 
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Region  as  a  Function  of  M  and  Re 


Figur*  3 
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CHAPTER  II  -•  PART  F 
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A  RADOME  TO  REDUCE  THE  TEMPERATURE 
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SYMBOLS 


a  Speed  of  sound 

C  CoiBtant  of  proportionality  between  viscosity  and  temperature 
Cj  Constant  in  sine  function  mixing  layer  velocity  profile  representation 
D  Diameter  of  body 

li  Enthalpy 

L  Length  of  spike 

m  Mass  flux 

M  Mach  number 

p  Pressure 

Q  Heat  flow 

r  Recovery  factor 

R  Perfect  gas  constant 

Re  Reynolds  number 

T  Temperature 

u  Velocity 

y  Distance  from  zero  streamline  in  mixing  layer 
Y  Specific  heat  ratio 

4  Dimensionless  mass  flow  variable 

0  Turning  angle  at  reattachment 

K  Velocity  ratio  between  flow  In  external  and  separated  region 

p  Viscosity 

p  Density  h-  h^ 

A  Defined  in  text  as  uj/^ 
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Subscripts 

0  Stagnation 

00  Undisturbed 

2  Behind  initial  conical  shock 

3  After  reattachment 

4  Mixing  layer  below  zero  streamline 

d  Integrated  to  lower  edge  of  mixing  layer 

i  Injected 

m  Mixing  layer 

8  Separated  flow 

w  Wall 

6  Integrated  to  upper  edge  of  mixing  layer 

Superscripts 

*  Non-dimensionalized  by  quantities  at  outer  edge  of  mixing  layer 
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F.  AN  INVESTIGATION  OF  THE  USE  OF  A  SPIKE 
IN  FRONT  OF  A  RADOME 
TO  REDUCE  THE  TEMPERATURE 

1.  INTRODUCTION 

A  body  traveling  at  high  spaed  within  the  atmosphere  is  heated  by 
friction  with  the  air.  In  many  cases,  the  nose  receives  the  most  severe 
heating  and  is  the  critical  region.  The  heat  transfer  to  the  nose  can  be 
minimized  by  the  use  of  a  large  nose  radius  and  brought  within  the  limits 
acceptable  to  some  types  of  construction.  However,  in  some  special  cases, 
the  construction  of  the  nose  may  be  restricted  by  other  considerations  than 
withstanding  high  heat  transfer  rates.  For  these  applications,  some  means 
of  limiting  the  heat  transfer  rate  and  temperatures  must  be  found. 

A  radar  dome  located  in  the  nose  section  is  such  an  application  where 
the  aerodynamic  tcmporatures  must  bo  limited.  There  are  several  possible 
ways  of  accomplishing  such  a  result,  but  the  one  investigated  in  this  report 
is  that  of  creating  a  region  of  separated  flow  in  front  of  the  nose  and  bleeding 
cool  gas  into  this  region. 

A  separated  region  can  be  created  in  front  of  a  blunt  body  by  placing  a 
rod  ux  opiko  in  front  of  the  body.  Several  experimental  investigations  of  such 
a  configuration  are  reported  in  References  I  through  8.  The  pressure  on  the 
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front  of  the  body  is  considerably  reduced  by  this  means,  and  the  heat  transfer, 
if  the  mixing  layer  remains  laminar,  also  appears  to  be  reduced.  I'he  pur¬ 
pose  of  the  present  analysis  is  to  determine  some  analytical  method  for 
predicting  the  flow  in  the  nose  region  and  to  study  the  effects  of  bleeding  cold 
air  into  the  separated  region  as  a  means  of  limiting  the  temperature  on  the 
nose  of  the  body. 
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,  PRESSURE  IN  SEPARATED  REGION 


In  analyzing  the  flow  in  the  separated  region,  some  sort  of  a  general 
flow  model  must  be  considered.  A  study  of  the  various  experimental  work 
on  this  problem  shows  that  it  is  reasonable  to  divide  the  flow  into  a  separat¬ 
ing  region,  an  area  of  separated  flow,  and  a  reattaching  region.  The  general 
configuration  is  shown  in  Figure  1.  A  pressure  rise  would  be  associated  with 
the  separating  region  and  the  reattachment  region,  while  the  pressure  in  the 
separated  region  should  be  relatively  constant. 

This  general  configuration  should  apply  to  either  a  plane  two-dimensional 
or  axially  symmetric  geometry.  The  axially  symmetric  case  is  the  one  which 
will  be  considered  here  since  it  is  of  most  direct  interest  for  a  radome 
application  and  since  moat  of  the  experimental  data  are  gathered  for  such  a 
configuration.  With  this  assumption,  the  proposed  model  gives  an  approxi¬ 
mately  conical  separated  region.  The  experimental  data  contained  in  Rofer- 
ance  1,  giving  results  for  axially  symmetric  spiked  bodies  in  the  Princeton 
Helium  Hypersonic  Tunnel,  will  be  used  as  the  clilof  source  of  data  since  the 
most  complete  information  was  available  in  this  report  and  additional  data 
could  be  obtained  from  the  authors.  In  this  case,  the  flow  was  thought  to  be 
completely  laminar  to  beyond  the  reattachment  point.  For  this  reason,  and 
in  order  to  facilitate  an  analytical  investigation,  this  study  is  limited  to  the 
laminar  case.  In  Reference  I,  experiments  were  run  on  bodies  with  different 
spike  lengths  at  a  nominal  Mach  number  of  14  ahead  of  the  model  and  a 
Reynolds  number  of  7(10®)  per  inch.  Much  of  the  analysis  will  be  carried 
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out  for  the  cases  tested  in  these  experiments  so  that  the  results  will  be 
comparable. 

The  pressure  in  the  separated  region  and  the  shock  position  are  closely 
related.  The  shock  wave  must  position  itself  so  that  certain  criterion  are 
satisfied  at  the  separation  point  and  at  the  reattachment  point.  For  a  suf¬ 
ficiently  long  spike,  the  pressure  in  the  separated  region  is  low  and  the 
flow  separates  from  the  spike  well  behind  the  tip.  As  the  spike  is  shortened, 
the  pressure  in  the  separated  region  increases  and  the  separation  point 
approaches  the  tip.  At  some  pressure,  the  separation  point  seems  to 
arrive  at  the  tip  of  the  spike.  The  experiments  are  not  detailed  enough  to 
determine  whether  separation  occurs  in  front  of  the  shoulder  if  a  cone- 
cylinder  spike  is  used,  so  this  whole  region  will  be  classified  as  the  tip, 

As  the  spike  becomes  shorter,  the  separation  continues  to  occur  from  the 
tip  of  the  spike.  At  some  spike  length,  the  flow  becomes  unsteady.  This 
point  depends  on  the  configuration  of  the  blunt  body  and  of  the  tip  of  the  spike. 
This  unsteady  flow  region  will  not  be  considered  in  this  analysis. 
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.  SEPARATION  PRESSURE  RATIOS 


The  pressure  ratio  required  to  cause  separation  based  on  Reference  I 
is  shown  in  Figure  2.  This  is  a  plot  of  pressure  in  the  separation  region  to 
the  pressure  in  the  tunnel  at  the  position  at  which  the  separation  occurs  when 
no  model  is  in  the  tunnel.  Since  these  tests  were  run  in  a  nozzle  with  non- 
uniform  flow,  there  is  some  uncertainty  on  how  to  define  the  separation 
pressure  ratio,  but  the  method  used  here,  where  Pg  is  the  pressure  on  the 
separated  region  and  Pi  the  tunnel  empty  static  pressure  at  the  point  of 
separation,  would  seem  to  be  appropriate.  These  pressures  are  plotted 
against  the  Reynolds  number  based  Oji  distance  along  the  spike  before 
separation  and  are  shown  only  for  the  cases  where  the  distance  from  the  tip 
to  the  separation  point  can  be  determined.  The  cases  for  which  separation 
occurs  outside  of  the  tip  region  follow  an  a.pproximate  1/4  power  law  as 
found  for  laminar  separation  in  Reference  9.  Extrapolating  the  data  from 
Mach  »  3  .  5  in  air  to  M  =  14.0  in  helium  by  the  formula 


suggested  in  Reference  9,  the  dotted  line  shown  in  Figure  2  was  found.  The 
agreement  is  surprising  considering  that  no  correction  was  made  for  the 
change  in  y  and  the  large  extrapolation  in  Mach  number. 
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reattachment  condition 


A  criterion  for  the  prediction  of  the  reattachment  pressure  rise  is 
suggested  in  Reference  9.  This  criterion  is  that  the  pressure  at  the  reattach¬ 
ment  point  be  the  value  required  to  stagnate  the  zero  streamline  which 
separates  the  recirculating  from  the  non- recirculating  flow.  The  calculation 
of  this  preasure  ratio  ia  performed  by  calculating  the  velocity  along  the  zero 
streamline  before  any  effect  of  the  reattaching  pressure  rise  is  felt  and  then 
determ'ining  the  pressure  rise  necessary  to  stagnate  this  streamline  by  an 
isentropic  compression. 

The  value  of  the  velocity  along  the  zero  streamline  for  the  case  of  zero 
velocity  in  the  separated  fluid  region  and  zero  initial  mixing  layer  thickness 
is  given  in  Reference  10.  If  these  values  are  applied  to  the  cases  of  Refer¬ 
ence  1 1  the  results  shown  in  Figure  3  for  =  0  are  found.  The  experimental 
points  are  uniformly  above  the  predicted  curve.  There  is  considerable 
question  whether  the  velocity  in  the  acpa.rfitod  region  is  substantially  zerOi 
especially  for  the  axially  symmetric  case.  If  a  vortex  with  relatively  high 
velocity  air  oxiats  in  this  region,  the  velocity  along  the  zero  streamline  could 
be  couoidcrably  larger  than  for  the  case  of  stagnant  air  in  the  separated 
region.  An  approximation  to  this  case  can  be  found  by  considering  the  mixing 
of  two  streams  at  different  velocities. 

'The  case  of  the  mixing  of  two  incomprensible  streams  at  different 
velocities  is  treated  in  Reference  ll.  The  results  of  a  numerical  integration 
are  given  for  several  values  of  k,  the  ratio  of  the  velocity  of  the  slower 


stream  to  the  faster  stream,  and  a  momentum  integral  system  is  suggested 
which  is  shown  to  give  good  results  for  the  velocity  on  the  zero  streamline 
if  the  velocity  distributions  are  approximated  by  an  expression  of  the  type 


^2=^1+  (I -Cl)  sin  ~  ~ 

u|  =  Ci+  (l-C,)  sin^{-  l±) 

^  4 


In  Reference  10,  the  von  Mises  transformation  of  the  compressible  boundary 
layer  equations  is  used  and  the  mass  flow  coordinate  ^  ■  - - 

n/pT  u  2  ^2  C 

is  introduced  with  the  result  that  u*  =  f{^)  is  independent  of  compressibility 
effects.  Therefore,  if  the  incompressible  results  of  Reference  1 1  are  formu¬ 
lated  as  u*  -  f(  4),  they  may  also  be  applied  in  the  compressible  case.  To 
demonstrate  the  approximation  involved  in  using  the  sine  function  representa¬ 
tion  of  the  velocity  profile,  the  function  u*  =  f{|i)  is  plotted  In  Figure  4  for 
negative  values  of  ^  for  both  the  sine  function  representation  and  the  solution 
of  Reference  10,  U'he  sine  function  representation  underestimates  the  mass 
in  the  layer,  but  corresponds  reasonably  well  and  seems  justified  by  its 
simplicity. 

Using  this  sine  function  representation,  the  vuluos  of  u'  at  t,  ^  0  for 
different  values  of  \  can  be  obtained  from  Reference  11,  Tlic  pressure 
ratio  necessary  to  siagnate  the  zero  utreamline  ior  different  values  of  \ 
can  then  be  determined.  These  results  are  also  shown  in  Figure  3.  The  line 
ofX  a  0.2  probably  represents  the  best,  approximation  to  the  experimental 
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points,  but  there  does  not  seem  to  be  any  reason  why  a.  should  be  constant  at 
different  values  of  L/D.  As  stated  before,  the  accuracy  of  the  experimental 
results  is  questionable,  so  firm  conclusions  should  not  be  drawn. 

A  velocity  different  from  zero  in  the  separated  region,  \  ^  0,  affects 
the  width  of  the  mixing  layer  and  the  amount  of  mass  in  the  layer  as  might 
be  expected.  The  width  of  the  mixing  layer  decreases  as  the  speed  of  the 
low  velocity  flow  increases.  This  conclusion  is  reasonable  since  the  mean 
velocity  of  the  two  layers  only  carries  the  phenomena  along  but  does  not 
affect  the  mixing.  A  plot  of  width  of  the  mixing  layer  on  both  sides  of  the 
zero  streamline  is  shown  in  Figure  5  based  on  the  sine  function  approximation 
in  Reference  11.  Linear  mixing  theory,  Reference  12,  predicts  that  the  mix¬ 
ing  layer  width  should  vary  inversely  as  the  square  root  of  the  mean  velocity. 
The  square  root  variation  curve  is  also  shown  in  Figure  5  and  appears  to  he 
a  reasonable  mean  between  the  two  thicknesses  or  to  represent  the  variation 
of  the  total  mixing  layer  thickness. 

The  iiidBo  in  the  boundary  layer  un  the  low  velocity  side  of  the  zero 
streamline  is  also  shown  in  Figure  5.  In  spite  of  the  fact  that  the  layer 
becomes  thinner  with  increasing th''  mass  increases  rapidly.  For  X  p  0, 
this  mass  :ls  not  well  defined  since  the  velocity  is  not  approaching  zero  at  the 
edge  of  the  layer  and  the  total  mass  does  not  approach  a  limit.  Theretore, 
the  slope  of  this  curve  will  depend  on  the  definition  of  the  edge  of  the  layer. 

A  better  way  to  demonstrate  the  variation  of  the  mass  in  the  boundary 
layer  with  X  is  to  plot  the  mass  flow  parameter  £  against  y  non-dimensionallzot 
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by  6^  for  X  =  0,  This  has  been  done  for  the  flow  on  the  low  velocity  side  of 

u  -  U4 

the  zero  streamline  in  Figure  6.  For  any  line  of  constant  — —  ,  any  given 
approach  to  inviscid  conditions,  the  higher  \  values  give  greater  mass. 


However,  the  increase  in  mass  is  largest  for  values  of  u  near  U4  and  increase. 


as  more  of  the  outer  edge  of  the  boundary  layer  is  included. 
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5.  REATTACHMENT  WITH  MASS  INJECTION 

If  mass  is  injected  into  the  separated  region,  the  effect  upon  reattach¬ 
ment  pressure  ratio  is  easily  determined.  Since  mass  is  injected  into  the 
separated  region,  this  mass  will  have  to  escape  to  the  external  stream  at 
the  reattachment  point.  This  requirement  means  that  the  reattaching  stretim- 
line  will  not  be  at  C  =0  but  at  some  negative  value  of  These  results  for 
the  separation  shock  strength  corresponding  to  the  L/D  =  5  and  s  0  con¬ 
dition  are  shown  in  Figure  7.  This  figure  shows  that  the  reattachment 
pressure  ratio  decreases  as  mass  injection  is  increased.  The  result  of  the 
decreased  reattachment  pressure  would  be  to  move  the  reattarhment  point 
further  around  the  nose  of  the  body  so  that  more  of  the  nose  section  would  be 
immersed  in  the  separated  region. 
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WALL  TEMPERATURES  IN  SEPARATED  REGION 


Th«!  heat  transfer  to  the  wall  in  the  separated  flow  region  might  be 
expected  to  be  somewhat  less  than  to  a  wall  with  attached  flow,  therefore,  the 
spiked  blunt  body  may  offer  some  solution  to  the  high  heat  transfer  encounter¬ 
ed  in  the  nose  regions  of  bodies  flying  at  high  speed.  By  bleeding  cool  Tiuid 
into  the  separated  region,  the  fluid  temperature  can  be  decreased,  and  the 
nose  heat  transfer  further  reduced.  If  cool  fluid  is  injected  into  the  separated 
region,  an  adiabatic  wall  will  assume  some  intermediate  temperature  between 
the  free  stream  stagnation  temperature  and  the  injection  temperature.  ,  This 
problem  has  been  considered  in  Reference  10  and  the  method  developed  there¬ 
in  will  be  applied  in  this  analysis. 

Th(3  analysis  of  Reference  10  is  based  on  an  energy  balance  in  the 
separated  region.  For  the  case  of  zero  mass  injection  and  an  adiabatic  wall, 
the  energy  crossing  the  zero  streamline  by  heat  conduction  and  friction,  must 
be  For  mass  injection,  the  temperature  in  the  separated  region  will  be 

such  that  energy  crossing  the  streamline  which  separates  the  recirculating 
flow  from  tl;e  continuing  flow  just  equals  the  energy  needed  to  heat  the  injected 
fluid  to  the  temperature  of  the  separated  region.  The  adiabatic  wall  tempera¬ 
ture  is  assumed  to  be  the  same  as  the  stagnation  temperature  in  the  separated 
region. 

In  Reference  10,  the  wall  recovery  temperature  is  calculated  for  mass 
injection  but  with  the  special  assumption  that  the  injected  fluid  is  at  the  wall 
recovery  temperature.  This  assumption  leads  to  the  conclusion  that  the  wall 
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recovory  temperature  is  hardly  affected  by  the  mass  injection.  The  assump¬ 
tion  of  injection  at  wall  recovery  temperatures  insures  that  all  of  the  fluid 
in  the  separated  region  will  have  the  same  stagnation  temperature  which  is 
desirable  for  the  solution  of  the  jet  mixing  equations;  however,  this  assump¬ 
tion  is  very  unrealistic  so  far  as  creating  a  practical  means  of  reducing  wall 
temperatures  in  the  nose  region.  In  this  analysis,  the  assumption  will  be 
made  that  the  injected  fluid  and  the  recirculating  fluid  completely  mix  with 
themselves  to  obtain  an  average  temperature  before  mixing  with  the  free 
stream.  The  wall  is  assumed  to  be  at  the  temperature  of  the  recirculating 
flow.  No  limitations  are  placed  on  the  injection  temperature.  It  seems  very 
unlikely  that  the  fluid  in  the  separated  layer  will  completely  mix  with  itself 
before  mixing  with  the  free  stream  but  this  assumption  allows  an  analysis 
to  be  made  which  should  give  a  first  approximation  to  the  wall  temperatures 
which  might  bo  obtainable. 

The  analysis  is  based  on  that  of  Reference  10  and  only  the  modifications 
from  the  work  In  that  reference  will  be  accented  here.  The  general  flow  con¬ 
figuration  is  that  shown  in  Figure  8.  The  heat  flow  to  the  wall  will  be  the 
energy,  in  excess  of  the  energy  corresponding  to  the  wall  temperature*  which 
enters  in  the  mixing  layer.  The  energy  associated  with  a  unit  mass  of  fluid 
is  its  enthalpy  plus  its  kinetic  energy.  This  relation  is  shown  in  a  non- 
dimensional  form  in  the  following  equation.  A  more  detailed  derivation  is 
given  in  Reference  10. 
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trDhj  ^  P2U2  I-C 


u;  . 

V  ,  ^  ^  ¥2*  j- 

th  -  h^  +  —  u  )  d& 


This  may  be  simplified  and  integrated  to  give 

.  2 


u 


3  Qw  2 

j- - -  |F,(Sd)Il{&i)  +  M^i) 

TTDhj  LC  ‘^‘^2  '  *  1  2  1 


F, 


^1. 

hg  refers  to  the  enthalpy  of  the  mixture  of  injected  and  recirculating  fluid 
in  the  separated  region  and  F2(&jj)*  and  represent  the  value  of 

the  integrals  and  are  given  in  Reference  10. 


Define  the  quantities 
__  h^  -  hj 

Aw  '"T"; - 

/2 


A  -- 

"  u5/2 


defined  similarly  to  a  recovery  factor.  The  last  equation  for  no  heat 
transfer  to  the  wall(  =0).  becomes 


ifid  .  ,  .  VO +  ii(UF,(c^) 

Ii(l)  °  1,(0  - 

A^,  Is  the  quantity  that  was  defined  as  the  wall  recovary  temperature  in 

Referenca  10  under  the  restrictive  assumption  of  =  Ty^cov 

^i  -  h. 

By  Introducing  a  termA^  == — ^~Jz~  the  temperature  of  injected 

fluid,  the  quantity  A^  can  be  found  as  a  weighted  average  of  Aj^  and 

Ai  ^l  ■  Aw^^i” 


^8  = 


^d 
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T 


The  two  equations  can  now  be  solved  for  to  give 


I  + 


^i-^d  Ii(^i)-&i 


A.  +  - 


^d  hik) 


^d-^i 


The  quantities  in  this  equation  can  be  evaluated  for  \  s  0  at  various  Pr  from 
the  results  given  in  Reference  10.  For  X  0,  the  integrals  can  be  evaluated 
from  the  values  of  u  sf(£)  from  the  sine  function  profile  of  Reference  ll. 
The  evaluation  of  these  integrals  is  considerably  simplified -for  the  case  of 
Pr  =  1  ,so  that  the  computations  have  been  made  for  this  case  only.  For  this 


case  a  I  and 


r 


k 


J. 


u>M; 


The  wall  recovery  temperature  is  shown  In  Figure  9  for  Aj  :  0, 

Injection  temperature  equals  free  stream  temperature  at  edge  of  mixing  layer. 
Two  curves  for  X  =  0  are  shown,  one  curve  for  Pr  s  0,7iS  baaed  on  the 
u*  s  f(!i)  function  obtained  from  Reforenre  ID,  and  one  for  Pr  t  1  and  the 
sine  function  ropresentatlon  of  Reference  11  for  u*:f(^).  The  difference 
between  thoHo  two  curves  is  representative  of  the  eirors  introduced  in  the 
second  curve  by  the  simplilying  assumptions,  Th  3  curves  at  X  /  0  are  for 
Pr  s  I  based  on  the  sine  function  representation.  More  mass  injection  is 
required  to  achiovc  a  given  reduction  in  recovery  factor  for  values  of  X  ^  0 
since  more  mass  is  contained  in  the  mixing  layer.  The  value  of  A^  becomes 
equal  to  0  Vv/hen  the  injected  mass  is  equal  to  the  total  mass  in  the  mixing  lay¬ 
er  below  the  zero  streamline.  If  the  mass  were  injected  with  little  momentum,] 
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the  *ralue  of  X.,  which  is  the  velocity  of  the  mixture  of  injected  and  recircula¬ 
ting  flow,  would  have  to  be  near  aero  for  high  rates  of  mass  injection. 
Thereiore,  high  values  of  X  at  high  vahies  of  mass  injection  would  not  occur 
unless  the  mass  were  injoctcd  with  a  high  velocity  parallel  to  tlie  recirculating 


flow. 
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.  COMPARISON  WITH  HEAT  TRANSFER  EXPERIMENTS 


The  results  of  heat  transfer  measurements  in  the  separated  region  in 
front  of  a  blunt  body  with  a  spike  are  also  given  in  Reference  1.  The  heat 
transfer  and  recovery  temperature  in  such  a  region  can  be  calculated  by  the 
methods  of  Reference  10  using  the  equations  shown  here.  This  calculation 
has  been  carried  out  for  three  cases  studied  in  Reference  I,  the  hemi  = 
spherical  nose  case  with  an  L/D  of  one  and  the  flat-nosed  case  with  L/D  of 
2  and  6.  The  measurements  made  on  the  hemispherical  nose  models  were 
made  by  measuring  the  total  heat  input  to  a  spherical  segment  of  45°  half 
angle  and  also  to  the  full  hemispherical  nose  section.  If  the  total  heat  input 
from  the  separated  region  is  desired,  the  case  of  Li/D  ■  1,  where  the  reat- 
tachmont  is  about  at  the  45°  point,  is  appropriate.  For  the  flat-nosed  model, 
the  heat  transfer  measuring  segment  covered  only  about  one-hnlf  the  area  of 
the  separated  region.  For  those  cases,  tlie  heat  transfer  rate  was  based  on 
the  area  of  the  heat  transfer  segment. 

The  comparison  between  tlie  predicted  and  moasurod  results  are  as 
follows; 

Hemi¬ 
spherical  Flat 


Recovery  factor  calculated 

L/D=l 

L/D=2 

L/D=6 

Pr  .  72 

.049 

.849 

,849 

Recovery  factor  measured 

.870 

.895 

.864 

h  calculated  Btu/ft*soc^R 

.088 

.1198 

.  0848 

Flat  nosed 

h  measured  *' 

.024 

.  0337 

-  0337 

case  based  on 
area  of  heat 

transfer  seg¬ 
ment 
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The  calculated  heat  transfer  rates  are  2  to  3  times  the  experimental  ones 
and  the  calculated  recovery  factors  are  a  little  lower  than  the  measured  ones. 
This  comparison  at  least  provides  an  agreement  on  the  order  of  magnitude 
of  these  values.  The  use  of  Pr  =  0.72  constant  throughout  the  large  tempera¬ 
ture  range  encountered  is  not  too  exact  and  several  approximations  are  in¬ 
volved  in  calculating  the  heat,  transfer  rates  and  correlating  with  the  experi¬ 
mental  data.  Choosing  the  appropriate  heat  transfer  rate  in  the  separated 
region  from  the  available  experimental  data  cannot  be  done  with  certainty. 
Considering  these  approximations,  the  comparison  may  not  be  sc  bad  as  it 
at  first  seems  and  does  give  some  support  to  the  analytical  analysis. 
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8.  APPLICATION  OF  MASS  INJECTION 

The  methods  developed  in  the  preceding  work  may  be  applied  to  a  typical 
configuration.  Figure  10  shows  the  mass  which  must  be  injected  into  the 
separated  region  at  free  stream  temperature  to  limit  the  wall  recovery  tem¬ 
perature  to  1,  2  and  4  times  free  stream  temperature  for  M  between  2  and  10, 
L/D  of  the  separated  region  between  0.  5  and  8,  0,  X  =  0  and  y  -  1^*  i!^ 

this  case,  is  defined  as  the  diameter  of  the  separated  region  at  the  reattach¬ 
ment  point  so  that  the  results  are  independent  of  nose  shape.  The  relation 
for  the  injected  mass  based  on  is 


i  fjj  Uj,  1^  Lj. 

Paj'^oo'i’co 


D 


For  this  calculation,  it  is  assumed  that  the  temperature  of  the  injected  mass 

T 

is  free  stieam  temperature.  For  v,;—  =  I,  the  full  mass  in  the  mixing  region 

•*  a) 

must  be  injected  at  all  conditions  ho  is  constant.  The  mass  flux  ratio 


Pcxj^cti 


and  temperature  ratio  T^/T^  go  down  for  larger  L/D  but  the  length 


of  mixing  layer  increases. 


The  effect  of  decreasing  mass  flux  and  temperature  ratio  as  L/D 
increasoH  at  first  predominates  but  for  longer  spikes,  the  increasing  mixing 
layer  length  becomes  more  important.  These  conditions  result  in  a  minimum 
injection  for  some  intermediate  spike  length.  The  conical  attached  shock 
solution,  on  which  this  flow  model  is  based,  is  not  possible  at  L/D  -  5  and 


M  =  2.  For  the  higher  wall  temperatures  considered,  not  much  decrease  in 
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is  possible  at  the  higher  Mach  numbers  since  the  allowable  wall  temperature 
is  still  low  with  respect  to  the  stagnation  temperature.  At  the  lower  Mach 
numbers,  increasing  the  allowable  wall  temperature  causes  large  decreases 
in  the  required  injection. 

The  mass  injection  required  for  a  specific  configuration  is  shown  in 
Figure  11.  The  acnount  of  injection  required  to  limit  the  temperature  on  a 
3  foot  diameter  separated  region  traveling  at  M  =  6  at  100,000  feet  altitude 

Is  shown  for  various  L/D  ratios.  Since  the  Reynolds  number,  baaed  on  the 

/ 

length  of  the  separated  region,  is  about  1.6(10'^)  for  the  shortest  spike  length, 
L/L'  "  0.5,  the  separated  flow  would  not  be  likely  to  remain  laminar.  The 
present  an.nlysis  would  apply  better  to  lower  Reynolds  number  configurations, 
but  the  case  considered  here  was  chosen  to  compare  with  data  on  other  cooling 
methods. 

If  a  spherical  nose  is  used  with  a  spike,  the  diameter  of  the  sphere  will 
have  to  be  larger  than  the  diainuler  of  the  separated  region.  Because  of  the 
relatively  largo  quuntitiiis  of  injected  air  needed  to  limit  the  temperature, 
the  rcattachment  pressure  r.'ilio  is  small  corresponding  to  a  turning  angle  of 
filiout  at  roattachment.  This  nieaiis  th.it  the  conical  separated  region  will 
bo  almost  tangent  to  the  spherical  nose.  The  angle  between  the  spike  and 
the  reattachment  point,  and  the  ratio  of  sphere  diameter  to  separated  region 
diameter  would  bo  as  follows; 


Angle  of 

Sphere  diameter 

L/D 

Separated  Region 

Separated  region  diameter 

.5 

44“ 

1.44 

1.0 

62° 

1.13 

2,0 

75° 

1.03 

In  this  description,  L  is  the  length  of  the  separated  region.  The  actual 
spike  would  have  to  be  longer  to  create  separation  at  the  appropriate  pres¬ 
sure  ratio.  The  Reynolds  number  at  the  separation  point  can  be  selected 
from  the  results  shown  in  Figure. 2. 
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9.  CONCLUSIONS 


1.  Injection  of  cooled  gas  into  a  separated  region  caused  by  a  spike 
in  front  of  a  blunt  body  will  limit  the  temperature  of  the  blunt  body  to 
any  desired  amount. 

2.  The  pressure  in  the  separated  region  caused  by  a  spike  in  front 
of  a  blunt  body  may  be  estimated  by  available  knowledge  on  separation 
and  reattachment. 

3.  The  velocity  of  the  vortex  flow  in  the  separated  region  could  be 
important  in  determining  both  the  pressure  and  temperature,  for  the 
case  of  mass  injection,  in  this  region. 
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Figure  5..  The  thickness  of  and  mass  contained  in  the  mixing 

layer  as  a  function  of  separated  region  velocity  X,  . 
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CHAPTER  m 

SHOCK  LAYER  IONIZATION 

PART  A 

GENERAL  DISCUSSION  OF  IONIZATION  PROBLEMS 


A.  GENERAL  DISCUSSION  OF  IONIZATION  PROBLEMS 

Of  the  many  problems  encountered  by  the  designers  of  ballistic  missile 
nose  cones  one  which  is  of  particular  interest  to  the  designer  of  radomes, 
capable  of  operating  at  hypersonic  speeds,  is  the  problem  of  signal  attenua¬ 
tion  caused  by  the  presence  of  a  plasma  sheath  surrounding  the  forward 
sections  of  a  vehicle.  While  the  interruption  of  signals  due  to  the  existence 
of  the  ionized  layer  of  gas  or  plasma  sheath  can  be  circumvented  to  some 
extent  in  the  development  of  an  ICBM,  signal  interruption  cannot  be 
tolerated  on  manned  reentry  vehicles  and  hypersonic  interceptor  missiles. 
The  problem  of  predicting  the  effects  of  the  plasma  sheath  on  electromagnetic 
radiation  can  he  divided  into  two  areas.  The  first  area  of  effort  is  that  of 
providing  the  accurate  predictions  of  the  details  of  the  ionized  flow  field 
surrounding  the  vehicle.  The  second  area  of  effort  is  concerned  with  the 
determination  of  the  effects  of  a  given  locally  ionized  flow  field  on  the 
transmission  of  electromagnetic  waves  through  this  flow  field. 

Many  analyses  have  been  made  of  the  latter  problem;  however,  they  have 
mainly  been  directed  toward  the  study  of  the  effects  of  a  ntationary  plane- 
uniform  plasma  on  the  transmission  of  a  plane  wave.  This,  of  course,  is 
not  the  situation  in  the  flow  surrounding  a  hypersonic  vehicle  since  the 
plasma  is  moving  and  contains  gradients  in  electron  density.  Also,  the 
wave  fronts  emanating  from  practical  antennas  arc  not  plane. 


The  work  reported  in  the  following  part  will  be  concerned  only  v/ith  the 
determination  of  the  detailed  characteristics  of  the  plasma  flow  fields 
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surrounding  radomea  traveling  at  hypersonic  speeds.  The  effects  of  the 
plasma  sheath  on  signal  transmission  will  not  be  considered  here. 
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B.  AN  APPROXIMATE  METHOD  FOR  THE  CALCULATION  OF 
THE  SHOCK  SHAPE  AND  FLOW  FIELD  PROPERTIES  ABOUT 
LONG  BLUNTED  CONES  AT  HYPERSONIC  SPEEDS 

SUMMARY 

An  approximate  method  for  the  determination  of  the  shock  shape  and 
flow  properties  between  shock  and  body  has  been  developed  for  long  blunted 
cones.  Results  are  presented  for  a  hemispherically  blunted  cone  with  half- 
angle  of  15°,  nose  radius  of  2.5  inches  and  a  ratio  of  nose  radius  to  base 
radius  of  1/6  for  flight  conditions  corresponding  to  M  ®  15,  h  =  150,000  ft. 
and  M  =  2  0  at  200,000  ft.  These  calculations  were  made  assuming  that  the 
air  is  in  thermodynamic  equilibrium.  Electron  density  distributions  were 
also  obtained  for  the  M  =  20,  h  =  200,000  ft.  case  assuming  frozen 
equilibrium.  These  results  are  Included  for  comparison. 

The  method  used  to  compute  particle  collision  frequency  is  described. 
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SYMBOLS 


y 

X 

R 

m 

v 


P 

V 

6 


T 

Vn 


distance  measured  normal  to  axis  of  body 
distance  measured  along  axis  of  body 
nose  radius 
mass  flow 

radial  distance  from  axis  of  body 

density 

velocity 

angle  between  local  flow  direction  and  axis  of  body 

angle  between  flow  direction  at  body  surface  and  axis  of 
body 

distance  measured  normal  to  body  surface 

distance  between  shock  and  body,  measured  normal 
to  the  body 

exponent  in  relation  between  density  (and  velocity)  and 
distance  across  shock  layer 

defined  by  Equation  (8) 
defined  by  Equation  (7) 

coordinate  defined  by  Equation  (9) 

collision  frequency  of  electrons  with  neutral  particles 
collision  frequency  of  electrons  with  ions 
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c  thermal  velocity  of  electroafs 

Hj  number  of  neutral  particles  (atoms  or  molecules) 

of  the  jth  component 

cross  section  for  collisions  between  electrons  and 
neutral  particles  of  jth  component 

T  absolute  temperature 

k  Boltzmann  constant 

m  electron  mass 

L  Loschniidl' s  nvunber 

a  number  of  atoms 

1  ratio  of  number  of  particles  of  jth  component  to  total 

J  nunriber  of  atoms 

Pq  defined  by  Equation  (22) 

e  electron  charge 

<  dielectric  constant  of  the  vacuum 
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Subscripts 

b 

L 

B 

00 

u 


body  value 

value  at  i  =  L  {i.  e.  at  shock) 

shock  value 

free  stream  value 

value  at  standard  conditions 
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1 .  INTRODUCTION 


This  report  describes  a  method  which  will  permit  an  approximate 
definition  of  shock  shape  and  flow  field  properties  about  bodies  which  are 
typical  of  radome  shapes.  Effort  has  been  directed  toward  obtaining  a 
method  which  although  approximatSt  is  fairly  rapid  and  which  has  associat¬ 
ed  with  it  a  reasonable  accuracy.  The  intention  is  to  provide  an  interim 

-  i 

solution  which  has  sufficient  merit  to  be  useful  for  preliminary  engineering 
estimates.  More  accurate  methods,  such  as  real  gas  characteristics,  are 
available  but  require  lengthy  machine  calculations.  The  approximate  method 
which  has  been  developed  makes  use  of  some  results  obtained  using  the  real 
gas  characteristics  method  as  have  been  applied  to  other  problems.  Until 
such  tune  as  the  real  gas  characteristics  calculations  can  be  reduced  to 
routine  machine  operation,  the  following  method  is  proposed. 


2.  DESCRIPTION  OF  METHOD 

The  approximate  method  considers  two  problems;  (1)  the  determination 
of  the  shock  shape  about  the  body,  and  (2)  the  determination  of  the  flow  field 
properties  across  the  shock  layer  at  various  stations  located  normal  to  the 
body  surface. 

a.  Determination  of  Shock  Shape 

For  long,  spherically  blunted,  cones  of  the  typo  under  consideration, 
it  has  been  found  that  ths  shock  shape  can  be  reasonably  approximated  by 
the  following  method.  These  results  will  yield  gross  properties  of  the  shock 
system.  Exact  details  of  shock  shape  such  as  the  overexpansion  at  the 
sphoro-cono  junction  are  not  predicted  by  this  method.  For  the  15°  half 
angle  cone  considered  here,  the  magnitude  of  the  overexpansion.is,  in  any 
case,  relatively  small.  For  the  given  body  shape,  the  effect  can  be  neglect¬ 
ed  for  considerations  relating  to  overall  engineering  design  estimates. 

The  sliocV  nhetid  of  the  spherical  body  surface  corresponding  to  approxi¬ 
mately  one  radian  of  body  arc  length  measured  form  the  body  conlerline  can 
be  described  by  a  parabola 

=  K(|) 

where  the  arbitrary  constant  K  is  determined  by  requiring  that  the  radius 
of  curvature  of  the  shock  at  y  =  0  match  the  radius  of  curvature  of  the  body 
at  X  =  0,  y  =  0.  This  approximation  is  well  known  and  has  been  fotind  to  be 
adequate  as  checked  by  real  gas  characteristics  calculations. 
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For  this  class  of  bodies,  the  effect  of  blunting  (shock  curvature)  is 
felt  only  over  a  relatively  small  part  of  the  whole  shock.  For  given  flight 
conditions,  the  inclination  of  the  conical  shock  is  known;  however,  its 
location  is  not  known  a  priori.  From  previous  calculations  on  similar  blunt 
bodies,  it  develops  that  the  effect  of  blunting  is  no  longer  present  beyond 
the  vicinity  of  about  one  radius  length  from  the  juncture  of  sphere  and  cone. 
This  means  that  the  origin  of  the  conical  portion  of  the  shock  may  be  located 
somewhere  along  a  station  approximately  one  radius  from  the  juncture  of 
the  sphere  and  the  body.  A  station  is  defined  as  a  line  normal  to  the  body 
surface.  For  long  slender  bodies,  it  will  become  evident  from  the  following 
development  that  the  error  introducted  by  the  improper  selection  of  the 
station  where  the  shock  becomes  conical  is  not  critical.  It  is  suggested 
that  the  station  for  the  origin  of  the  conical  flow  may  be  reasonably  assumed 
to  be  one  radius  downstream  from  the  sphere -cone  Junction. 

The  point  along  this  station  where  the  origin  of  the  conical  shock  is 
located  remains  to  be  determined.  Because  of  the  cone  blunting,  it  is 
known  th:^t  the  conical  shock  must  be  located  further  from  the  body  ihhan  the 
conical  shock  which  would  result  from  a  pointed  cone  with  the  same  half 
angle  at  the  flight  conditions.  The  procedure  for  locating  the  origin 

of  the  conical  shack  consists  of  arbitrarily  selecting  several  possible  loca¬ 
tions  for  the  conical  shock  along  the  station  located  at  one  radius  from  the 
sphere-cone  juncture  and  from  mass  flow  considerations,  applied  at  the 
rear  of  the  body,  selecting  which  origin  location  is  appropriate..  The 
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application  of  continuity  considerations  at  the  rear  of  the  body  requires 
some  knowledge  of  the  density  and  velocity  profiles  at  the  rearmost  stations. 
Fortunately,  for  this  type  of  body,  the  density  and  velocity  profiles  far 
back  on  the  body  are  essentially  those  corresponding  to  the  conical  flow 
field  with  a  correction  for  the  high  entropy  layer  near’  the  body  surface  due 
to  the  blunting  of  the  cone.  In  first  approximation,  this  may  be  accomplish¬ 
ed  by  assuming  that  the  pressure  is  constant  across  the  layer  at  the  rear  of 
the  body,  there  approximating  the  entropy  profile  as  a  step  function  compris¬ 
ed  of  two  ontroi>y  layer«;  the  layer  close  to  the  body  at  the  entropy  level 
behind  the  normal  shock,  and  the  layer  behind  the  shock,  at  the  entropy  level 
corresponding  to  the  conical  shock.  The  thickness  of  Iheee  two  layers  is 
then  determined  by  finding  the  location  of  the  streamline  which  separates 
the  two  layers  and  satisfies  overall  continuity. 

Knowing  the  Inclination,  and  now,  the  location  of  the  conical  shock, 
there  remains  to  connect  the  parabolic  shock  over  the  nose  with  the  conical 
shock  over  the  aft  pfirtlon  of  the  body.  The  shock  shape  in  this  region  has 
been  found  to  be  rcasuniibly  well  approximated  by  the  following  cubic: 


s  = . 

1 

1 

■«  b 

I 

“  +  c 

I  +  d 

R 

R 

R 

where  the  four  arbitrary  constants  are  determined  by  matching  coordinates 
and  slopes  of  the  parabolic,  and  conical  shocks. 


From  this  development,  it  is  clear  that  any  reasonable  error  in  tlie 
determination  of  the  location  of  the  station  where  the  conical  shock  originates 
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does  not  result  in  large  changes  in  the  shock  shape.  The  portion  of  the 
shock  given  by  the  cubic  is  only  weakly  dependent  on  the  x-coordlnate  of 
the  cubic-conical  juncture.  Consequently,  the  shock  shape  does  not  change 
significantly  when  this  boundary  condition  varies  while  the  other  three 
boundary  conditions  remain  fixed. 

b.  Flow  Field  Properties 

With  the  shock  shape  approximated,  all  the  properties  immediately 
behind  the  shock  can  be  determined.  On  the  body,  the  pressure  distribvition 
is  approximated  using  Newtonian  theory  applied  over  the  forward  portion 
of  the  nose  combined  with  a  Prandtl-Meyer  expansion.  The  two  theories 
are  joined  where  the  pressure  and  the  derivative  of  the  pressure  match. 

The  Prandtl-Meyer  expansion  is  then  faired  into  the  value  of  pressure 
corresponding  to  the  cone  surface  pressure.  With  the  pressure  distribu¬ 
tion,  the  entropy  on  the  body  surface,  and  the  total  enthalpy  of  the  flow  field 
known,  all  other  propretles  and  quantities  on  the  body  surface  are  determin¬ 
able. 

The  analysis  of  thu  flc”'  field  is  divided  into  two  regions  »  the  region 
where  the  profiles  across  the  layer  are  Influenced  only  by  the  curved  shock 
and  the  region  where  the  flow  field  is  influenced  by  the  conical  shock. 

In  the  region  where  the  shock  is  curved  with  the  shape  of  the  shock,  and 
the  pressure  distribution  known,  appropriate  functional  forms  are  assumed 
for  several  of  the  quantities  defining  the  flow  field.  A  mass  flow  balance  is 
Sfjt  up  across  the  shock  layer  from  which  the  constant  appearing  in  the  func¬ 
tional  forms  is  determined.  It  must  he  emphasized  that  the  roeults  of  this 
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calculation  are  necessarily  approximate.  The  analysis  yields  a  flow  field 
which  satisfies  conservation  of  mass  on  the  average  across  the  layer. 
Momentum  auid  energy  are  not  conserved.  However,  by  choosing  functional 
forms  appropriately  (i.e,,  by  physical  considerations)  for  the  various 
queintities  appearing  in  the  mass  balance,  the  solution  obtained  cannot 
deviate  far  from  physical  reality. 

Consider  each  station  to  be  a  line  normal  to  the  body  surface  between 
the  body  and  the  shock.  Let  I  denote  distance  along  this  line,  measured 
from  the  body.  Then  the  mass  flow  across  this  control  surface  is  (see 
Figure  1)  L 

m  =  2  TT  1  r  p  V  cos  (0  -  0^)  di  (1) 

‘b 

where  0  and  0^  are  the  local  and  body  values  of  flow  direction  with  respect  to 
the  axis,  respectively.  The  quantity  r  may  be  expressed  in  terms  of  I  by 

r  «  Tb  +  (iL"^b^'£  (■2) 

The  following  assumptionii  are  made  with  respect  to  the  remaining  quantities 
of  Equation  (1 ). 

At  hypersonic  speeds  the  shock  wave  wraps  itself  closely  around  the 
body.  Except  in  the  vicinity  of  the  stagnation  point,  the  flov^  direction  at 
the  shock  wave  is  not  very  different  from  the  flow  direction  at  the  body.  The 
value  of  cos  (9  -  9jj|)  is  then  very  clcse  to  unity.  No  significtinl  error  will  be 
made,  therefore,  if  one  uses  a  linear  variation  of  this  function  between  the 
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body  and  the  shock  wave 


cos  (0  -  Q^)  =  1  - 


1 


-  co8(9j^-  0 


JL 

L 


(3) 


This  approximation  is  not  valid  in  the  nose  region  very  close  to  the  axist 
■An  alternative  approach  for  the  streamline  passing  through  the  stagnation 
point  is  discussed  later. 

Inspection  of  known  solutions  for  other  bodies  of  similar  shape  indica'tes 
that  the  density  and  velocity  profiles  vary  very  slowly  near  the  body  surface 
and  have  increasing  value  of  slope  as  the  shock  wave  is  approached.  Hence, 
the  following  forms  are  assumed  fur  the  density  and  velocity  profiles; 

f 

P  =  Po  +  Pi  (l  ) 


V  =  Vo  +  V,(£)" 


(4) 


The  values  of  the  constants,  p^j,  Pj ,  and  Vj,  can  bo  determined  by 
requiring  that  the  density  and  velocity  at  the  body  and  at  the  shock  wave 
have  the  values  consistent  with  the  flight  condition  and  the  assumed  pres¬ 
sure  distribution  and  shock  shape.  Thus,  one  obtains 


P-Pb  +  (P,-P^)({) 


V-  Vb  +  (V,-Vb)(£)" 


(5) 


where  L  "  total  distance  between  shock  and  body  normal  to  the  body. 

I  =  distance  to  any  point  In  the  field  measured  from  the  body  in 
the  distance  of  L 
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and  the  subscripts 

b  -  referring  to  the  body  values 
s  -  referring  to  shock  values 

The  value  of  n  may  be  determined  by  inserting  Equations  (5)  in  Equation  (1), 
noting  that  m  =  irr*  solving  the  resulting  algebraic  equation  for 

n.  Here*  r^  is  the  value  of  r  at  i  =  L. 

It  is  pointed  out  that  because  of  the  approximation  scheme  used*  not 
only  does  this  method  give  approximate  solutions*  but  the  results  are  not 
necessarily  thermodynamically  consistent.  Thus,  one  can  determine  the 
streamlines  by  calculating  the  position  on  the  control  surface  at  which  the 
stream  tube  to  be  determined  intersects  the  control  surface,  The  stream¬ 
lines  should  be  lines  of  constant  entropy.  However,  if  one  used  the  calculat¬ 
ed  values  of  density  and  velocity  together  with  the  total  enthalpy  appropriate 
to  the  problem  at  hand,  a  slightly  different  value  of  entropy  is  generally 
obtained.  The  difference  In  the  two  values  of  entropy  depends  essentially 
on  how  good  the  approximations  are  that  are  used  to  represent  the  various 
quantities  entering  into  Equation  1.  For  the  calculated  results  presented  in 
this  report,  the  entropy  profile  calculated  from  the  locally  determined  flow 
field  properties  were  found  to  be  in  close  agreement  with  the  entropy  profiles 
determined  from  the  entropy  behind  the  shock  and  traced  back  to  the  partic¬ 
ular  station  in  questio,n  along  the  flov/  field  streamlines. 

It  is  noted  that  better  results  might  be  expected  if  the  functional  forms 
were  chosen  with  additional  unknown  constants  to  be  determined  by  requiring 


conservation  of  momentum  and  energy  across  the  shock  layer.  Such  a 
calculation  would  be  straightforward  for  a  perfect  gas.  In  the  case  of  a 
chemically  reacting  gas.  the  equation  of  state  is  not  known  analytically  and 
one  would  have  to  resort  to  trial -and-error  methods  of  calculation. 

In  the  region  where  the  flow  field  is  influenced  by  the  conical  shock, 
a  slightly  different  procedure  is  employed  to  determine  the  flow  field 
properties.  The  functional  form  suitable  for  the  density  and  velocity  is 
still  the  exponential  variation,  Equation  (5)i  however,  it  is  employed  only 
in  the  region  between  the  body  and  the  point  in  the  field  where  the  field 
properties  become  constant,  corresponding  to  the  portion  of  the  flow  field 
influenced  by  the  conical  shock.  The  previously  described  method  of  com¬ 
paring  the  entropy  profiles  at  a  station  is  employed  in  the  same  manner  to 
check  for  thermodynamic  consistency  of  the  results. 

Where  the  conical  flow  field  is  a  significant  portion  of  the  flow  field, 

1.  e.,  far  back  on  the  body,  the  procedure  for  obtaining  properties  at  down¬ 
stream  stations,  once  the  properties  at  an  upstream  station  (in  the  region  of 
influence  of  the  conical  shock)  have  been  determined,  may  be  simplified 
further.  Assume  that  the  entropy  profile  across  the  layer  at  an  upstream 
station  has  been  calculated  to  a  satisfactory  approxlmatioit  by  the  previously 
described  method.  At  other  downstream  stations,  far  back  on  the  body,  the 
pressure  across  ths  layer  is  for  all  practical  purposss  constant,  and  equal 
to  the  value  behind  the  shock.  The  entropy  profile  at  the  downstream  station 
may  be  approximated  by  applying  an  affine  transformation  to  the  entropy 
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profile  of  the  upstream  station  such  that  the  resulting  profile  has  the  correct 
distribution  of  entropy  corresponding  to  the  constant  entropy  thickness  of  the 
layer  at  the  downstream  station.  The  thickness  of  the  constant  entropy 
layer  can  be  estimated  by  mass  flow  considerations.  Using  the  transformed 
entropy  profile  and  the  asstunption  of  constant  pressure  across  the  layer 
the  remaining  properties  can  be  determined, 
c.  Stagnation  Region 

In  the  vicinity  of  the  stagnation  point  the  following  method  for  deter¬ 
mining  flow  field  properties  may  be  employed. 

In  the  region  of  the  stagnation  point  the  local  Mach  number  is  quite  low 
and  hence  there  is  very  little  variation  in  the  state  properties  from  point-to- 
point,  A  reasonable  approximation  is  therefore  to  consider  the  fluid  to  be  of 
constant  composition.  The  idea  of  using  an  assumed  form  for  some  of  the 
physical  quantities  may  then  be  coupled  with  some  of  the  analytical  results 
of  ,'ferrl  and  Vaglio-Laurln  (Reference  1)  which  was  developed  f<r  the  pur¬ 
pose  of  determining  the  flow  field  about  blunt  bodies  at  supersonic  spends. 
The  latter  method  allows  an  exact  numerical  integration  of  the  differential 
equations  to  be  performed,  but  must  be  carried  out  on  a  high  speed  computer 
jUI  of  the  thermodynamic  quantities  of  interest  vary  very  little  on  the 
axis  between  the  shock  and  the  body.  The  quantity  which  undergoes  the 
largest  change  is  the  velocity.  Hence,  if  the  variation  of  the  velocity  is 
closely  approximated,  all  other  quantities  will  be  determined  to  a  still  better 
degree  of  approximation.  Since  both  the  velocity  and  velocity  gradient  vary 
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frequency  of  the  electrona  by  splitting  it  into  two  parts: 


+  Vj  (15) 

where: 

=  collision  frequency  of  electrons  with  neutral  particles 
vj  =  collision  frequency  of  electrons  with  ions. 

The  first  term  is  given  by  the  formula: 

Vn  =  (16) 

where:  c  is  the  thermal  velocity  of  the  electrons  (in  m/a) 

nj  la  the  niunber  of  neutral  particles  (atoms  or  molecules)  of  the 

J-th  component  of  air  per  cubic  meter 

Qj  is  the  cross -section  for  collisions  bebveen  electrons  and  neutral 

particles  of  the  J-^th  component  (in  square  meters). 

The  velocity  is  computed  by  the  formula; 

c  =  (^r^)  *10*  (MKSn  units)  (17) 

where  k  is  tho  Boltzmann  constant: 

-23 

k  =  1.  38  X  10  joule/'^K 
and  m  is  the  electron  mass; 

m  =5  9  X  10  Kg 

Thus,  we  can  write,  instead  of  Equation  (17): 

c  =62401^^^'  (m/s)  (18) 

In  computing  the  nj  -  s,  we  made  use  of  References  5  and  6,  There 
are  some  discrepancies  between  the  numerical  results  of  these  papers,  but 
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they  are  of  an  order  of  magnitude  which  do  not  affect  our  conclusions.  In 
fact,  all  we  are  interested  in  (and,  on  the  other  hand,  all  we  can  pretend 
to  get)  is  the  ordei'  of  magnitude  of  the  collision  frequency.  Now,  this  order 
of  magnitude  is  not  affected  by  the  small  differences  between  the  results  of 
References  5  and  6.  The  same  argument  applies  to  other  simplifications 
which  we  adopted. 

We  assvtmed  as  standard  density  the  value: 

p  =  8.04X  10“*  lb/ft» 
o 

The  number  of  molecules  contained  in  a  cubic  meter  of  air  (Loschmidt's 
number  in  MKSQ  units)  at  stai^dard  conditions  is: 

Lo  =  2.687  X  10^® 

according  to  Reference  7.  The  corresponding  number  of  atoms,  Oq,  is 
Sq  =  1 .991  X  2.687  x  10^®  =  5,35  x  10^® 
assuming  that  99%  of  the  air  is  biatomic  and  1%  is  monatomic. 

Nevertheless,  Reference  6  used  a  value  of 
Lq  =  2.568  X  10^^ 
which  gives  a  value  for  Oq: 

Og  =  5.12  X  1025 
We  rounded  to  the  value: 

Oq  =  5 . 2  X  10^®  m  * 

Figures  2  and?,  drawn  using  the  results  of  Reference  5,  give,  for  the 

principal  components  of  air,  the  ratio  oj: 

~  number  of  particles  of  the  j-th  component 
J  total  number  of  atoms 
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as  a  function  of  T  and  p/p^*  j 

We  may  assiune  that  the  composition  of  the  air  does  not  change  when 
passing  from  the  standard  conditions  to  the  non-perturbed  conditions  at  the 
flight  height.  In  the  "hot'*layer  behind  the  shock  wave,  the  molecular  com¬ 
position  is  changed,  but  the  atomic  composition  remains  the  same,  in  thermo 
dynamic  equilibrium.  So,  we  may  express  every  nj  as  the  product  of  the 
corresponding  Oj  by  a,  the  number  of  atoms  contained  in  a  cubic  meter  of 
air  at  the  considered  temperature  and  density,,  where  in  turn  a,  according 
to  the  previous  argument,  is  obviously  given  by; 

a  =  Uq  p/po  =  5.2  X  10^^  p/pij  (m"^)  (19) 

Thus,  from  Equations  (16),  (18)  and  (19),  we  get 

=  3.24  X  10^9  t1/2  ^  (sec'^)  (20) 

^0 

provided  that  the  cross-section  Qj  be  given  in  m^. 

Figure  8,  talion  from  Reference  (8),  gives  the  cross-sections  as 
functions  of  the  temperature. 

The  second  term  in  Equation  (15)  is  computed  following  Reference  9; 

V.  =  Sir  logA  ,  cn^p,*  (21) 

where  log  A  is  evaluated  from  the  Tabla  5, 1  of  Reference  9,  and  c  again 
is  given  by  Equation  (18).  In  Equation  (21),  n£  is  the  number  of  ions  per 
cubic  meter,  which  again  may  be  written  as  the  product  of  a  by  the  number 
of  ions  per  mimber  of  air  atoms.  Figure  7,  taken  from  Reference  6,  gives 
the  ratio  tq  between  the  number  of  ions  and  the  total  number  of  atoms  as  a 
function  of  the  temperature. 
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Th»  length  (Reference  9>  page  67)  is  giveni  in  MKSQ  units  by: 

Pq  =<»*/4  me"*  (m)  (22) 

where: 

e  '  electron  charge  =  1.6  x  10  coulombs 
m-  electron  mass  =  9  x  10“^^  Kg 

I  -9 

«  =  dielectric  constant  of  the  vacuum  =  10  farad  m 

36ir 

Here  we  assumed  that  the  whole  of  the  ions  are  simply  ionised.  So  we  have 

using  Equation  (18) 

6.58  X  10-6 

Po  ®  -  meters  (23) 

and  from  Equations  (21),  (18),  (19)  and  (23),  we  have 

jn  T  p  , 

Vi  =  3.4xlQ20log  oj  ^  (sec  1)  (24) 
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-ftJ*PLICATIONS 

Results  of  the  application  of  this  approxlmats  method  to  sever»l  cases 
are  presented  in  the  following  section. 

Figure  9  shows  the  shock  shape  as  developed  for  M  =  2  0,  h  =  200,  000  ft. 
The  equations  of  the  shock  shape  are  given  on  Figure  9.  The  locations  of 
the  ten  stations  where  the  flow  field  properties  were  determined  are  also 
indicated.  The  calculated  pressure  distribution  for  this  flight  condition  is 
given  in  Figure  10.  Figures  11,  12,  13  and  14  show  the  calculated  density, 
temperature  and  entropy  profiles  at  the  various  stations  along  the  body. 

These  calculations  are  based  on  argon-free  air  in  thermodynamic  equilibrium 
using  the  results  of  Reference  2  and  the  atmosphere  detailed  in  Reference  3. 

Using  the  density  and  temperature  profiles  at  each  station,  the  electron 
density  distribution  was  obtained.  These  profiles  are  shown  in  Figure  IS. 
For  electron  densities  below  10^^  particles/c.  c.,  the  data  of  Reference  4 
used,  while  for  denaitlof  groater  than  10^^  particlos/c.  c<. ,  the  data 
of  Reference  5  was  employed. 

Collision  frequency  has  been  computed  using  the  above  results  by  the 
I  described  previously.  Figure  16  shows  the  results  of  this  culcula- 


The  flow  field  about  this  same  body  has  been  examined  at  a  different 


flight  condition  using  the  same  approximate  method.  The  flight  condition 
selected  was  M  =  15,  h  =  150,000  ft.  again,  assuming  the  gas  in  the  shock 
layer  to  be  in  thermodynamic  equilibrium.  For  this  case,  the  equations 
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of  the  shock  were  found  to  be 

y*  X 

R=2.tl8R  (01^1.280)  (25) 

I  =  -.  125  -  +  2.22  I-  *  -2.481  I  +  0.93  (26) 

R  R  R  1  R 

0.280<  -  ^  1.7036 

^-=  tan  17.1°  ^2;  1.7036  (27) 

dx  R 

Surface  pressure  is  given  by  Figure  17. 

The  density  and  temperature  profiles  calculated  for  the  same  stations 
as  the  previous  case  are  presented  in  Figure  18.  The  corresponding  electron 
density  and  collision  frequency  profiles  are  shown  in  Figures  19  and  20, 
respectively. 

To  obtain  an  approximation  of  the  difference  in  res\;],t8  depending  upon 
the  assumption  of  frozen  or  equilibrium  flow,  a  third  case  was  inV'istigated. 
The  case  considered  was  M  =  20,  h  =  200,  000  ft.  Howove  r,  frozen  flow 
was  aasumed  in  the  calculation. 

The  calculation  procedure  employed  involves  assuming  the  shock  shape 
is,  in  first  approximation,  the  same  as  the  shock  shape  determined  for  the 
M  =  20,  h  =  200,  000  ft.  equilibrium  flow  calculation.  With  this  shock  shape 
it  is  possible  to  determine  enthalpy,  pressure  and  density  locally  behind  the 
shock,  The  internal  energy  Is  given  by 

e  =  h  -  J  (28) 
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(29) 


from  thill  the  speed  of  sound  ctm  be  obtained  using 
6*  *  (h  -  e)  ^  *  Y  ^ 

and  subsequently  the  local  value  of  y  can  be  determined. 

The  flow  behind  the  shock  is  divided  into  stream  tubes  using  the  average 
values  of  y  average  initial  properties  as  determined  above.  Assiuning  that 
the  downstream  pressure  at  any  station  is  the  average  value  between  shock 
and  body,  and  that  isentropic  Aow  at  the  constant  average  gamma  exists  in 
each  stream  tube,  it  is  possible  to  compute  average  downstream  properties. 
From  the  average  properties,  the  location  of  the  streamlines  wi.thin  the 
shock  layer  can  be  obtained.  At  any  particular  station,  the  summing  of  the 
stream  tube  locations  eventually  locates  the  shock  position  at  that  station. 

In  our  case,  when  this  was  done,  it  was  found  that  little  change  occurred  in 
shock  location  so  the  problem  was  not  Iterated  using  ths  new  shock  shape. 

The  electron  density  profiles  determined  using  this  msthod  of  calcula¬ 
tion  were  obtained  for  several  stations  along  the  body  and  are  shown  in 
Figure  21.  Comparing  these  results  with  the  calculation  at  the  same  flight 
condition  but  assuming  equilibrium  flow,  it  is  seen  that  the  electron  density 
computed  on  a  frozen  flow  basis  is  generally  lower  near  ths  body  surface  for 
the  forward  stations  and  generally  lower  across  the  whole  layer  for  statione 
far  back  on  the  body.  These  results  should  not  be  generalized,  however, 
since  the  comparison  was  made  at  a  single  flight  condition. 

The  analysis  which  has  been  described  neglects  viscous  effects.  The 
effects  of  the  boundary  layer  have  been  considered  for  the  M  =  20, 
h  ^  200.  000  ft.  flight  condition.  Results  of  this  calculation  show  that  the 
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region  wltlliin  the  boundary  layer  where  significant  reductions  in  temperature 
occur  is  confined  to  a  thin  layer.  At  the  rear  of  the  body,  for  assumed  wall 
temperatures  of  1000  and  4000'^R.  this  lower  temperature  layer  has  a  thick¬ 
ness  which  is  less  than  10%  of  the  distance  between  the  shock  and  the  body. 
With  the  inherent  approximatiun  of  the  method  considered,  neglecting 
viscous  effects  appears  justifiable. 
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4.  CONCLUSIONS 

An  approximate  procedure  for  predicting  shock  shape  about  a  blunted 
body  similar  to  a  radorne  shape  and  for  predicting  gross  effects  within  the 
shock  layer  surrounding  the  body  has  been  developed.  The  method  is  rapid 
and  suitable  for  engineering  estimates.  For  a  detailed  understanding  of 
the  blunt  body  problem,  more  accurate  methods  such  as  real  gas  character¬ 
istics  must  be  employed. 
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